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An Approach to the Constrained Design
of Natural Laminar Flow Airfoils

Bradford E. Green
Joint Institute for Advancement of Flight Sciences
The George Washington University

Abstract

A design method has been developed by which an airfoil with a substantial amount
of natural laminar flow can be designed, while maintaining other aerodynamic and geo-
metric constraints. After obtaining the initial airfeilpressure distribution at the design
lift coefficient using an Euler solver coupled with an integral turbulent boundary layer
method, the calculations from a laminar boundary layer solver are used by a stability anal-
ysis code to obtain estimates of the transition location (using N-Factors) for the starting
airfoil. A new design method then calculates ayeampressure distribution that will
increase the laminar flow toward the desired amount. An airfoil design method is then
iteratively used to design an airfoil that possesses trgdttaressure distribution. The
new airfoil's boundary layer stability characteristics are determined, and this iterative pro-
cess continues until an airfoil is designed that meets the laminar flow requirement and as
many of the other constraints as possible.

1.0 Introduction

Since Orville Wight first flew in December of 1903, there have been considerable
attempts to find methods to reduce the drag of airplanes. A reduction in drag means that
airplanes can operate mordi@éntly by using less fuel, which results in lower operating
costs and smallequieter engines. Also with the reduction in fuel consumption comes the
ability to produce aircraft with longer ranges and bigger payloads.

In the 19308, it was found that longer runs of laminar flow over an airfoil resulted in a
lower profile drag and that favorable pressure gradients contributed to prolonged laminar
boundary layers (refl). Using these ideas, pressure distributions having the pressure
minimum located near the position of desired transition were sought. Once the desired
pressure distribution was found, an airfoil with that pressure distribution was then derived,
using theoretical techniques such as Theodaseathod (ref2), and tested. The NACA
1-6 series airfoils are examples of airfoils that were designed in this mann8j.(r€his
was the birth of attempts to achieve long runs of natural laminar flow (NLF) to reduce air-
plane drag.

In the 19608, a new method for creating long runs of laminar flow was utilized. Now
called laminar flow control (LFC), this method achieved laminar flow through suction
holes located at selected spanwise stations on the wing. There are two results of boundary
layer suction. First of all, boundary layer suction thins the boundary layer and lowers the
effective Reynolds number. Secondly, boundary layer suction changes the boundary layer
profiles. The changes that result contribute to boundary layer stabitiigh results in



longer runs of laminar flow (re#). Since then, this technology has been further
researched and several airfoils using LFC have been developed (refs. 5,6).

Although the benefits of LFC are tremendous, especially in three-dimensional flows,
the physical application of an LFC system to a wing causes several problems. One prob-
lem is the increased weight that the system adds to the airplane. Since the aircraft weight
is increased, a trade-off must be made to get the true benefits of the LFC system. Another
problem of LFC is contamination from insects and icing. Often times, insect remains or
ice on the surface trip the boundary layeducing the étiency of the LFC system.
Another possible problem arises if a mechanical failure occurs and the system on one
wing does not work propetlyin this case, lift will be lost on the wing and its drag will
increase, causing unwanted rolling and yawing moments. If these problems with LFC
systems can be overcome, perhaps the true benefits of the technology can be experienced.

Within the past fifteen years, due to the advances of the modern-day corapeier
more research has gone into the benefits of and the methods for achievingliiosigh
most of this research has been applied to designing airfoils (refs. 7-11), some research has
been done on designing fuselages for NLF (rE2s14). The methods implemented for
designing airfoils with long runs of NLF seem to be mainly trial and error methods using
linear stability theory to assess théeet of changing the pressure distribution, although
there have been some optimization methods developed for axisymmetric airplane ele-
ments (ref12). Thus, the design methods employed for modifying airfoil pressure distri-
butions often required extensive knowledge and experience.

In this papera constrained design method is presented for modifying an aidbdpe
such that long runs of NLF can be achieved. The design method uses an Euler solver cou-
pled with an integral turbulent boundary layer method and a laminar boundary layer solver
to calculate the velocity and temperature profiles at each airfoil station. A boundary layer
stability analysis code is then used to find the stability of the boundary layer in terms of N-
factors, which are the logarithmic amplification of thalmien-Schlichting (T-S) waves.
After calculating a tayet N-Factor distribution that forces transition to occur at the desired
location, a new method is used to calculate getapressure distribution that is closer to
meeting the NLF constraints, while maintaining several aerodynamic and geometric con-
straints. Once the new ¢gat pressure distribution is calculated, an airfoil design method
is used to design an airfoil that has that pressure distribution. This process is iterated until
an airfoil is designed that meets the desired NLF, aerodynamic and geometric constraints.

2.0 Overview of the Airfoil Design Method

The flowchart shown in Figure 1 demonstrates the process by which the final NLF air-
foil is iteratively designed. The first module on the flowchart uses the Euler solver dis-
cussed in SectioB.1 and the turbulent boundary layer method discussed in S2Qitm
calculate the pressure distribution of the current airfoil. This pressure distribution is then
analyzed by the laminar boundary layer solver discussed in S&c3ida calculate the
boundary layer velocity and temperature profiles. The stability analysis code discussed in
Section2.4 then uses this data to calculate the N-Factor distribution for the current airfoil
and pressure distribution. Using the current N-Factors and pressureargbePressure
Design module, which is discussed in Chapter 3, calculateget taessure distribution,
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from which an airfoil can be designed using the flow solver and the airfoil design method
discussed in Sectich5. Howeverthe taget pressures often need to be modified while
designing the new airfoil. These modifications are made by the Moalfje{lPressures

to Enforce Constraints module, which is discussed in Chapter 4.

Chapter 5 is included to show some results of the NLF airfoil design method. Airfoils
were designed for glidecommuter and subsonic transport aircraft, which covers a wide
range of Mach numbers, Reynolds numbers, and airfoil thicknesses.

While Chapters 3 and 4 discuss the newly developed components used in this project,
the current chapter is devoted to discussing the existing codes that have been coupled
together to design new NLF airfoils. The computer used was a Silicon Graphics Indigo2
workstation with an R4000 processor; all CPU times mentioned pertain to this computer.

2.1 Euler Solver

The Euler solver used is called GAUSS2 (General purpose Approximate factorization
Upwind Scheme with Shock fitting, 2-Dimensional version), and was written by Peter
Hartwich (refs.15-17). The code solves the two-dimensional, compressible, non-conser-
vative Euler equations on a structured mesh.

GAUSS2 uses an upwind method that constructs a finiterelifce scheme based on
the theory of characteristics. Since the upwinding technique used is the non-conservative
split-coeficient matrix (SCM) method, the code is fast arfttieint. The dependent vari-
ables used are the speed of sound, and the two Cartesian velocity components, all of which
are required in any upwind scheme. Entropy is chosen as the fourth dependent variable,
which reduces the energy equation to a simple convection equation.

Away from shocks, fully one-sided, second-order accurate spateretites are used
to update the solution. The shocks are resolved using a floating shock fitting method that
allows the shock to float between two grid points. Across the shock, the Rankine-Hugo-
niot relations are explicitly used to update the solution using the speed of sound and
entropy variables.

The solution is advanced in time using a time-implicit operator containing block-tridi-
agonal matrices for the two-dimensional Euler equations. For calculating transient flows,
the second-order accurate Crank-Nicholson timferdincing is used. For the steady-state
calculations used in this studye first-order accurate Eulbackward time discretization
is used due to the quick convergence rate that results from its better damping properties.

As mentioned previously, GAUSS?2 is a fast flow solver. Typically only 500 CPU sec-
onds are required to calculate the pressure distribution of the initial airfoil at the design lift
coefficient.

As shown in Figurd, GAUSS2 must also be used each time that the airfoil design
method is used to design a new airfoilypiEally, only 60 iterations through the airfoil
design method are needed to design an airfoil that possesses the degtqutéasures.
Approximately 500 CPU seconds are required to complete these 60 iterations.

Required inputs for GAUSS2 include the current airfoil, the angle of attack, and the
free-stream Mach numbeOutputs of the solver include the pressure distribution on the



surface of the airfoil, the location of any shocks on either surface, and the wave drag asso-
ciated with these shocks.

2.2 Turbulent Boundary Layer Method

The compressible turbulent boundary layer method used is a modified version of the
integral method developed by Stratford and Beavers1®gf. The following seven equa-
tions are taken from referent8. Wth M being the local Mach numhean equivalent
flat plate distance is defined as

2 4
:E1+o.21v|Ef‘xﬂ M fy, )

X
M ol 4 g.om?H

This distance represents the length over which a boundary layer growing on a flat plate
would acquire the same thickness as the real boundary layer at that given location and
Mach number (ref. 19).

For free-stream Reynolds numbeRe between 1 and 10 million, the method
expresses the boundary layer thickness as

5 = 0.37x"*Re*%, )

the momentum thickness as

0.70 |
6 = 0.03651+ 01042 X*FRe02 ©)

and the displacement thickness as

44 |
50 = 0.04691+ 0.8m%F X0 8%R 02 (4)

For free-stream Reynolds numbers between 10 and 100 million, the method uses the fol-
lowing relations:

5 = 0230 83%Rg 0167 5)
0.70 _

0 = 0.02251+ 01042 X*83Rg 0167 (6)
] [D.44 _

50 = 0.02871+ 0.8M° X %¥Re ™’ 7)

In order to find expressions for the preceding equations that are a good approximation
throughout the entire range of Reynolds numbers, the equations above have been modi-
fied. The expressions used in the current application of the boundary layer method are

5 = 0.276¢>%Re 18 (8)



0.70 _

0 = 0.02791+ 0.104°F X8R0 18 (9)
44 _

50 = 003471+ 0.801°0 X8R 18 (10)

The original method of Stratford and Beavers does not include a calculation of the vis-
cous drag. As a result, the method of Squire anahy (ref.20) is used for this purpose
and is implemented after calculating the characteristics of the turbulent boundary layer as
described above. This method extrapolates the momentum thickness at the trailing edge
of the airfoil to infinity.

In addition, the original method of Stratford and Beavers does not include a criterion
for predicting the location of turbulent separation. Therefore, the method of reféBence
is included for this reason. This method is based on the pressure gradient parameter

dC /2 10
F = C,PE ho*xral ", (11)

whereX was defined in Equation 1.

The displacement thicknesses calculated using EquEdicare used to calculate an
effective airfoil to account for viscousfetts. Wth j being the airfoil station, the upper
surface of the effective airfoil is calculated using the relation

Yeju=Yjut K(5[D},u + (1-kK) (5[9;,_111, (12)

WhereyeJ is the upper surface of thefedtive airfoil,y, , is thf upper surface of the
current alrf0|l K is a relaxation factor (typically 0.80), ar(«SED u and (6Eb1 are the

upper surface displacement thicknesses of the previous and current iterations, respec-
tively. To calculate the lower surface of the effective airfoil, the relation implemented is

Vet = ¥, —K (8D~ (1-K) (8D} (13)

It is this efective airfoil that is analyzed by GAUSS2 in order to calculate a pressure dis-
tribution.

2.3 Laminar Boundary Layer Solver

The laminar boundary layer solver used is BL3D, which was writtendokiv/lyer
(ref.21). This code is a quick, compressible, three-dimensional solver with fourth-order
accuracy in the wall-normal direction. It is applicable to attached laminar flows where the
perfect gas and boundary layer assumptions are valid.

Since the solver is being used for two-dimensional applications, the x- and y-momen-
tum, continuity and engy equations are solved step-wise starting at the stagnation point
of the flow The method is iterated at each station until the desired game is
obtained. After the solution at each station has cgederthe derivative of the velocity in
the wall-normal direction at the surface is checked to see if the flow has separated. At



each station, the velocity and temperature profiles, their first and second derivatives, and
several boundary layer edge conditions are written out for the stability analysis code.
These are the only outputs that are needed from this solVer inputs required are the
Mach number, Reynolds number, and the airfoil with its pressure distribution.

2.4 Stability Analysis Code

The stability analysis code used in this method is the COSAL (Compressible Stability
Analysis) code written by Mujeeb Malik (réf2). In order to obtain the stability proper-
ties of three-dimensional compressible boundary layers, COSAL solves the eigenvalue
problem by solving an eighth-order system ofadéntial equations. For a two-dimen-
sional case, the problem reduces to a sixth-order system of equations.

Small disturbance theory was used to obtain the basic equations for the linear stability
analysis of parallel-flow compressible boundary layers. A set of five ordinéeyeditial
equations result from the compressible Na@wkes equations and small disturbance
theory These equations are composed of one first-order continuity equation, three sec-
ond-order momentum equations, and one second-ordegyyeaguation. This system can
be reduced to a set of eight first-order ordinary differential equations.

Using a finite diference method, COSAL solves the system of basic equations. In
order to do this, the eigenvalues are initially obtained through a global eigenvalue search
since there are no guesses available. Then, once a guess is obtained, a quick local eigen-
value search is used to continue solving the equations.

COSAL uses temporal stability theory which assumes that the disturbances grow or
decay only with time. As a result, the frequeney is assumed complex,

w=Ww+iw, (14)
while the wave numberé and ¢ are assumed real. The disturbances are said to grow if
w, >0, and decay ity, <0 .

With a complex group velocity defined as

= _ [Pw ow[]

Vo = Oz’ e 0 (15)
an N-factor used for transition prediction is calculated using the relation
N= [ gg (16)
Re,

whereo represents the arc length along a curve on the surface being analyzed.

COSAL can use four ddrent methods to integrate to find the N-Factor at each x-loca-
tion. These methods include the envelope method, the fixed wavelength and orientation
method, the fixed wavelength and frequency method, and the fixed orientation and fre-
guency method. The method used in the current application of COSAL is the envelope



method which requires the real frequenoy to be specified, and then maximizes the
growth rate w, with respect to the wave numbgrs  &nd

Inputs to COSAL include the real frequeney initial wave angle and the boundary
layer profile data from the laminar boundary layer soler this application, the most
important output from COSAL is the N-Factor distribution.

When obtaining the stability characteristics of an airfoil, usually a minimum of 10 fre-
guencies must be analyzed by COSAL. For supercritical cases, perhaps as many as 20 or
25 frequencies must be analyzed. At 200 CPU seconds per fregG&8AL requires at
least 2000 CPU seconds, but perhaps as many as 5000 CPU seconds, for each airfoll
design iteration. This makes the use of COSAL the most expensive aspect of the method.
Approximately 70% of the time required to use this NLF airfoil design method is spent in
COSAL.

2.4.1 Calculation of Analysis N-Factor Distribution

As mentioned above, the envelope method in COSAL is used to obtain the N-Factor
distribution of the particular pressure distribution being analyzed. This method requires
the real part of the frequenqyr and an initial wave anglg to be specified in order to
obtain a unique N-Factor distribution by maximizing the growth eatevith respect to
the wave numberg and&. An infinite number of frequencies occur in nature in the
flow over an airfoil. Therefore, in thegiiyn order to calculate the exact N-Factor distribu-
tion for the pressure distribution being analyzed, COSAL would have to be used to calcu-
late an N-Factor distribution for every frequency that exists in nature.

Since this is not realistic, the pressure distribution is analyzed for a range of frequen-
cies for each airfoil statiop from the stagnation poinj (= 1) to the laminar separation
point ( = k). The lower and upper frequencies of this range, denoted by and

W, max r€spectivelyandn,, the number of frequencies to be analyzed within this range,
are specified. From, , the differential frequerday, is calculated as
o -,
Aw. = r,max r,min 17
r o (17)

This means that the initial frequencies that COSAL will analyze @€ i

w +Awr, w +2Awr, e, @ —Awr , andw,

r, min r, min ' ¥, max

The N-Factor at a particular x-location on the airfoil willfelifwith frequency For a
constant wave angle, the N-Factor at the x-location will increase as the frequency is
increased. Howeveat some critical frequenogbr,Clrit , the N-Factor will be a maximum
and, as the frequency is increased beyond that, it will start to decrease. This is demon-
strated in Figur@ in which a typical N-Factor is shown over a range of frequencies at a
point on an airfoil at a constant wave angle. In genesa|, . is different for each x-
location on the airfoil. As a result, even though each of the frequencies in the specified
range have been analyzed by COSAL, this does not guaranteg thatfor each x-loca-
tion has been determined.

r,max -

Therefore, a method had to be developed that would ensumer,tpﬁ[t for each airfoil
station was obtained. A flowchart of this method appears as RBgurke process begins



by defining two variablesNJ arrdj . With  denoting the airfoll statkbn is the array
of maximum N-Factors, whileo. is the array of critical frequencies correspondlng to the
N-Factors oﬂ\lJ . Initially, both arrayld] amo] are set equal to zero at pvery .

When COSAL is called for the first time, the pressure distribution is analyzed at a fre-

quency ofoor min and the wave angje . The N-Factow fn at station (defined as
) is compared tN. atj. If N, , then N, IS replaced with the value of |
and w, is replaced Wlttmr min- Then the same process is repeated for each of the fre-

quencies in the frequency range, as shown in the flowchart. After this has beeN.done,
contains the first estimate for the array of maximum N- Factorswambntalns the first
estimate for the critical frequencies.

However if any frequency in arrao, is equal tow, ..., then the N-Factor at that sta-
tion j (found in arrayN.) is not really the maX|mum Using the data in Figu@s an
example, if the specified frequency range was 30000 Hz to 40000 Hz, then the frequency
found in w, for this particular stationp would be 30000 Hz since the N-Factor at this sta-
tion is the lagest N-Factor in this range. But looking at the figure, the N-Factor at 30000
Hz is not really the maximum. As a result, frequencies b«abp , must be analyzed in
order to reach the maximum N-Factor for stagonThis is accompllshed by extending
the frequency range by changing the valuemptmn to w, i,—Aw,. After analyzing
this frequency, arraw. is checked to see if it is equalcto? min Aoo foranyj. Ifitis,
thenw, ., needs to be modified again. df . —Aw, does not appear in array
then no smaller frequencies need to be analyzed

Conversely if, after analyzing the specified range of frequencies, any frequency in
array @, is equal tow, ..., then a frequency Iger thanw, .. must be analyzed in
order to find the maX|mum N Factor at that . This can also be demonstrated by Figure 2.
If the specified frequency range was 6000 Hz to 10000 Hz, then 10000 Hz would corre-
spond 0w, may- Although the N-Factor at 10000 Hz is thegkst in this range, it is not
the maximum N-Factor for this station. bar frequencies must be analyzed. After ana-
lyzing frequencyw, ... +Aw,, arrayw. is checked to see i, . +Aw, appears at
anyj. Ifit does, then even a hlgher frequency must be analyzed If it dcthennN IS
the final array of maximum N-Factors. These N-Factors form the analysis N-Factor enve-
lope or distribution for this particular airfoil at the flow conditions.

2.4.2 Use of N-Factors to Estimate the Transition Location

Since COSAL uses thé\‘emethod, the N-Factors that are calculated can be used to
obtain an estimate of the transition location. When the N-Factors exceed a certain value,

N, , transition is estimated to occur at that point.

A wide range of estimates for the valueNgf have been made, depending on whether

the correlation was determined from a wind tunnel experiment or an in-flight experiment.
Using wind tunnel experiments, values between nine arftate been predicted fo¥,,



(refs.23-24), although values as high as 13.5 have been estimated using in-flight experi-
ments (refs. 10, 25).

2.5 Airfoil Design Method

The airfoil design method used is the CDISC (Constrained Direct Iterative Surface
Curvature) method of Richard Campbell (#6). Before designing a new airfoil, the
method first modifies the initial target pressures to meet the desired aerodynamic and geo-
metric constraints. Upon obtaining a finalgeetr pressure distribution, the method modi-
fies the original airfoil to design a new airfoil that has a pressure distribution closer to the
target pressures.

For local Mach numbers less than 1.1, the airfoil is modified to meet et aes-
sures based on the relation (ref. 26)

AC = AC Tgl o (18)

whereC is the curvature of the airfoldC  is the difference between the target and analy-
sis pressures, ardis a parameter equal fo for the upper surface andl for the lower
surface. For local Mach numbers greater than 1.1, the relation (ref. 26)

ac = 28 M 1E,]1+D‘3IyEFErls (19)

dx

is initially used, whereM_; is the free-stream Mach numbeAs the analysis pressures
approach the target pressures, Equati®ims used with Equatiol® to converge the pres-
sures more quickly.

In addition to using Equatiori8 and 19 to modify the airfoil, the angle of attack is
adjusted based on thefdifence between the analysis andeaipressures in the leading-
edge region.

Some of the parameters constrained in this airfoil design method are the lift and pitch-
ing moment codicients, the maximum airfoil thickness, front and rear spar thicknesses,
the leading-edge radius, and the trailing-edge angle.

In this application of the method, the target pressures are modified to meet the aerody-
namic constraints prior to using CDISC. Therefore, thgetgoressures are modified by
CDISC only to meet the geometric constraints, not the aerodynamic constraints. Further-
more, the airfoil design method has been modified so that only the lower surfpte tar
pressures are changed to meet the geometric constraints. This has been dorferin an ef
not to disturb the amount of NLF that has been achieved on the upper surface.

3.0 Obtaining the Target Pressure Distribution

This chapter is devoted to the discussion of tgdt Pressure Design module shown
in the flowchart in Figure 1. This module uses the analysis N-Factor distribution from the
stability analysis code to calculate agetrN-Factor distribution that forces the boundary
layer to transition at the desired location. Then, using the analysis getdNaFactors, as
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well as the analysis pressures, a new target pressure distribution is calculated that is closer
to meeting the desired NLF constraints. A new airfoil can then be designed using these
target pressures.

The components of theaijet Pressure Design module are shown in the flowchart in
Figure 4. Each of these components will now be discussed.

3.1 The Target N-Factor Distribution

In order to calculate a @et pressure distribution, a g@t N-Factor distribution that
has the desired amount of NLF must be determined, as shown in the first module on the
flowchart in Figure 4.

A method has been developed for calculating getaN-Factor distribution from the
analysis N-Factors and four control poirtg (1 Xep2 %o 3 apd, ) specified in the
streamwise direction. The first control pomg 1, IS positioned at the location where the
analysis N-Factors first exceed an N-Factor IV, 1- Inorder to calculate a realistic
tamget N-Factor distribution, it is desired to retain the current analysis N-Factors as the tar-
get N-Factors ahead &gp 1

To calculate the tget N-Factors aft ok, ,, the taget N-Factors desired at the sec-
ond (N, cp, 5), third (Ncp 3) and fourth (\IC 4) control points are specified. Thegar N-
Factor distribution is calculated by drawing lines through these four points and smoothing
the curve using a polynomial fit.

Since the shape of the target N-Factor distribution is dependent upon the speed regime
for which the airfoil is being designed, the valueslﬁg Xen 3 Ncp 3
Xep 4 andN_, , may vary from one design to the nextyp'EaFvaIues for these parame-

ters WI|| now be discussed for subcritical and supercritical cases.
3.1.1 Subcritical Cases

Using a transition N-Factor of 10 and allowing the flow to transition at 60% chord, a
typical taget N-Factor distribution for a subcritical case is shown in Figuréhese tar-
get N-Factors were obtained from the analysis N-Factors shown in the same figure, the
following control points,

Xep 2 = 0.58
Xep 3 = 0.60
Xep 4 = 0.65
and the desired target N-Factors,
Nep 1 = 3
Nepo =8
Ngp s = 10
Nep 4 = 15
at these control points. Usmgc = 3 and the analysis N-Factors shown in the figure,

the first control pointx , IS Iocated at approximately 18% chord.

cp 1

10



There are several reasons for choosing a target N-Factor distribution similar to the one
shown in this figure. The region of thegar N-Factor distribution ahead on forms a
buffer zone above which the ¢pgat N-Factors are not allowed to grow so that the boundary
layer will remain laminar prior to the desired transition point at slightidesign condi-
tions. BeyonctxC », the taget N-Factors are allowed to grow rapidly to force transition.
In this casex, cp.3 ‘denotes the location of desired transition, which is at 60% chord for a
transition N-Factor of 10. It is not necessdrywevey for any control point to be located
exactly at the desired transition point.

The steep N-Factor gradient bey 2 takes into account the idea that the transi-
tion N-Factor may not be exactly 10. In reality, the transition N-Factor could be as low as
eight or as high as 15. Even if the transition N-Factor were eight, the airfoil in this case
would still have NLF to 55% chord. If the transition N-Factor were 15, then the airfoil
would have NLF to 65% chord. This indicates that the flow could actuallygmttansi-
tion anywhere between 55% and 65% chord, an uncertainty in the transition location of
10% chord.

Suppose that a @&t N-Factor distribution similar to the one in Figérevere used for
a subcritical airfoil design. If the transition N-Factor is bounded between eight and 15,
then the flow could undgo transition anywhere between 35% and 70% chord. As a
result, this is a less desirablegair N-Factor distribution since the uncertainty in the tran-
sition location of the distribution is greater.

There is, however, a limit on how steep the target N-Factor gradient bEé/é?Qd can
be. If the N-Factor gradient is too great, then the adverse pressure gradient required to
obtain the taget N-Factors in that region will cause the laminar boundary layer to separate
in that region. Experience has shown that in order to avoid laminar separatiomg¢he tar
N-Factors should not be allowed to grow more than 10 N-Factors for every 10% chord.

3.1.2 Supercritical Cases

In supercritical designs, it is much more difficult to find a realistic target N-Factor dis-
tribution. The taget N-Factor distribution shown in Figusdas not realistic for supercriti-
cal airfoil designs. Since the ¢@r N-Factor gradient aft of, ) , would cause an adverse
pressure gradient in the g&t pressure distribution, it is erly that a shock may form
ahead ofx_, ,. In the case of a supercritical airfoil design, this is unwanted xggjcg
denotes the desired location of the shock.

Target N-Factor distributions similar to that seen in Figureere initially used in the
design of airfoils in this supercritical regime; howewesing these tget N-Factor distri-
butions resulted in unrealistic ¢gat pressure distributions, which caused a shock to form
ahead ofx 4 Asa result, since the analysis pressures would never genethe tar-
get pressures in the design of an airfoil, the analysis N-Factors would nevemeotover
the target N-Factors.

After running many cases, agat N-Factor distribution similar to the one shown in
Figure7 was found to be a realistic distribution for supercritical cases. This distribution
was obtained using the following control points

= 0.10

ch, 2
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0.35
0.55

ch, 3

Xep, 4

and

I
o

N
Ncp 2
N

I\Icp4: 8

The location ofx_, ; is at 0% chord sinc#l, 1= -1 and the analysis N-Factor at 0%
chord is 0. In thls figure, the tpat N- Factors are aIIowed to grow rapidly from 10% to
35% chord, where the flow can tolerate the mild adverse pressure gradient that is required
to obtain this N-Factor distribution. Then, beyond 35% chord the N-Factors are allowed
to grow only by a small amount so that a shock will not form aheaghq‘f

A result of using a taeet N-Factor distribution similar to the one shown in Figure
that the uncertainty in the transition location can bgelaiSince a steep N-Factor gradient
is not realistic in supercritical designs, an N-Factor distribution that accounts for the
uncertainty in the transition N-Factor is not possible since itfisulifto force the N-Fac-
tors to grow much higher than eight or nine. As a result, the design philosophy for super-
critical cases is to assume a transition N-Factor near eight. In doing this, the boundary
layer will remain laminar until the flow encounters a shock, AL - An unfortunate result
of this idea is that if the transition N-Factor is 13 in reathyen laminar separation will
occur at the shock.

Note how there are no & N-Factor gradients in the distribution beyond 35% chord,
which would indicate that there should not be angdathanges in the pressure gradient
on the resulting airfoil. Thus, the airfoil that results should have a flat, roof-top pressure
distribution that is typical of many supercritical airfoils.

3.2 Extrapolation of Analysis N-Factors

The laminar boundary layer solver is valid only for attached, laminar boundary layers,
and is terminated once the laminar boundary layer separates. As a result, the boundary
layer solver only supplies data to the stability analysis code as long as the flow is attached.
This in turn means that the stability analysis code can only calculate N-Factors until the
boundary layer separates.

Suppose that the NLF constraint requires that the flow be attached to 60% chord, but
the current airfoib boundary layer separates at 30% chord. This means that the stability
analysis code can only calculate N-Factors to 30% chord, althougieaXaFactor dis-
tribution will be specified to 60% chord. The N-Factor design method requires analysis
and taget N-Factors at every station ahead of the fourth control point, which is located at
60% chord in this case. This indicates that the analysis N-Factors must be extended
through the separated flow so that the N-Factor design method discussed in3B&dtion
can be used. As a result, the next module in the flowchart shown in Eiguused for
this purpose.
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The method that is used to perform the extrapolation depends on whether the flow is
subcritical or supercritical. For subcritical cases, this is accomplished by linear extrapola-
tion based on the analysis pressure distributionth tationj = k being the current
location of laminar separation apd= | being the location of the fourth control point, the
N-Factors betweek+1 arld can be calculated as

N =N, + Ni-a N2 (C C ) (20)
i~ -1 _ ,aju Upaj-Lu
. : Cp,a,j—l,u Cp,&i—z,u pal pal
whereNj denotes the current analysis N-Factor distribution ., denotes the cur-

rent analysis pressure distribution. From experience, for stability of the N-Factor design
method the N-Factors calculated by Equation 20 are restricted as follows:

N, <N, _; + 1500 =% _,) (21)

N, =0 (22)
For supercritical cases, a fdifent approach is taken. In supercritical flows, it is
unlikely that the laminar boundary layer will remain attached through the shock. More-

over, a shock wave is a discontinuity in the pressures and would cafiseltks for the
N-Factor design method that is used to designgetaressure distribution. Therefore,
calculating N-Factors aft of a shock wave, even if the flow remained attached through the
shock, is unnecessanAs a result, in the case of supercritical designs, the laminar bound-
ary layer solver is terminated at the station upstream of the shock wave.

In the case where a shock wave exists ahead of the fourth control point, it is necessary
to move the shock aft to the desired location, which is at the fourth control point, so that
the N-Factor design method can be used. This is done by imposing a flat roof-top pressure
distribution between the current shock location and the fourth control point. If the current
shock is at statioj = k and the new shock is to be located at | (the station repre-
senting the fourth control point), then the current siwak'stream pressure cheent is
maintained aft to stationh That is, the analysis pressures betwieerl andl are rewrit-
ten as

i+1 i

Cp,aj,u = Cp,a,ku

(23)
whereC' +aulj , are the new analysis pressures é)'adaj , are the original analysis pres-
sures. 'Fhis Is demonstrated in Figure 8.

Also in this case, analysis N-Factors only exist ahead of sthktisince the laminar
boundary layer solver is terminatedkatiue to the shock wave. This indicates a need to
extrapolate the analysis N-Factors aft to stati@o that the N-Factor design method can
be used to calculate a target pressure distribution. Since the pressure coefficients between
k+1 and| are the same, the extrapolation scheme described in EgR@tmannot be
used to calculate a new analysis N-Factor distribution. Therefore, it is assumed that the N-
Factors grow only withx , and hence can be written as
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—N.
-1 -2
N = N_ + 22122 (6 —x_)) (24)

between stationk+1 arld

It is possible, however, that the laminar boundary layer will separate before the shock.
In this case, prior to using Equatigd, Equation20-22 must be used between stations
m+ 1 andk, wherem is the location of laminar separation aads the location of the
shock.

3.3 The Upper Surface Target Pressures

Now that the analysis and ¢gt N-Factor distributions are known, agetr pressure
distribution can be calculated so that the CDISC airfoil design method can be used to
design a new airfoil. The first step in this process is to calculate the upper sugate tar
pressure distribution. In order to do this, the upper surface pressures are divided into two
important regions, as shown in Fig@&e In the first region, a new N-Factor design
method is used to calculate thegetrpressures based on thdetd#nce between the target
and analysis N-Factors. The pressures in the second region are calculated from the recov-
ery pressures of the first airfoil that was analyzed. The specifics of how the pressures are
determined in these two regions will now be discussed.

3.3.1 The N-Factor Design Method

The next module on the flowchart of Figdrés used to calculate the upper surface tar-
get pressures in the region that extends from the stagnation point of the airfoil to the fourth
control point. This is the region where the current pressurdicterfs are modified to
move the current N-Factor distribution towards thgaaiN-Factor distribution that was
prescribed earlier. In order to do this, a new method had to be developed.

In order to achieve the desired amount of natural laminar Howvethod was devel-
oped that possessed the following properties:

1. If the current N-Factor at a given airfoil station wagéatsmaller than the
target N-Factor at that station, then the pressure would have to become
more negative/positive at that station in order to decrease/increase the cur-
rent N-Factor.

2. The N-Factor at a given point on the airfoil would be changed by modify-
ing only the pressure cdigfient at that point. (This local change in pres-
sure codicient would have an #&fct on the N-Factors downstream of the
current airfoil station, but not the N-Factors upstream since the boundary
layer equations are parabolic.)

3. The design method must produce a smooth and continuous pressure distri-
bution between the stagnation point and the fourth control point.
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With these ideas in mind, this method, called the N-Factor design method, was devel-
oped such that the change in pressureficoait required at a given airfoil statigriwould
be governed by the linear relation

ACp,j,u = AANJ. (25)

where
AC, i u= CptiuCpaju (26)
ANj = NT'J.—Nj (27)

In these equationd) is a relaxation factor (typically 0.012();ID T ) u are the new upper
surface taget pressurest aju are the current upper surface analysis pressN1e§,
are the target N-Factors, a are the current analysis N-Factors.

Note that EquatioB5 satisfies condition 1 above in that for a posiﬁ‘N?, AC . is

. . . : p.j u
also positive. Conversely, for a negatA(Eelj ACp i is also negative.

Now in order to satisfy condition 2 above, the N-Factors downstream of gtatiast
be corrected for the change in pressure that has been imposed. This is accomplished by
assuming that each N-Factor downstream of stgtias increased or decreased by as
much as the N-Factor at statipmvas changed. Efctively, then AN is added to each N-
Factor downstream gf Condition 3 above requires that the pressure distribution be both
smooth and continuous. In order to maintain a continuous pressure distribution, the
change in pressure applied to stagjon is also applied to each station downstream of . In
doing this, the pressure distribution remains inherently smooth.

Condition 2 indicates that each N-Factor downstream miust be corrected for the
change in pressure cfiefent atj. This perspective can be reversed. If the method is
designing at station, all the modifications in pressures and N-Factors upstream must be
taken into account at statign By solving Equatior25 for Cp, Tiu and correcting for
upstream effects as mentioned above, the new relation

C = (C +AC, ) +A(Np ;= (N, +AN,_,)) (28)

p, T, ju p,aju ,j—1u
is obtained. Wh j = 1 corresponding to the stagnation point, this relation is valid from
] = 2toj =1, the location of the fourth control point. The boundary conditions at the

stagnation point are

Cp, TLu - Cp,a,l,u - Cp, stag (29)

N;,=N; =0 (30)

Using COSAL as the stability analysis code, Equasioms automatically satisfied as long
as the target N-Factor at the stagnation point is set equal to zero.

FigurelO illustrates how the N-Factor design method is used to calculate the new tar-
get pressures. The uppepost plot in Figurd0 shows sample analysis andy&rN-Fac-
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tor distributions. The change in N-FacGtAN, that is required at a grid point is calculated

as the difference between thegietrand analysis N-Factors at that point. that is
necessary to make this change in N-Factor is then calculated using E@&atibhen, as
shown in the middle plot in Figud®, the pressure cdiglient at the current grid point and

each grid point downstream is changed&®® . The analysis N-Factors at the current
grid point and each one downstream are changesi\byo obtain a modified analysis N-
Factor distribution. This is illustrated in the lowwaost plot of Figurd0. These plots
demonstrate how the N-Factor design method is used at one grid point. The same
approach is used at each of the grid points over whichgattll-Factor distribution is
specified.

As mentioned above, the paramefer used in Equation 25 is a relaxation factor in the
design process. Using COSAL as the stability analysis code, a typical valdei$or
0.012. Although it is not recommended for stability purposesAhla¢ increased above
0.018,A may be decreased if more stability is desired. In addition, the valdiedoks
not seem to be affected by flow parameters like Mach number or Reynolds number.

Perhaps some physical significance can be found in the relationship of E@&ation

As the Tollmien-Schlichting waves propagate downstream, their velocity is
v, = ¢,tU, (31)

wherec,, is the phase velocity of the waves bhd  is the local velocity of the flow. If the
flow is being accelerated (i.e., the velodilyis increasing), then the speed of the wave,
v,,» Is also increasing. Ag, increases, the-$ waves spread out and their amplitudes
decrease, which promotes boundary layer stabiliy the contraryif the flow is being
decelerated (i.e., the velocity is decreasing), then the speed of the wave is also decreas-
ing. Asv,, decreases, the-§ waves bunch-up and their amplitudes increase, which
increases the instability of the boundary lay€his indicates that there is a negative pro-
portional relationship between a change in the amplitude ot $hevdves and a change in
the local flow velocity Since the N-Factor is merely the logarithmic growth of the ampli-
tude of the IS waves, then there is also a negative proportional relationship between a
change in N-Factor and a change in the local flow velocity.

There is also a negative inverse relationship between a change in the local pressure
and a change in the local flow velocits a result, there is a direct relationship between a
change in the local pressure and a change in N-Factor, as proposed in Equation 25.

3.3.2 The Pressure Recovery Region

The next module on the flowchart of Figdrés used to calculate the upper surface tar-
get pressures in the recovery region. The pressure recovery region is composed of the
pressures between statipr= | and the trailing edge of the airfoil € n), as shown in
Figure9. These pressures are formed by modifying the recovery pressures of the first air-
foil that was analyzedC 0 denotes the upper surface pressureficogits of the first
airfoil that was analyzed, with denoting the airfoil station. From this pressure recqvery
two intermediate pressure distributions are formed and used to determine thedetal tar
pressures in the recovery region. Figure 11 shows this process.
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The first intermediate recovery pressure distribution is determined by linearly scaling
(see Appendix A, pageb) Cp jor as shown in Figurgl (a). The tayet pressure cokef
cient atj = | was already determined by the N-Factor design method described in the
previous section. Therefor o Mmust be linearly scaled so that its pressure coefficient
at stationl is the same as the pressure fioeit at statio given by the N-Factor design
method. As a result, the first intermediate recovery distribution is given by

C -C
C, 4= 2L _BRO(C . _C  )+C (32)
Pht o Chio=Cpno ~ PFO RO Pn0
Equation 32 is valid from = | tp=n

The second intermediate recovery distribution is obtained by adding a linear loading
distribution ontoC o as shown in Figur#él (b). This loading distribution is added in
order to match the design pitching moment fioieiht constraint. The process by which
this is done will be described in Secti®4.2. The second intermediate recovery distribu-
tion is then given as

_ 1-X
CD,LZ - Cp,j,0+ 0.30Cp, 0.7c (33)
whereC .. denotes the magnitude of the loading distribution at 70% chord. This equa-
tion is a[)so valid fronj = tg = n

Now, the final taget pressures of the recovery region are obtained by taking a
weighted average (see Appendix B, p@gof the first and second intermediate recover-
ies, as shown in Figure 11 (c). In doing so, the final target pressures are given by

Xn—X X: — X,

C — Ic J

pv Tr jl u Xn—XI pljll+ XI‘_]—XIC:lev2 (34)

Being valid fromj = | toj = n, this expression allow€ to retain the value of

: ) pTju
C, ., atj = | and the value i@ at=n

Ny P2
The procedure described in this section is only valid for subcritical flows. For cases

where there is a shock wave on the upper surfage<alt by design), the same process is

used to determine the pressure recovery region except that everywhéfeappéars in

the equations,|“+ 1” should be put in its place. As a result, then, the equations are only

valid fromj =1 +1 toj = n for supercritical cases.

In order to use these equations frpm | + 1 toj = n, the target pressure coefficient
on the downstream side of the shogk=(l + 1) must be calculated using the free-stream
Mach numbemM_ . The relation (ref. 27)

001+ 0.2M 20° O
c, = 22DD 20 —1f (35)
1421 402m* 0 O
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is useful in doing this. Solving Equati@d for M, the Mach number on the upstream side
of the shock is calculated by

2 /2
1+0.2M
® H
“/5 /35 1D (36)
Ep 70\" p TLuT 10 0

Using normal shock theory (ref7), the Mach number on the downstream side of the
shock is then calculated by

01+0.2m2 072
M, = D— (37)
1. 4M —-0.20

Using Equation 35, the target pressure ftweht on the downstream side of the shock can
then be calculated as

5 [OO1+ 0.2V 2[135 0
C,= 00 ~10 (38)
: 14|v|2551+02\/|2D O

However because of curvature of the airfoil, the pressureficaaft calculated by
Equation38 is not totally correct. dl'account for curvature fetts, the taget pressure
coefficient on the downstream side of the shock is given as

1
C 5(C,H+Cy. ) (39)

p, T, I+1,u =

whereC_U is the sonic pressure céiefent. The process previously discussed can now be
used to determine the remainder of the target pressures in the recovery region.

3.4 Meeting the Aerodynamic Constraints

Once this preliminary tget pressure distribution is determined, the next module on
the flowchart of Figurd is used to modify the upper surfacegtrpressures to meet the
aerodynamic constraints, which are the lift and pitching momentideats. A process
was developed by which the upper surfacgetpressures could be modified to meet
these constraints, while changing the N-Factor distribution as little as possible so that the
NLF would not be disturbed.

To match these constraints, the upper surfagetgressure distribution is divided
into three segments. Figure 12 shows a typical upper surface target pressure and target N-
Factor distribution, with the pressure distribution being divided into the following three
regions:

1. The leading-edge regionThis region extends from the stagnation pgint (1 ) to the
last point where the target N-Factors are zg¢rs (m )

2. The centeregion This region extends from airfoil station to the fourth control
point(j = I).
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3. The pessue recovery egion This region extends from statidrto the trailing edge
(4 =n).

The methods by which the tgat pressures are modified to meet these aerodynamic
constraints are discussed in the next two sections. A flowchart showing the procedures of
the sections appears as Figure 13.

3.4.1 Lift Coefficient

Since the extent of NLF is dependent upon the pressure gradient, a method for modify-
ing the upper surface et pressures to match the lift domént was developed that
would maintain the current pressure gradient through the region where the N-Factors are
increasing most rapidly The center region is the region where the N-Factors are most
important because they are growing fastest. As a result, it is desired to shift each pressure
coeficient in this region by the same amount in order to preserve the current pressure gra-
dient. But, if these pressures are shifted, then the pressures in the leading-edge and pres-
sure recovery regions must also be manipulated so that the pressure distribution remains
smooth. In the leading-edge region, the pressures are linearly scaled so that they are con-
tinuous af = m , the beginning of the center region.

In order to determine how much the current‘tjaaaalpressureG:i T )y areto be modi-
fied, it is first assumed that the center region is going to be sﬁiﬁAﬁlp)é. This would
cause a change in lift coefficient of

Us —s,U
Ac, . = AC, O—0 (40)
’ 0 oSy, O
wheresj represents the chordwise distance from the stagnationjpeirit ( ) defined as
j
S = 2 KXl (41)
k=2

If the pressures in the center region are shifted o then the pressures in the lead-
ing-edge and pressure recovery regions must also be changed, as will be discussed
momentarily The change in lift coé€ient in the leading-edge and pressure recovery
regions may be approximated by a linear loading variation along the corresponding arc
length. Therefore,

ne = lac Eom 42
Ge = 2% eps (42)

1 n_SID
A gy = 5AC, L0 (43)

As a result, the total change 4, for these changes in pressure would be the sum of
Equations 40, 42, and 43, which results in
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1S, S—=S, 1S,—S
Ac, —ACpC%IES et

n n

- 44
. (44)

Simplifying and solving Equatio#4 for AC_ _, the amount that the et pressures in
the center pressure region must be shifted by is
2s,Ac

AC = ———— (45)
PEg syt

For stability reasons, this equation can be rewritten to include a relaxation factor. In addi-
tion, the change in lift coB€ient that is needed is actually thefelience between the
design lift coeficient and the lift codicient of the current tget pressures. So, with a
relaxation factoi (typically 50%), Equation 45 becomes

— 2)\Sn (Cl,des_cl)

AC) . = 46
p.C S —S,tS, (46)
. Thus, .after calculating&Cp, » the new taget pressures over the upper surface from
j =mtoj =1 become
i+1 Al
Cp, Tju™ Cp, T j,u + ACp, c (47)

Fromj = 1 toj = m—1, the upper surface target pressures become
i+1 i

i+1 _Cp,T,mu_C

pThu i
pT.mu

pTlu i [l i
DCIO Tiu~ Cp 20" Cp (48)
0, T.1,u

C

C,

The region betweep =1 +1 andj = n is the pressure recovery region. Therefore, the
method originally used to obtain the1 pressures in the recovery region (described in
Section 3.3.2) is again used to obt@pT i u frpm | jton

As shown in Figure 13, this process is then repeated until

1€ des— Ci| <€ 1ol (49)

wherec, ., is the desired tolerance for the lift coefficient (typically 0.01).
3.4.2 Pitching Moment Coefficient

Once the design lift coifient has been achieved, a modification to the pressures in
the recovery region is made in an attempt to match the design pitching momént coef
cient. The method by which the gat pressures in the recovery region are determined is
described in SectioB.3.2. In that section, a linear loading distribution with magnitude
Cp, 0.7c at 70% chord was included in Equati® for the second intermediate pressure
recovery This exists for the sole purpose of achieving the design pitching momefirt coef
cient.
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In order to meet the pitching moment constraint, lift is transferred to or from the pres-
sure recovery region by changing the amount of lift in the loading distribution. This is
accomplished by modlfylngi 07c DY addml;p 0.7c . The change in lift coefficient of
the target pressures resultlng from adcﬂr(gp 0.7c Cg;oo 7 is

Ac, = —5(1—x,)Acp, oz (50)

wherex, represents the location of the fourth control point. This change in lift coefficient
causes a change in pitching moment coefficient

1—xI
3

Ac, = -Ac Exl —0.25+ % (51)

Using Equation 50, Equation 51 can be simplified to

1 10
Acy, = 5(1- X) D3 |+ PCh 07 (52)
Simplifying and solving fotACp, 0.7c °
24Ac,
AC = (53)

P.O7c ~ (1-x) (8% +1)

Since the change in pitching moment requwed is actually therelice betwees .
andc_ ,Ac_ can be replaced Wltqn C,- In addition, Equatiob3 can be ertten to
mclude a relaxatlon factoc (typlcally 50%) As a result, the final expression for
AC

p, 0. 7c
24¢(c,, ges Cm)
A — m, aes m 4
Ch.0c (1-x) (8% +1) (54)
Therefore, the new value ﬁfp 0.7c is
i+1 Al
Cp, 0.7c — Cp, 0.7c + ACp, 0.7c (55)

WhereCIO 07c IS the original value. Using this new value 0.7 , the taget pressures
in the recovery region can be recalculated using the method of Sectlon 3.3.2.

After changing the pressures in the recovery region to mgvmwardsc , the
lift coefficient of the taget pressure distribution was changed. As a result, the method of
Section3.4.1 is used to modify the tget pressures to once again achieve the design lift
coefficient.

This process is repeated until

1€ des— G| S € 1o (56)
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and
|Cm, des c:m| = Cm, tol (57)

A typical value forcm, ol 150.01.

3.5 Adjusting the Leading-edge Radius

Since the airfoil design method uses @éeapressure distribution to design a new air-
foil, the leading-edge radius of the redesigned airfoil depends on the shape of both the
upper and lower surface ¢t pressure distributions. As a result, manfeceht taget
pressure distributions can be used to meet the leading-edge radius constraint. However
is desirable to use a tgat pressure distribution that has a reasonable amount of NLF on
the lower surface, since the N-Factor design method described in Section 3.3.1 is not used
to design the lower surface target pressures to obtain NLF.

In order to do this, the pressure distribution shown in Figdris used to increase the
leading-edge radius of the airfoil through modifying the leading-edgettaressures of
the upper surface. These pressures were the leading-edge pressures of an airfoil that was
redesigned starting from a NACA £212 airfoil. The redesigned airfoil had adar
extent of NLF on the lower surface and these upper surface pressures seemed to be a con-
tributor to this.

To use these leading-edge pressures, this distribution is linearly scaled so that its pres-
sure codicient at 30% chord is the same as that of the curregettaressures. Then,
over the first 30% of the chord, a weighted averaging technique is used to calculate the
new taget pressures using this distribution and the curregét@ressures. The pressure
coeficient at the leading edge of the distribution shown in Figdres retained as the new
target pressure, while the current ger pressure coiédient at 30% chord remains
unchanged.

After modifying the target pressures through this averaging, the method of Section 3.4
must be used to modify the upper surfacgdapressures to meet the aerodynamic con-
straints. This is shown in the next module of the flowchart of Figure 4.

3.6 The Lower Surface Target Pressures

The next module on the flowchart of Figdrés used to calculate the lower surface tar-
get pressure distribution. Although the N-Factor design method is not applied to design
the lower surface since the lower surfacgetpressures are modified to meet the geomet-
ric constraints, it is desired to obtain as much NLF on the lower surface as possible. In
order to do this, the upper surfacegtrpressure distribution is linearly scaled and a
weighted average is taken in order to obtain the initial lower surface target pressures. The
following process is only applied on the first iteration of the method since it has been seen
occasionally to cause the get pressure distribution to change too much from one itera-
tion to the next when many constraints have been imposed. Efyuemonstrates the
process that is about to be discussed.

The intermediate lower surface dat pressures are obtained by linearly scaling the

upper surface tget pressures, as demonstrated in Figéré). Ipr’ 1.} u Fe€presents the
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upper surface tget pressures, then the intermediate lower surfagett@ressures are
given as
C _ Cp, T1,u"
01T _
i CoT1u

C _Acp, kCI,des

p.Tku

c C

(Cp, ThLu “~pT1, u) + Cp, T.1,u (58)

pT,ku

wherek denotes the airfoil station closest to 50% chord, &8¢ , is used to cause the
final taget pressure distribution to have a lift da@ént of ¢, ;... Equatiorb8 is valid
fromj = 1 (the stagnation point) through= n  (the trailing edge).

For the region on the lower surface forward of the fourth control point on the upper
surface, the pressures represented by EquaBiare used for the &t pressures. That
is, fromj = 1 toj = | (the location of the fourth control point), the lower surfacgatar
pressures are given by

C =C (59)

p Tl pj 1

For the region aft of statioh the final lower surface @&t pressures are found by taking

a weighted average of the intermediate pressures and the analysis pressures of the recov-
ery region of the initial airfoil that was analyzed, which are denote@ py,. This is
demonstrated in Figuks (b). As a result, from=1+1toj = n, the lower surface

target pressures become

S'_SI S, —S

n J
C o=d 'c + _C .
v T | — .1, 0 — 0l
P, 1) Sn| S p.J Sn| S p. ]

(60)
Equation 60 allowsC 1 t0 retain the value dtp’ i1 atj = | and the value o 5.0
at the trailing edge. The final target pressure distribution is shown in Figure 1% (c).

It should be mentioned here that these lower surfagettpressures will be modified
to meet the geometric constraints. Therefore, the amount of NLF that is obtained on the
lower surface is directly a function of the geometric constraints imposed. Maqrsionoer
the geometric and aerodynamic constraints constantly react to the changes that the other
makes to the pressures, the amount of NLF obtained on the lower surface is also depen-
dent upon the aerodynamic and upper surface NLF constraints.

4.0 Modifying Target Pressures to Enforce Constraints

The flowchart of Figurd shows a module above the airfoil design method that is
labeled Modify Rrget Pressures to Enforce Constraints. After getgoressure distribu-
tion is calculated as described in Chapter 3, thegettaressures are modified while a
new airfoil is being designed by the airfoil design method. These changes are needed in
order to enforce the desired aerodynamic and geometric constraints.
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A flowchart of the Modify @mget Pressures to Enforce Constraints module is shown in
Figure 16. Each of the components in this module will now be discussed.

4.1 Leading-Edge Pressures

The CDISC airfoil design method directly modifies the airfoil to meet the leading-
edge radius constraint, without modifying thegtrpressure distribution as it does to
meet other constraints. As a result, thgaapressures are modified within the first mod-
ule of Figure 16 to account for the change that the airfoil design method made to the lead-
ing edge of the airfoil to meet the leading-edge radius constraint.

This module is not used until 10 iterations through the airfoil design method have been
completed. This allows the analysis pressures to approach the degietghtassures in
the leading-edge region. But, without modifying thgéampressures, the analysis pres-
sures would never exactly match th@empressures in this region, while still maintaining
the leading-edge radius constraint.

After completing the first 10 iterations, only the lower surfacgetapressures are
modified. This is done by taking a weighted average ahead of 30% chord of the current
lower surface analysis pressures and the current lower surfget¢ paessures. As a
result, the new lower surface target pressures become

c*l _mo3p L3¢ 61
p!lerl - |:| _g(D p1a1J:| Sk vavj!l ( )

wherek represents the station nearest to 30% chord.

During the second 10 iterations through the airfoil design method, only the lower sur-
face taget pressures are modified. This allows the upper surface analysis pressures to
approach the upper surfacegetr pressures, which have been designed to meet the NLF
constraints. After these first 20 iterations have been completed, the upper surface analysis
pressures should closely resemble the upper surfay faessures. The new upper sur-
face taget pressures are then calculated using a weighted average between the current tar-
get and analysis pressures. Therefore, the new upper surfget gegssures can be
calculated as

1o El—iECi +SjCi

Cp'ijvU 0 SkD p.aju g(

0. T.ju (62)

wherek once again denotes the station nearest to 30% chord. In doing this, the upper sur-
face taget pressures will usually not change much since the airfoil design method has
completed 20 iterations.

4.2 Trailing-Edge Pressures

To meet the trailing-edge angle constraint, the airfoil is modified diresttitout
changing the tget pressures. Therefore, in the next module shown in Figutée trail-
ing-edge taget pressures also need to be modified to account for the changes that have
been made to the airfoil to meet the trailing-edge angle constraint. On the lower surface,
the new taget pressures are calculated from the curregétand analysis pressures using
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a weighted average aft of 60% chord. On the upper surface, the gewpiassures are
calculated from the current tpat and analysis pressures using a weighted averaged tech-
nique aft of the fourth control point, which is at statlonin the form of equations, the
new upper and lower surface target pressures become

ol S =S¢ i +Sn|_sj i 63)
LT — , a, | — v Tl
p. 1) Sn| Sk p.a) S“| S p. 1)
. S —S . S —S
i+1 ] | Al n j Al
L= R e .
va Tl ],U Sn_slcpaa,J:U Sn_S|Cp’ Tv Jyu (64)

wherek is the station nearest 60% chord on the lower surfacd, enithe location of the

fourth control point on the upper surface. These modifications are made at the same fre-
guency that the leading-edge target pressures are modified to account for the leading-edge
radius constraint.

The next module on the flowchart of Figui@is used to modify the @et pressures to
meet the aerodynamic constraints. This process was discussed in Section 3.4.

4.3 Releasing Constraints

After modifying the taget pressures using the methods of the previous two sections,
the next module on the flowchart is used to release one or more of the constraints in the
event that the design is oveonstrained. In order to do this, a constraint priority list was
established. It is as follows:

1. Upper surface NLF
Section lift coefficient
Leading-edge radius
Spar thicknesses
Maximum airfoil thickness

Trailing-edge angle

N o o s~ DN

Pitching moment coefficient

The pitching moment cok€ient is the least important constraint and would be the first to
be released.

Throughout the design process, th@éampressures are constantly being modified to
meet each of the design constraints. If the design is nocowstrained, the tget pres-
sures will move toward a distribution that satisfies all of the constraints. It is possible,
however that the problem is oweonstrained and the tget pressures do not move toward
any single distribution. It is in this case that one or more of the constraints must be
released to allow the @&t pressures to approach a distribution that meets the more impor-
tant design constraints.
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In order to determine if any of the constraints need to be released, the average amount
that the taget pressures change by from one iteration to the next is calculated. This
change is given by the relation

n
i i-1 i i1 (H
Coriu=Chrid* 3 IChrii-Cori D (n+n-1)  (65)
1 j=2

AC =

p, av

100

||M:;

wherei denotes the current iteration. If, after 30 iterations through the CDISC airfoil
design method,

AC, ,,>0.10, (66)
then a constraint must be released. This criterion was established after running many
design cases. It was found that when the design wasconetrainedACp’ ay Was con-
sistently near 0.30 or 0.40 since theg&drpressures were constantly changing. In the

cases where the design was not esarstrained and the gt pressures approached a

single distributionACpl oy Was usually 0.001 or smaller.

There are two reasons why a constraint may be released. First, it just may not be pos-
sible to maintain all of the constraints within the specified tolerances, which are typically

Cl o = 0.01 (67)
Cry o1 = 0.01 (68)
t, = 0.001 (69)

Mo 1o = 0.0001 (70)
Qe o1 = 050 (71)

The cases that are most sensitive to this are the incompressible subcritical cases and the
supercritical cases. In these cases, even usifegatif taget N-Factor distributions can

cause various constraints to be released. This is even more likely when the spaypsfied tar
N-Factor distribution is not realistic.

Next, constraints may be released merely because the design constraints imposed on
the airfoil may not be realistic. If one wishes to design a 15% thick airfoil for general avi-
ation applications, but also wants the airfoil to be 9% thick at 20% chord and 7% thick at
60% chord, it is very possible that the thickness constraint is not realistic for the specified
front and rear spar constraints. In this case, the thickness constraint would be released
according to the constraint priority list specified above.
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5.0 Results of the NLF Airfoil Design Method

The NLF airfoil design method described in the previous chapters has been used to
design many airfoils. Airfoils have been designed for Mach numbers between 0.10 and
0.80, Reynolds numbers between 1 and 20 million, and maximum thicknesses between
10% and 18% chord. Although the majority of these airfoils have been designed for sub-
critical cases, a few have been designed for supercritical cases where a shock wave exists
on the upper surface of the airfoil.

To demonstrate the method, the results of airfoils designed for a glaemuter and
subsonic transport aircraft are presented in the following three sections.

5.1 Airfoil for a Glider

For the first design case, the NACA;6212 airfoil was redesigned at the following
flow conditions:

M, = 0.10
Re= 3 million

These flow conditions are typical of a gliddfor these conditions, the pressure distribu-
tion of the NACA 64-212 airfoil is shown in Figur&7, while the upper and lower N-Fac-

tor distributions are shown in Figut®. Wth these flow conditions and a transition N-
Factor of 13.5, the laminar boundary layer for both surfaces of this airfoil separated
instead of undg@oing transition. Since laminar separation is not desired in the design of
an airfoil, in the process of redesigning this airfoil geaN-Factor distribution was spec-
ified that would force boundary layer transition rather than allow the laminar boundary
layer to separate.

It is desired that the redesigned airfoil have the following aerodynamic and geometric
characteristics:

Xiru = 0.65
¢ =0.30
Cn=-0.060
tmax= 0.150
t=0.120 ak = 0.20
t=0.090 ak = 0.70
e = 0.0140

Using the NLF airfoil design method, the upper surface analysis N-Factor distribution
shown in Figurdl8 and the t@yet N-Factor distribution shown in Figut® were used to
calculate the pressure distribution shown in Figire Then, using the airfoil design
method, the airfoil shown in Figug® was designed to meet thegetr pressures calcu-
lated by the NLF airfoil design method.
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The redesigned airfoil is compared with the NACA-@42 airfoil in Figure21. In
addition, some of the characteristics of the NACA-B42 and the redesigned airfoil are
compared in Table 1. In the design of this airfoil, the pitching moment and maximum air-
foil thickness constraints were released by the process described in 8e&tibieverthe-
less, the design pitching moment da#ént was coincidentally achieved. The fact that
the maximum airfoil thickness constraint was released implies that it was probably not a
realistic constraint given the desired front and rear spar thickness constraints.

Table 1. A comparison of the design constraints and the
characteristics of the NACA 64-212 and the redesigned airfoil
at M, = 0.10,Re= 3 million, and¢; = 0.30

NACA 64,-212 REDESIGN | CONSTRAINTS
a 1.48 0.67
Cm -0.034 -0.062 -0.060
Cq 0.0044 0.0032
Xir.u 0.48 (lam. sep.) 0.66 0.65
Xir | 0.53 (lam. sep.) 0.51 (lam. sef.)
. 0.120 0.142 0.150
tatx = 0.20 0.104 0.119 0.120
tatx = 0.70 0.067 0.090 0.090
Mo 0.0108 0.0140 0.0140

Only five iterations of the method were required to design the new airfoil, which took
nearly four hours on a Silicon Graphics Indigo2 workstation with an R4000 processor.

5.2 Airfoil for a Commuter Aircraft

As the next example, the NLF airfoil design method was used to redesign the NACA
1412 airfoil at a subcritical speed, with the flow conditions being

M, = 0.60
Re= 20 million
These flow conditions are representative of a commuter aircratft.
The new airfoil was to have the following design characteristics:

Xy = 0.60
¢ =0.40

cm = -0.080

tmax= 0.120
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t = 0.095 aK = 0.20
t = 0.070 ak = 0.70
e = 0.0100

For these flow conditions, the pressure distribution of the NACA 1412 airfoil at the design
lift coefficient is shown in Figur2. In addition, the upper and lower surface N-Factor
distributions for this airfoil at these conditions are shown in Fig@reln this figure, an
N-Factor of 10 is used to determine where transition from laminar to turbulent flow occurs
in the boundary layer.

After calculating the tagjet N-Factor distribution shown in Figu2d, the NLF airfoil
design method calculated theger pressure distribution shown in Fig@f Using this
pressure distribution, the airfoil shown in Fig2& was designed by the CDISC airfoll
design method. Figui®6 shows a comparison of the NACA 1412 airfoil and the rede-
signed airfoll.

Table2 contains a comparison of some characteristics of the redesigned airfoil with
those of the NACA 1412 airfoil at the design flow conditions and liftfcoeft. The
design constraints are also shown in this table for comparisoth th# design method
imposing the tolerances specified in Equati®ns’1, the redesigned airfoil meets nearly
all of the design constraints within the specified tolerancesbleZ shows a 24 count
reduction in drag due to the extent of NLF that was achieved on both surfaces.

It took only six hours to complete the five iterations of the method that were required
to redesign this airfoil. Approximately 20% of this time was associated with the Euler
solver and CDISC airfoil design method, while 80% of this time was required by the sta-
bility analysis code.

To show that the final airfoil is nearly independent of the starting airfoil, the NASA
High Speed NLF-0213 airfoil (re8) was redesigned for the same flow conditions and
design constraints as for the redesign of the NACA 1412 airfoil.

The pressure distribution of the NASA High Speed NLF-0213 airfdil gt= 0.60,
Re = 20 million, andc, = 0.40 is shown in Figure 27. The N-Factor envelopes for this
pressure distribution and these flow conditions are shown in Figure 28.

After 13 iterations of the NLF airfoil design method, the NASA High Speed NLF-
0213 airfoil was successfully redesigned to meet nearly all of the imposed constraints.
The analysis and tget N-Factor distributions of the redesigned airfoil are shown in
Figure29, while the pressure distribution of the redesigned airfoil is shown in RBQure
In Figure31, the redesigned airfoil is compared with the NASA High Speed NLF-0213
airfoil.

Figure32 shows a comparison of the pressure distributions on the redesigned NASA
High Speed NLF-0213 airfoil and on the redesigned NACA 1412 airfoil. Although they
are not exactly the same, the pressure distributions do have similar shapes. The main rea-
son that these pressure distributions are not identical is because the upper surface leading-
edge pressures of the starting airfoils were very different.
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Table 2. A comparison of the design constraints and the
characteristics of the NACA 1412 and theedesigned airfoil

at M, = 0.60,Re= 20 million, andc; = 0.40
NACA 1412 REDESIGN CONSTRAINTS

a 1.78 0.87
Cm -0.027 -0.074 -0.080
(o 0.0054 0.0030
Xir.u 0.21 0.59 0.60
Xtr| 0.30 0.48 (lam. sep.
tmax 0.120 0.120 0.120
tatx =0.20 0.115 0.096 0.095
tatx=0.70 0.073 0.068 0.070
MNe 0.0156 0.0100 0.0100

Table 3 was constructed to show the similarities between the characteristics of the two
redesigned airfoils. Wh the exception of the angle of attack required at the design condi-
tion and the pitching moment cdiefent, both airfoils appear to have identical characteris-
tics. If the pitching moment tolerananﬁ1 o Specified in Equatioi8 had been reduced,
perhaps the pitching moment coefﬂments of the two airfoils would be more similar.

In addition, the final tget N-Factor envelopes arefdifent, even though they both
force transition to occur near 60% chord (see Figbdeand 28). This may have also
been due to the difference in the leading-edge pressures between the two starting airfoils.

Figure33 shows a comparison of the two redesigned airfoils. They appear to be very
different. This is the case since the airfoil design method maintains the trailing-edge ordi-
nates of the starting airfoil throughout the design process. As a result, to better compare
the airfoils, the redesigned NASA High Speed NLF-0213 airfoil was rotated to match the
average of the trailing-edge ordinates of the redesigned NACA 1412 airfoil. Bi#yure
compares the rotated NASA High Speed NLF-0213 redesigned airfoil with the redesigned
NACA 1412 airfoil. In this figure, the similarities between these two airfoils can be more
easily seen.

In this plot, it appears that the two airfoils have #&edént leading-edge radius. The
leading-edge radius is calculated by fitting a polynomial through the five points that com-
prise the leading-edge, with these five points being ahead of 0.5% chord. In this region,
the airfoils match very well, but then become different in the region between 2% and 20%
chord.

It should also be mentioned here that a change meeds to be made to account for
rotating the airfoil. @ do this,a would have to be increased By80°, which would
increase the of the redesigned NASA High Speed NLF-0213 airfoil at the design condi-
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tion from —-0.18 to 0.62°. This better compares with the angle of attack at the design

condition of the NACA 1412 redesigned airfoil, which wa87°

Table 3. A comparison of the design constraints and the
characteristics of the NASA High Speed NLF-0213 and the two
redesigned airfoils atM,, = 0.60,Re = 20 million, andc; = 0.40

NLF-0213 NACA 1412

NLF-0213 REDESIGN REDESIGN CONSTR.
a 1.03 -0.18 0.87
Cm -0.014 -0.081 -0.074 -0.080
Cq 0.0042 0.0030 0.0030
Xir.u 0.30 0.59 0.59 0.60
Xir | 0.69 (lam. sep.] 0.48 (lam. seg.) 0.48 (lam. sgp.)
tmax 0.132 0.120 0.120 0.120
tatx =0.20 0.110 0.096 0.096 0.095
tatx =0.70 0.092 0.068 0.068 0.070
Ne 0.0095 0.0100 0.0100 0.0100

5.3 Airfoil for a Subsonic Transport Aircraft

As a final example, the NASA Supercritical SC(2)-0412 airfoil @8j.was rede-
signed for the following flow conditions and constraints:

M., = 0.76

Re= 10 million

Xgry = 0.55
¢ =0.50
Cm=-0.100
tmax= 0.110

t=0.100 ak = 0.20
t=0.065 ak = 0.70
e = 0.0150

A successful supercritical design is much moréatit to achieve than a subcritical
design. With supercritical designs, if the specified target N-Factor distribution is not real-
istic, then it is not possible to design an airfoil that has the desiget fessure distribu-
tion, as was discussed in Sectbf.2. As a result, trying to find a realisticgttr N-
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Factor distribution for a specific supercritical case is often a very tedious process. This
was the case in this design.

The pressure distribution of the NASA Supercritical SC(2)-0412 airfoil for the given
flow conditions and design lift cdefient is shown in Figur85. A shock is present on the
upper surface near 40% chord. The upper and lower surface N-Factor distributions for
this pressure distribution are shown in FigBée Using a transition N-Factor of eight for
the reasons discussed in SecBoh2, laminar separation occurred at the shock on the
upper surface, while laminar separation occurred at 50% chord on the lower surface.

Using the NLF airfoil design method, a new airfoil was designed in eight iterations.
The upper and lower surface analysis N-Factors are plotted with the upper sudece tar
N-Factors in Figur@7. Using the tgret N-Factor distribution shown in Figusé, the
pressure distribution shown in Figud8 was calculated. Notice how the shock has been
moved aft to 55% chord, and appears to be much weblgéng the airfoil design method,
the airfoil shown in this figure was then calculated. The redesigned airfoil is compared
with the starting airfoil in Figure 39.

A comparison of the characteristics of the NASA Supercritical SC(2)-0412 and the
redesigned airfoil are shown iralile4. With the exception of the maximum thickness
constraint, the final airfoil meets all of the design constraints imposed, even though the
pitching moment constraint was released after five iterations.

Table 4. A comparison of the design constraints and the characteristics
of the NASA Supecritical SC(2)-0412 airfoil and the redesigned airfoil
at M, = 0.76,Re= 10 million, andc; = 0.50

SC(2)-0412 REDESIGN CONSTRAINTS
o 1.20 0.58
Cm -0.075 -0.101 -0.100
cq (wave) 0.0017 0.0002
C4 (total) 0.0058 0.0044
Xir.u 0.41 (shock) 0.55 (shock) 0.55
Xir | 0.53 (lam. sep.} 0.32 (lam. seqd.
tmax 0.120 0.107 0.110
tatx =0.20 0.109 0.100 0.100
tatx =0.70 0.073 0.065 0.065
Ne 0.0222 0.0150 0.0150

Since the laminar boundary layer separated at 32% chord on the lower surface of the
redesigned airfoil, the viscous drag was not reduced in the design process. Nevertheless,
due to the reduction in wave drag, the total drag of the redesigned airfoil was 14 counts
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less than that of the starting airfoil. Not only is this a result of moving the shock aft while
maintaining the same lift cd@fient, but it also results from allowing the N-Factors to
grow as much as possible without forcing transition until the shock.

The fact that the boundary layer remained attached on the lower surface only to 32%
chord is a result of the geometric constraints that were imposed on the airfoil. As was
mentioned previously, the lower surface target pressures are modified to meet the geomet-
ric constraints. As a result, if the front spar thickness had been reduced to 9 or 9.5%, then
perhaps the airfoil design method would not have had to work so hard to increase the pres-
sures aft of 25% chord in order to meet the maximum thickness constraint. On the other
hand, if the front spar thickness had not been reduced, then increasing the desired maxi-
mum airfoil thickness to 12% would have given the same effect.

6.0 Concluding Remarks

An automated two-dimensional method has been developed for designing NLF air-
foils, while maintaining several other aerodynamic and geometric constraints. The
method has been shown to work for a range of Mach numbers, Reynolds numbers, and air-
foil thicknesses. The method has also been demonstrated for a supercritical case where a
shock wave is present on the upper surface of the airfoil.

In order to develop this NLF airfoil design method, several existing CFD codes were
coupled togetherIn addition, a process was developed for calculatinggett&-Factor
distribution that forces transition to occur at the desired location. Using thes kdFac-
tor distribution, as well as the current analysis N-Factors and pressures, a method was also
developed for calculating a tat pressure distribution. Using thisger pressure distri-
bution, the current airfoil is redesigned to obtain a new airfoil that is closer to meeting the
desired NLF aerodynamic and geometric constraints. This method has been used to
design a number of airfoils, with results shown for gli@@mmuter and subsonic trans-
port applications.

One advantage of this method is that it is capable of designing an airfoil in a short
amount of time. Since an Euler solver has been coupled together with a turbulent bound-
ary layer method to calculate the pressures over the airfoil, the design time is much less
than that required for NaviStokes codes. As a result, a new airfoil with gdagxtent of
upper surface NLF can be designed in only a few hours.

In addition to the reduction in computer time required, a stability analysis code has
been used to calculate N-Factors which are correlated to the transition location. Stability
analysis methods have gained respect in the past few years and the prediction of the transi-
tion location that results is taken as being fairly accurate. In this method, the stability
analysis code is automated to calculate the N-Factor distribution by varying the frequency
of the TS waves while assuming that the disturbances grow only in time. Since an N-Fac-
tor distribution is calculated to determine the transition location of the airfoil, a design
philosophy is presented for specifying agttrN-Factor distribution for both subcritical
and supercritical airfoil designs. Subcriticalgetr N-Factor distributions are specified so
that the flow does not undgr transition at slightly éfdesign conditions and reduces the
uncertainty of the transition location by forcing the N-Factors to grow rapidly through the
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desired transition location. In supercritical designs,getaX-Factor distribution is spec-
ified that forces the flow to transition before the shock so that laminar flow is not termi-
nated at the shock.

In order to design a new airfoil that possesses the desiged NuFactor distribution,
an N-Factor/taget pressure relationship was developed. This N-Factor design method
relates a change in N-Factor at an x-location to a change in the local pressure. In addition,
this method is independent of Mach number and Reynolds number.

Another attribute of the method is that it is capable of maintaining several aerody-
namic and geometric constraints. A method was established to meet these constraints
while also maintaining the desired amount of NLF on the upper surface of the airfoil. The
approach implemented to meet these aerodynamic and geometric constraints Theew
method dictates that the upper surfacgdapressures are modified to meet only the NLF
and aerodynamic constraints while the lower surface target pressures are modified to meet
only the geometric constraints.

This method has also been shown to be robust. If enough design constraints are
imposed, the airfoil that results is daty independent of the starting airfoil. Another
advantage of this method is that the codes used have been coupled together in modular
form. This allows for other codes to be used in the place of any of the current compo-
nents. The NLF airfoil design method work§aéntly and well to design new NLF air-
foils. Only by using this method could one appreciate how great it really works.

There are several possibilities for extension of this research. The method could be
applied to bodies other than airfoils and wings, with possible applications including fuse-
lages and nacelles. In addition, the method could be extended to the design of airfoils for
supersonic applications. Sincedgarsweep angles are needed for supersonic wings, Cross-
flow instabilities would be a major issue. In these cases, boundary layer suction and blow-
ing is often necessary to help reduce the crossflow disturbances. As a result, when
extending the method to include supersonic designs, the method may also have to be mod-
ified to account for suction and blowing.
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Figure 22. The pressure distribution and shape of the NACA
1412 airfoil at M,, = 0.60,Re = 20 million, andc; = 0.40

20 -
15 |
N
10 |-
5,
TRANS N
| UPPER SURFACE
s —-= ==~ LOWER SURFACE
0 S S S S SR
0.50 0.75 1.00

Figure 23. The upper and lower surface N-Factor distributions of the
NACA 1412 airfoil at M, = 0.60,Re = 20 million, andc, = 0.40
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Figure 24. The upper and lower surface N-Factor distributions of the
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Figure 25. The pressure distribution and shape of the redesigned
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Figure 27. The pressure distribution and shape of the NASA High
Speed NLF-0213 airfoil atM,, = 0.60,Re = 20 million, andc; = 0.40
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Figure 28. The upper and lower surface N-Factor distributions of the NASA
High Speed NLF-0213 airfoil atM,, = 0.60,Re = 20 million, andc; = 0.40
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Figure 29. The upper and lower surface N-Factor distributions of the
redesigned NLF-0213 airfoil atM,, = 0.60,Re = 20 million, andc; = 0.40
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Figure 30. The pressure distribution and shape of the redesigned
NLF-0213 airfoil at M,, = 0.60,Re = 20 million, andc; = 0.40
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Figure 32. A comparison of the pressure distributions of the
redesigned NACA 1412 airfoil (Figure 25) and the redesigned

NASA High Speed NLF-0213 airfoil (Figure 30)
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Figure 33. A comparison of theedesigned NACA 1412 airfoil (Figue 25)
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Figure 34. A comparison of the edesigned NACA 1412 airfoil and
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61



-1.5 N

i - 0.75
-1.0 N
05| ]

- 0.50
Cp 0.0 |-
05| ]

i - 0.25
1o} ]
st Q Lo
20 1 T S S S RS S S S N S|

0.00 0.25 0.50 0.75 1.00

Figure 35. The pessue distribution and shape of the NASA Suparritical
SC(2)-0412 airfoil atM,, = 0.76,Re= 10 million, andc; = 0.50
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Figure 36. The upper and lower surface N-Factor distributions of the NASA
Supercritical SC(2)-0412 airfoil atM,, = 0.76,Re= 10 million, andc; = 0.50
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Figure 37. The upper and lower surface N-Factor distributions of the
redesigned SC(2)-0412 airfoil aM,, = 0.76,Re= 10 million, andc; = 0.50
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Figure 38. The pressure distribution and shape of the redesigned
SC(2)-0412 airfoil atM,, = 0.76,Re= 10 million, andc; = 0.50
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Figure 39. A comparison of the NASA Superitical SC(2)-0412 airfoil

and the redesigned
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Appendix A. A Linear Scaling Method

In a few cases within the NLF airfoil design method, it is desirable to calculate a new
target pressure distribution that has nearly the same shape as another pressure distribution,
but different pressure magnitudes. This can be accomplished by linearly scaling an exist-
ing pressure distribution. Consider the pressure distribution shown in Figure A.1. Sup-
pose that this pressure distributi ., is to be linearly scaled to obtain a newgédr
pressure distribution. In addition, assume that the pressufeismgfat 50% chord of the
new taget pressures is to be -0.30, while the leading-edge pressuieienels to remain
unchanged. The new target pressures can be calculated using the relation

Cp,T,j = (Cp‘j—Cp‘l)G+Clo‘1 (A.1)

where G is the scale factor anﬁp’ 1 represents the leading-edge pressureficasft of

Cp i In this case,

~0.30-C, ;

= pl (A.2)
C, v~ Cp. 1

wherek represents the station nearest to 50% chord. Notice that when Equations A.1 and
A.2 are usedC 11=Ch1 andC 1x= 030 as desired. The new ¢t pressure
distribution that results from using Equations A.1 and A.2 is shown in Figure A.2.

0.0 |-
05|

10 |-

|
I
I
|
I
I
|
|
|
I
|
|
I
| . . . . . . . . . .
0.00 0.25 0.50 0.75 1.00

Figure A.1. The pressure distribution used to calculate the new target pressures
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Figure A.2. The new target pressure distribution
that results from using a linear scaling technique
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Appendix B. A Weighted Averaging Technique

On several instances within the NLF airfoil design method, a weighted averaging tech-
nique is used to calculate a newgerpressure distribution from two existing pressure dis-
tributions.  This weighted averaging technique calculates a negettgressure
distribution using the relation

Corj=WC,1t (1—V\/J.)C|O’j’2 (B.1)
whereW, is a weighting function, an@, ; ; andC, ; , are two existing pressure distri-
butions. A similar weighted averaging technlque is used in reference 29.

In the NLF airfoil design method, Equati@nl is most useful wheW. is allowed to
vary along the chord since it is usually desirable to maintain certain characteristics of each
of the two existing pressure distributions. Consider the two pressure distributions shown
in Figure B.1. Suppose that these two distributions are to be used to calculate geiew tar
pressure distribution, and that the leading-edge pressun@; o{ and the trailing-edge
pressures ofC o areto be retained as thegatr pressures in each of the respective
regions. IfW, 1S allowed to vary from a value of 1 at the leading edge to a value of 0 at
the trailing edge, it can be seen from EquaBahthat the resulting tget pressures would
have the desired properties in the leading-edge and trailing-edge regions.

The simplest expression fol. that satisfies these requirements would be a linear
variation between the leading edjge and the trailing edge. That is,

W = 1-x (B.2)

Figure B.2 shows the new tgat pressures that result from usnﬁgJ and Cp 2 from
Figure B.1 and the weighting function from Equation B.2.

EquationB.1 can also be used to modify thegttrpressures over only a small region
of the chord. In fact, this is the only application of the technique that is used within the
NLF airfoil design method. Suppose ti@g i1 represents the current gat pressures
andC 2 represents the current analysis pressures It may be desirable to retain the tar-
get pressures (ﬁp i1 ahead of 60% chord (i.a. ) = = 1 ahead of 60% chord), but, at the
same time, retain the characterlstlcsﬁaf at the trailing edge. If statidk represents
the ordinate closest to 60% chord, tha) can be varied linearly from a value of 1 at sta-
tion k to a value of 0 at the trailing edge. As a result, the weighting function aft of 60%
chord can be represented by the expression

_ 1%

(B.3)

The taget pressure distribution that results from using Equdi@éns shown in Figure
B.3.
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Figure B.1. Two existing pressure distributions
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Figure B.2. The new target pressure distribution obtained by
using a weighting function over the entire length of the chord
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Figure B.3. The new target pressure distribution obtained by
using a weighting function over a small region of the chord
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