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PREFACE

Operations of the Nation's Space Transportation System (STS) have provided
recurring opportunities for the aerothermodynamicist to study entry aerothermal
phenomena unique to lifting vehicles in hypersonic flight. Initiated in the mid-
1970s, the NASA Orbiter Experiments (OEX) Program provided a mechanism for
utilization of the Shuttle Orbiter as an entry aerothermodynamic flight-research
vehicle, as an adjunct to its normal operational missions.

Under the auspices of the OEX Program, various elements of aerothermodynamic
research instrumentation flew aboard the Orbiters Columbia and Challenger.
These OEX experiment instrumentation packages obtained in-flight
measurements of the requisite parameters for (1) determination of Orbiter
aerodynamic characteristics (both static and dynamic) over the entire entry flight
regime, and (2) determination of the aerodynamic heating rates imposed upon the
vehicle's thermal protection system during the hypersonic portion of atmospheric
entry.

The data derived from the OEX complement of experiments represent benchmark
hypersonic flight data heretofore unavailable for a lifting entry vehicle. These
data are being used in a continual process of validation of state-of-the-art
methods, both experimental and computational, for simulating/predicting the
aerothermodynamic characteristics of advanced space transportation vehicles.

The Orbiter Experiments (OEX) Aerothermodynamics Symposium provided
a forum for dissemination of OEX experiment flight data and for demonstration of
the manner in which these data are being used for validation of advanced vehicle
aerothermodynamic design tools. The Symposium's invited speakers included
both OEX experiment Principal Investigators and other researchers who have
been active users and analysts of the Orbiter entry flight data. This NASA
Conference Publication comprises a compendium of the papers presented at the
Symposium.
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Part 2

SHUTTLE ENTRY AIR DATA SYSTEM (SEADS): AN EVALUATION OF FLIGHT
PRESSURE DATA WITH COMPARISONS TO WIND TUNNEL AND
COMPUTATIONAL PREDICTIONS

M. W. Henry", S. M. DeshpandeT, and J. B. Eades¥, Jr.
Analytical Mechanics Associates, Inc.
Hampton, VA

Paul M. Siemers III §
NASA Langley Research Center
Hampton, VA

ABSTRACT

The Shuttle Entry Air Data System (SEADS) flight pressure data is utilized to verify the
simulation capabilities/performance of ground test facilities and theoretical computational
techniques. SEADS is an implementation of the flush pressure orifice air data system concept
conceived at the NASA Langley Research Center. The system uses an array of flush pressure
orifices and associated measurement hardware located in the nosecap and forward fuselage of the
Space Shuttle Orbiter to provide stagnation region pressure profiles during entry. These data
were analyzed to provide the desired air data parameters. Implementation of the SEADS
réquired the design and development of system hardware as well as the computational
methodology needed for data reduction and analysis. The development of the computational
techniques and the data reduction algorithm used in producing the SEADS across-the-speed-

range air data was aided by an extensive series of wind tunnel tests and computer simulations.

* Senior Programmer/Analyst
T Project Engineer

¥ Senior Scientist

§ Aerospace Technologist

Support for this research was provided by NASA Langley Research Center, Hampton, VA.
under Contract No. NAS1-17990.
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Additionally, the more recent development of advanced computational techniques has provided
new tools with the capability to predict flowfield parameters and thus the potential to support the
design of flush air data systems. A verification of these data sources, wind tunnels and
computational, is accomplished through the comparison of results acquired from the SEADS
developmental wind tunnel tests and computational predictions to the pressure data acquired
from the five flights of the SEADS on the Orbiter Columbia.

NOMENCLATURE

P Pressure
Pty  Total Pressure

P  Freestream static pressure

P.
R Ratio of freestream static to total pressure, 1—;%
o Angle of attack
B Angle of sideslip
¢ Orifice normal clock angle measured clockwise looking forward
0 Orifice flow incidence angle
n Orifice normal cone angle
o Orifice latitude
A Orifice longitude
Subscripts
oo Freestream value
1 References orifice i

T Wind Tunnel Data
F Flight Data

Acronyms

SEADS Shuttle Entry Air Data System
OEX Orbiter Experiment Program
BET Best Estimated Trajectory
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INTRODUCTION

The five successful flights of the Shuttle Entry Air Data System (SEADS) provide an
opportunity to verify the performance of ground test facilities and theoretical computational
techniques. The repeatability of data obtained on these flights permits this verification through a
comparison of flight data with the preflight data base.

Between January 1986 and June 1991, the Space Shuttle Orbiter Columbia flew five
missions: STS-61C, STS-28, STS-32, STS35, STS-40. SEADS was included in the orbiter
during these missions as part of the Orbiter Experiment Program (OEX). SEADS is an
implementation of the flush pressure orifice air data system concept which was developed at the
NASA Langley Research Center. SEADS employs an array of flush mounted pressure orifices
located in the Shuttle orbiter’s nosecap and forward fuselage to obtain aerodynamic pressure
data. It is from these pressure measurements that the desired air data parameters are determined.
The analysis of SEADS data and the determination of the required air data parameters
necessitated the development of new analytical methods in air data parameter estimation. The
pressure model/digital-filter-method proposed for the SEADS experiment required an extensive
series of wind tunnel tests to provide the data base needed for algorithm development and
verification. The various wind tunnel tests (Table 1) used three different scale models (Fig. 1) to
obtain data over the range of Mach numbers (subsonic to hypersonic) and angles of attack and
sideslip expected to be encountered during the Space Shuttle Orbiter's atmospheric entry and
descent. The final preflight data reduction and the analysis system demonstration and verification
were accomplished through computational simulations and flight tests.1,2,3,4

This paper demonstrates first, based on representative wind tunnel data, the sensitivity of the
Shuttle Orbiter’s stagnation region pressure distribution to angle of attack and Mach number
(and, thereby, the premise of the flush pressure orifice air data system). The wind tunnel
measured pressure distributions are presented for several angles of attack and for a range of
Mach numbers.

The paper then shows a verification of the preflight wind tunnel data base and a
demonstration of the capabilities of the computational techniques. This is accomplished
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with representative comparisons made using pressures obtained from the Newtonian theory
model, from wind tunnel data measurements, from the Computational Fluid Dynamics (CFD)
High Alpha Inviscid Solution (HALIS) code, and from the SEADS flights. The flight measured
pressures were taken at discrete trajectory points, chosen to provide a close match with wind
tunnel tests, i.e., at corresponding angles of attack, sideslip, and Mach numbers. The agreement
verifies the use of the Newtonian theoretical model as a tool for system definition studies. In
addition, at selected trajectory points, a comparison of measured pressures from all five flights is
made to demonstrate the repeatability of the SEADS data and the reliability of the hardware.

_ The flight verification of the wind tunnel and computational predictions is demonstrated
through several data comparisons for which flight data and computational data were selected to
correspond to wind tunnel Mach numbers. Wind tunnel and computational data were chosen for
angles of attack and sideslip which corresponded to the flight conditions. The resulting

comparisons provide verification of the wind tunnel and computational methodologies.

SEADS SYSTEM

SEADS consists of both hardware and data reduction software. The hardware is comprised of
a reinforced carbon-carbon Orbiter nosecap drilled to accommodate fourteen (14) flush pressure
orifices in a cruciform array. This array is supplemented by six (6) static pressure orifices located
on the orbiter forward fuselage. Tubing leads to 20 pairs of pressure transducers, each pair
consisting of one 0-1 psia and one 0-20 psia transducer.5 The Orbiter nosecap is shown in Fig. 2.
Measured flight orifice locations on the flight nosecap are listed in Table 2 in terms of the cone
and clock angles necessary to describe the local surface unit normal vector (these angles are
defined in Ref. 6). Also listed in Table 2 are orifice latitude, longitude and S/Sref, as defined
below. A schematic of the Orbiter nosecap and forward fuselage orifice locations is shown in

Fig. 3. The relationship of the cone and clock angles to the body axes of the Orbiter is
demonstrated in Fig. 4.

The SEADS experiment was designed so that the measured orifice pressures needed for the
derivation of air data parameters could be mathematically analyzed to yield stagnation pressure,
the freestream dynamic pressure, and the associated angles of attack and sideslip.” This



information was acquired through the use of the SEADS data reduction software. The software
consists of several computer programs which are designed to reformat data recorder information,
merge it with reference sources, apply data reduction methodologies and compare the results
with reference data. The selected data reduction methodology employs a pressure prediction
model which is based on Newtonian theory.8 The air data were extracted from the pressures by
means of a weighted least square digital filter, based on this theoretical model. Digital filter
theory allows refinement of an a priori estimate using an iterative procedure which is equivalent
to an application of the 4-dimensional analog of the Newton-Raphson method. Convergence is
achieved in relatively few iterations (2 to 4) when using a good initial state estimate, which is
typically available during SEADS data reduction (for example, from a previous converged
solution).

ALGORITHM DEVELOPMENT

Wind Tunnel Tests

At the beginning of the SEADS development, various aerodynamic flow theories were
examined as possible candidates for the pressure model. Although Newtonian theory only
provided an approximate pressure model, the theory was selected because of its relative
simplicity and ease of use. This model proved to be a good tool for verifying the SEADS system
design and was used to support decisions concerning orifice locations and transducer sizing.

Since the Newtonian pressure model is only an approximation, corrections had to be applied
prior to its use with flight data. In order to obtain these corrections, numerous wind tunnel
pressure measurement tests were performed on 0.02-scale, 0.04-scale and .10-scale models of the
Orbiter forebody. These model scales were dictated by the wind tunnel dimensions. Each orbiter
wind tunnel model was instrumented with orifices which matched the proposed locations of the
SEADS orifices at the time of the test, supplemented by additional orifices intended to provide
comprehensive pressure profiles over the forebody. The data obtained in early tests were used to
finalize the SEADS orifice locations.

Because of the nature of the SEADS algorithm, which uses overall pressure distributions
rather than particular pressure differences and/or ratios, slight errors in orifice locations do not
devalue the preflight data base nor impair the accuracy of the SEADS derived air data
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parameters. It was important to duplicate the overall Orbiter's nosecap geometry on the wind
tunnel models, since this geometry affects the flowfield and, consequently, the pressure
distributions. The relationship of the wind tunnel models to the Orbiter is shown in Fig. 1. The
tests were conducted for a speed range from Mach number 0.25 to Mach number 21.57, with
angles of attack ranging from -10° to 50°, and angles of sideslip ranging from -6° to 6°. Each
wind tunnel’s test conditions, and the scale of the models used for the tests, are listed in Table 1.

This table also details the Mach numbers and the ranges of angles of attack and sideslip.

The pressure data from these tests form the data base from which the algorithm corrections
were derived. These corrections were subsequently applied to the derived air data parameters
obtained by the SEADS filter algorithm which is based on Newtonian theory. These correction
factors, together with the filter algorithm, are the basis for the SEADS flight data reduction
program.

WIND TUNNEL PRESSURE DISTRIBUTION

The sensitivity of the SEADS measured pressure distributions to the flow incidence angle
and to the angle of attack is shown in Figures 5 through 11.

This sensitivity is the fundamental premise upon which the flush pressure orifice air data
system concept is based. Only representative graphs from the full data base are presented. Each
figure represents a specific wind tunnel/Mach number/sideslip angle combination. Three widely

separated angles of attack are used to prepare the normalized pressure distributions (ordinate

P
values are P—t}— where Pj is the local measured pressure and Pt is the total pressure behind the
2

shock). The pressure distributions are plotted for the orifices located in the plane-of-symmetry
(vertical plane) and are numbered 1-8 (see Fig. 3). These data are presented as a function of ®j,

the orifice "latitude", a quantity obtained from the cone and clock angles® for each orifice as
follows:

sin®j = sinnj sinGj €))

Similarly, Aj, the “longitude™ for the horizontal plane orifices, is obtained from:



sinAj = sinmj cosCj 2)

From information shown in Figures 5-11, it can be seen that the peak pressure value is
generally found at the orifice with a @ value nearest to the angle of attack, a; thus, the angle of
attack may be inferred from the location of the maximum. It is further noted that the curves
become progressively more shallow as the test Mach number decreases, since the dynamic
pressure decreases, compared to the static pressure. Consequently, the determination of pressures
becomes more uncertain for Mach numbers less than 0.3. The figures and results are consistent
across the speed range corresponding to the Mach number range (0.25 < Mo < 21.57).

FLIGHT PRESSURE DISTRIBUTION

The full trajectory pressure profile at orifice 5 for each SEADS flight is shown in Fig. 12. The
altitude scale in this figure is altitude above mean sea level. Figures 13 through 16 demonstrate
the close agreement and repeatability of SEADS flight measured data across the speed range
from subsonic through hypersonic speeds. The plane-of-symmetry pressure distribution for the
five SEADS flights at Mach 0.80, shown in Fig. 13, demonstrates the close agreement and
repeatability of flight data throughout the life of the experiment. An enlarged representation of
the normalized pressures at each of three orifices (2, 5 and 8), for the five flights, is also shown
in the figure. In this figure, as well as Figs. 14-16, there is no flight measured pressure for orifice
7. This is a consequence of an inoperative high range (0-20 psia) transducer. Similar pressure
distributions and relative pressures at Mach 2.46, Mach 4.63 and Mach 10.02 are illustrated in
Figs. 14-16. As can be seen from viewing these figures, flight conditions vary from flight to
flight for the same Mach number. The various differences in angle of attack, angle of sideslip and
total pressure account for the minor differences in the pressure readings from one flight to
another at the same orifice location. The repeatability of the pressure from flight to flight is
dramatically demonstrated by the individual relative pressure plots shown in Figs. 13-16. The
relative pressure differences are less than three percent before the variations in total pressure and
angles of attack and sideslip are taken into account. This repeatability is important since it
provides a flight data base with which the preflight data can be verified and evaluated with great
confidence.
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COMPARISONS OF WIND TUNNEL MEASURED PRESSURES AND FLIGHT
MEASURED PRESSURES WITH NEWTONIAN AND HALIS COMPUTED
PROFILES

It is of interest to compare the flight measured pressures with those obtained from the wind
tunnel tests, and to compare these results with those predicted from the underlying Newtonian

theory and those obtained from the HALIS code. These comparisons are best accomplished by

normalizing the measured and predicted pressures (Pj) using total pressure (Pt,).

P-
Briefly, in Newtonian theory, the pressure ratios # are calculated from the following equations:
2
Pi 20
Piy™ [(1 - R) cos2 6; + R] €)
where
cos0i = cosa cosP cosm; +
sinf sinmj cosCj +
sina cosf sinmj sinG (€]
and
Powo
R=g5—. 5
e ©)

In the preceding expressions, P is the freestream static pressure. For mathematical and

developmental details, see Ref. 6.

The High Alpha Inviscid Solution (HALIS) flowfield code was initially developed to handle
high angle of attack flowfields, such as sensed by the Space Shuttle Orbiter, which are
characterized by large regions of embedded subsonic flow on the windward surface of the body.
The HALIS code is a time-asymptotic solution of the Euler equations which utilizes an unsplit
MacCormack differencing scheme. The code is designed to allow grid points in any of the three
coordinate directions to be clustered in a region of high gradients. The HALIS code is set up to
handle arbitrary gases, behaving as a perfect gas, or as a real gas in thermodynamic equilibrium.
For details of the HALIS predictions, see Ref. 9.



Since wind tunnel test data are available only at discrete Mach numbers and discrete angles
of attack and sideslip, points from the flight data base were selected which most closely matched
data available from the wind tunnel tests. The points selected are those shown for the five
SEADS flights in Tables 3 through 7, respectively. The altitudes shown in these tables are
altitudes above mean sea level. Points in these tables which have a Mach number value denoted
by a “+” character are the points which are shown in the various figures in this paper. The
HALIS predictions were made at the indicated Mach numbers in the hypersonic speed range.

Both Newtonian and HALIS derived pressure points were made at selected points along the
surface geometry model in both the vertical and horizontal planes. The resulting profiles are
displayed as curves of “predicted” normalized pressures with which wind tunnel data and flight
measured data can be compared. Representative comparisons are shown in Figs. 17-23. The
predicted and measured pressures are plotted as functions of S/Sref, where S is a distance
measured along the nosecap surface from a reference point (in this case, orifice 4) and Srefis a
normalizing value. The predicted profiles and measured pressures are shown for orifices in both

the vertical and horizontal planes. Data obtained in the AEDC 16’ Wind Tunnel are shown in Figs.

17 and 18, those from the LaRC Unitary Plan Wind Tunnel in Figs. 19, 20 and 21, those from the
LaRC Mach 6 Air Tunnel in Fig. 22, and those from the LaRC Mach 10 Tunnel in
Fig. 23. Flight pressure data are shown for the same Mach number in Figs. 17-23. In each case,

wind tunnel values of Pty, R, o and § were used in the Newtonian and HALIS computations.

Related wind tunnel pressure distributions are shown in Figs. 5, 6, 8,9, 10 and 11.

CONCLUSIONS

The SEADS pressure data obtained from the five SEADS flights have been analyzed and
compared to the preflight data base and computational predictions. The results of this analysis
demonstrate that:

1. Repeatable pressure data have been obtained for all flights, permitting verification and
evaluation of the preflight data base.

2. Newtonian theory provides a useful tool for the design of a flush air data system.
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3. Ground based wind tunnel tests provide a preflight data base which demonstrates the
feasibility and accuracy of a flush orifice air data system and enables the derivation of
corrections to appoximate theoretical models.

4. HALIS accurately predicted pressures in high supersonic and hypersonic flight.
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TABLE 1. Wind Tunnel Tests

Tunnel Model(s) Mach No.  Angle of attack Angle of
(a) sideslip ()
LaRC Hypersonic He 0.02 21.57 -10° to0 50° -5°10 5°
LaRC M10 Air 0.02, 0.04 10.02 -10° t0 45° -5° 10 5°
LaRC CFy 0.02 62 -10° to 45° 0° 10 4°
LaRC M6Air 0.02, 0.04 6.0 -10° 10 45° -4° 10 0°
LaRC Unitary 0.04 154.63 -5° t0 30° -6° 10 4.5°
AEDC 16T 0.10 0.25-1.5 -2°to 18° -6° to 6°
AMES 8x7 0.10 2.46-3.48 -2° 10 24° -6° t0 6°
AMES 9x7 0.10 1.6-2.46 -2° 10 24° -6° t0 6°

TABLE 2. Orifice Cone () and Clock ({) Angles, Latiude (®), Longitde (A) and
Surface Location (S/S,¢) for the Space Shutte Orbiter

Orifice Cone Clock Latitude Longitude  Surface Location

D n° e . A S/Sref
1 248813 -90.0000 -24.8813 .0000 -14.1878
2 135133 -90.0000 -13.5133 .0000 -9.4039
3 0.0018 -90.0000 -.0018 .0000 -4.6602
4 122970 90.0000 122970 0000 .0000
5 245105 90.0000 245105 .0000 4.8260
6 34.9106 90.0000 34.9106 .0000 9.6240
7 4332717 90.0000 433277 .0000 14.5003
8 49.8664 90.0000 49.8664 .0000 19.3946
9 322780 172.0119 42560 -31.9275 -14.2890
10 24.0011 1605255 77937 -22.5496 -9.5058

1 15.6884 1352101 10.9821 -11.0640 -4.7824

12 15.6884 44,7899 10.9821 11.0640 4.7824

13 24.0021 19.4745 7.7940 22.5506 9.5058

14 322780 7.9881 4.2560 31.9275 14.2890

15 593468 -93.4826 -59.1687 -2.9955

16 59.8427 170.9744 7.8044 -58.7472

17 59.9518 9.0713 7.8352 58.6313

18 673264 93.6815 67.0450 -3.3966 45.5299

19 752314 -179.6382 -.3498 715227

20 753511 -.4938 -4777 75.3430
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TABLE 3. Flight Conditions at Wind Tunnel Test Points

STS-61C
Tunnel Rlight Values
Mach No. a® B P,2 (PSP Altitude (ft)
21570 392 -1 - 7.1 224656
10.020+ 395 3 1964 164348
6.220 302 -1 2575 134075
6.000+ 285 -2 283.6 130062
4.630+ 23.6 4 338.0 114237
3.500+ 17.9 -3 4179 97342
3.480 178 -4 418.9 97052
3.020 16.1 2 4405 90032
2.960+ 15.9 -1 4434 89017
2.660 14.7 -1 4374 84877
2.460+ 143 -2 429.0 82109
2.300 145 -3 416.6 80124
2280 145 -3 4144 79911
2.000 124 3 3722 77108
1.980 12.1 3 368.8 76849
1.770 10.6 -7 3615 73161
1.595 102 -5 375.8 68632
1.500+ 102 2 380.9 66209
1.400 94 1.0 388.6 63579
1300 8.7 1.0 411.7 60215
1.200 82 -1 4453 56348
1.150 17 -18 455.9 54656
1.100+ 78 -2.1 458.7 53335
950 73 -8 505.7 47786
800+ 54 3 795.9 35195
600+ 84 8 1192.7 21917
TABLE 4. Flight Conditions at Wind Tunnel Test Points
STS-28
Tunnel Right Valucs
Mach No. o p° P,z (PSP)* Altitude (ft)
21570 39.9 0 0 225590
10.020+ 39.1 -3 0 169856
6.220 31.0 -2 0 141345
6.000+ 302 2 0 138738
4.630+ 24.0 2 0 117810
3.500+ 18.1 -1 0 100438
3.480 18.1 0 0 100121
3.020 154 -1 0 92082
2.960+ 153 -2 0 91188
2.660 14.1 0 0 86117
2460+ 13.9 .1 .0 82721
2.300 152 .1 0 80973
2.280 14.8 0 .0 80794
2.000 119 -1 0 78673
1.980 11.7 -2 0 78534
1.770 102 1 0 75484
1.595 9.9 0 0 70878
1.500+ 9.6 0 0 67875
1.400 8.9 -6 0 64771
1.300 82 .1 0 60871
1.200 19 -7 0 57243
1.150 7.7 -7 .0 55500
1.100+ 75 -3 .0 53992
950 72 -5 .0 49856
800+ 7.0 0 0 32714
600+ 73 -3 0 21543

*P, reference source not available
2




TABLESS.

Flight Conditions at Wind Tunnel Test Points

STS-32
Tunnel Flight Values
Mach No. o® Be Plz (PSF)* Altitude (ft)
21570 403 -3 0 222666
10.020+ 38.8 -1 0 161659
6220 29.8 -4 .0 133321
6.000+ 28.8 .0 .0 130080
4.630+ 23.0 -2 .0 111226
3.500+ 18.2 -1 0 94874
3.480 18.1 -2 .0 94579
3.020 15.8 .0 0 87152
2.960+ 152 .1 0 85943
2.660 13.7 .1 0 80986
2.460+ 14.6 -3 .0 78069
2300 14.9 -2 .0 76720
2.280 14.6 -1 .0 76579
2.000 104 3 .0 74680
1.980 104 3 .0 74515
1.770 102 2 .0 70432
1.595 9.7 -6 .0 65334
1.500+ 9.7 -4 .0 62476
1.400 8.6 -4 0 59059
1300 8.3 .0 .0 55893
1.200 8.2 -1 .0 52677
1.150 8.0 -3 .0 51326
1.100+ 82 6 .0 50191
950 74 -3 .0 44853
800+ 5.7 .0 .0 32473
600+ 82 3 0 19500
‘P‘2 reference source not available
TABLE 6. Flight Conditions at Wind Tunnel Test Points
STS-35
Tunnel Right Values
Mach No. a® B° Pl2 (PSF) Altitude (ft)
21.570 40.0 .0 89.7 221440
10.020+ 39.2 1 2143 161503
6.220 30.1 2 284.4 132292
6.000+ 285 2 296.7 129722
4.630+ 29 .1 378.7 112376
3.500+ 18.2 1 433.1 96890
3.480 18.2 .0 4329 96674
3.020 16.9 3 447.1 89910
2.960+ 16.1 3 451.6 88902
2.660 14.5 3 4923 82821
2.460+ 15.0 .0 501.2 78980
2.300 14.5 -1 482.6 77143
2280 145 -1 480.9 77047
2.000 10.8 .0 42176 74538
1.980 10.5 .0 424.9 74264
1.770 9.9 -1 426.4 70219
1.595 9.4 -1 456.9 65229
1.500+ 9.0 -4 475.9 62267
1.400 8.1 -5 498.3 59134
1.300 1.7 7 514.3 56210
1.200 15 3 524.4 53364
1.150 1.7 5 529.0 51991
1.100+ 7.6 -1 530.6 50838
950 73 3 551.7 46444
.800+ 6.1 2 833.7 34126
600+ 7.8 -2 1384.0 17837
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TABLE 7. Flight Conditions at Wind Tunnel Test Points

STS-40
Tunnel BET Values
Mach No. o°(BET) B°(BET) P‘Z (PSP Altitude (ft)
21570 40.0 0 91.0 225029
10.020+ 392 .1 2145 166516
6.220 30.7 2 2622 136843
6.000+ 29.6 -1 2752 133858
4.630+ 23.1 .0 3805 113427
3.500+ 178 -.1 4553 96776
3.480 17.7 -1 455.9 96621
3.020 15.7 .1 483.9 89106
2.960+ 155 -5 4853 88230
2.660 14.6 .0 487.7 83663
2.460+ 142 -2 486.6 80521
2300 14.8 .1 471.0 78430
2.280 14.7 2 467.9 78218
2.000 12.6 -2 4145 75630
1.980 12.1 0 409.8 75383
1.770 9.9 -3 3929 71809
1.595 9.8 -4 4173 66776
1.500+ 9.6 7 4385 63589
1.400 8.6 2 457.8 60396
1.300 8.1 -2 476.6 57221
1200 7.8 -3 500.0 53776
1.150 7.7 -1 504.4 52383
1.100+ 15 -3 507.7 51033
950 7.1 -3 5513 45834
800+ 6.0 -1 829.9 34057
600+ 9.4 S 1179.7 21764
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Fig. 3 SEADS Flush Orifices
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SHUTTLE ENTRY AIR DATA SYSTEM PREFLIGHT ALGORITHM
DEVELOPMENT BASED ON COMPUTATIONAL RESULTS
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ABSTRACT

The Shuttle Entry Air Data System (SEADS) preflight air data extraction
algorithm is based on stagnation-region pressure distributions predicted by
Newtonian theory. To enhance the accuracy of the algorithm, an empirically
derived correction factor based on experimental pressure distribution data was
applied. These experimental pressure distributions were obtained from models
tested in various wind tunnels at operational speeds ranging from subsonic to
hypersonic. The present work addresses the potential for utilizing Computational
Fluid Dynamics techniques, instead of wind tunnels, as a source of the pressure
distribution data necessary for the definition of preflight algorithm correction
factors. The use of these techniques can enhance the accuracy of the corrections,
and reduce the level of effort required to obtain the required correction factors. The
pressure distributions used to calculate the correction coefficients were obtained by
the High Alpha Inviscid Solution code for selected flight conditions.

The corrected angle of attack obtained from the present work is compared to
similar data obtained from wind tunnel test based corrections and Best Estimate

* Project Engineer
** Senior Analyst / Programmer
# Aero-Space Technologist
1 Senior Research Engineer
Support for this research was provided by NASA Langley Research Center,
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Trajectory. This comparison was used to ascertain compatibility between the two
procedures, and to assess the applicability of computational methods for the
determination of algorithm correction factors.

NOMENCLATURE

= enthalpy
o = freestream Mach number

2 =

= number of orifices

= pressure

= Newtonian theory predicted pressure
= freestream dynamic pressure

= freestream static to stagnation pressure ratio
= freestream velocity

= angle of attack

= sideslip angle

= density

= ratio of specific heats

= cone angle

= clock angle

3 < [ o B
D o 'O'co98<|;uécz§

= flow incidence angle

Subscripts

i = ith orifice location
= measured value

m
r = reference value

t = stagnation value
oo

= freestream condition

INTRODUCTION

Conventional pitot static tube air data systems have traditionally been used in
aircraft to determine the angle of attack, sideslip angle and the freestream dynamic
pressure. For hypersonic re-entry vehicles these air data parameters are of utmost
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importance, but the conventional air data system approach can not be used in this
flight regime due to the high energy nature of the flow-field. The Shuttle Entry Air
Data System (SEADS) [1-3], an experimental system based on the flush-orifice air
data system concept developed at the NASA Langley Research Center, was
designed to solve this problem and to provide air data from atmospheric re-entry to
touchdown. Incorporated as a part of the Orbiter Experiments Program (OEX) on
the Space Shuttle Columbia, SEADS used the pressure data obtained from flush
orifices on the blunt nose region of the shuttle orbiter to determine the required air
data parameters.

The SEADS orifice array was designed to consist of 20 flush orifices located on
the nosecap and forward fuselage of the orbiter (Figure 1). Flight-measured
pressure data obtained during orbiter re-entry flights 61-C, 28, 32, 35 and
40 was used to estimate the air data parameters--angle of attack o, sideslip
angle B and freestream dynamic pressureq_. Data reduction was accomplished

through the use of a "filter" algorithm [1], which incorporates a Newtonian theory
[4] based mathematical model of the pressure field on the orbiter's forebody. The
“filter" algorithm extracts the aerodynamic state vector (Eq. 5) from the flight-
measured pressures. The freestream dynamic pressure is calculated from the
predicted stagnation pressure. However, it was expected that the differences
between the flight-measured pressure distributions and the Newtonian theory
based predictions would result in filter-derived air data parameters which would be
inaccurate. A reduction of these errors, during the extraction of the air data
parameters, was achieved by applying corrections to the preflight algorithm. These
correction factors were derived from the pressure data obtained from extensive wind
tunnel tests on various models in a variety of wind tunnels (Mach-6 air, Mach-10
air, Mach-6 CF4, Langley and Ames Unitary, AEDC propulsion, and Mach-20
Helium) [11-15]. It is significant that these wind tunnel tests required a large effort
in terms of resources - facilities, time and manpower. In the present work, the
correction coefficients were derived with a comparatively small computational and
manpower effort through the use of CFD techniques.

The present work addresses the possibility of obtaining surface pressure
distributions, similar to those acquired through conventional wind tunnel
testing, through the use of CFD techniques. This approach would reduce both the
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time and effort required to develop and obtain the preflight algorithm corrections,
and to increase the accuracy of the air data predictions.

The first step in this process was the development of an accurate SEADS
nosecap geometry model. This geometry model was constructed through the use
of photogrammetric data. A computational grid was formed by numerical
interpolation and smoothing of the model (Figure 2). Next, the flowfield solutions
were obtained by using the HALIS code [5] for various flight conditions, and these
solutions were used in the calculation of preflight algorithm corrections. Since the
HALIS code provides accurate results for flowfields with freestream conditions
ranging from hypersonic down to high supersonic, the present work was restricted
to correction coefficients obtained for Mach numbers exceeding 3. A second set of
preflight corrections was obtained from the wind tunnel data. Each of these two
sets of corrections was used in the extraction algorithm to estimate the air data
parameters from the flight pressure data obtained from the shuttle orbiter flights
61-C and STS-35. Finally, these estimates were compared to the Best Estimate
Trajectory (BET) predicted values to define the relative errors in the predictions,
and to verify the accuracy of the corrections derived by the two methods.

SEADS "FILTER" ALGORITHM

The air data calculations were performed using a "filter" algorithm
which is based on the Newtonian theory. The Newtonian predicted pressures
are determined from the following equation:

PN; = Pt [(1 - R) cos26; + R] (1)

where the freestream static to stagnation pressure ratio R is related to the
freestream Mach number M. by the perfect gas relationship (for Mo > 1)

Y _[2yM 2-yv+1|Y
R 2 _Jg |2} v 1 @)
(y+1)M_2 Yy+1




and the flow incidence angle 0 is related to the surface normal parameters (cone
and clock angles) and air relative spacecraft attitude by the following equation:

cos 01 = cos o cos B cosmj + sin P sinnj cos {j + sin o cos B sinnj cos i 3)

The air data parameters are obtained by solving a system with M equations in

N unknowns ( M > N ) such that the solution is the best possible fit in the least-
squares sense. The governing system of equations for the calculations is

I Pm, \ Pt [(1 - Rpy) cos? Om, + Rm]

P1}12 =1 Pty [(1- Ry) cos2 Omo + Rml (4)
P ’ :
\ mp Ptm [(1- Rmpy) cos2 Gmn + Rl
This system of equations can be solved in the least-squares sense by solving
the following problem:
min
X e R* {P m; -f(X, ”i’Ci)} , (5)

where || "2 denotes the Euclidian norm, R4 denotes a real four dimensional search
space, and X is the aerodynamic state vector given by

Py
Rm

X=¢"M 6)
om

Bm

The system of equation (4) is solved by linearizing the right-hand side of that
system. The linearized system is given by

(Pm; - %, Mg, ) = [af(}({’%@] (4% @
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where the partial derivatives are found to be

_of _ Ry + (1 - Ryy) cos2 6. (7a)
Ptm !
of
Ry =P¢ (- cos2 Gmi) (7Tb)

_of =-2Pt, (1 - Rypy)cos Bj (sin oy cos By cos Mj

aam (7C)
- €0s Oy cos By sin Mj sin §1)

éﬁﬁ_ =-2P¢, (1 - Rp)cos 6 (cos apsin By cosmj + sin oy sin By sin n; sin i
m
- cos By sin M cos {7 )

(7d)

The linearized system is solved by using an iteration scheme. Starting guess
values for the freestream static to stagnation pressure ratio, angle of attack, sideslip
angle, and the stagnation pressure are used to calculate the left hand side of
equation (7) and the matrix of partial derivatives on the right side of the equation.
The AX vector is calculated by the best fit solution to equation (7), and then used to
update the "guess” values of X, (X, nj, {;) and Jf(X, nj, {;)/0X . The iteration step
is repeated until a converged solution for the aerodynamic state vector is obtained.

HALIS FLOWFIELD CODE

The High Alpha Inviscid Solution (HALIS) [5-8] flowfield code was
initially developed to handle high angle of attack flowfields. These flowfields are
characterized by large regions of embedded subsonic flow on the windward surface
of flight vehicles such as the Space Shuttle Orbiter. Briefly, the HALIS code
obtains a time-asymptotic solution of the Euler equations utilizing an unsplit
MacCormack differencing scheme. The solution space is the volume between the
body surface and the bow-shock wave, which is treated as a time-dependent
boundary. This leads to a coordinate system defined by the position of the
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bow-shock and the body, as well as the spatial derivatives along those surfaces. The
code is designed to allow grid points in any of the three coordinate directions
to be clustered in a region of high gradients.

The HALIS code is designed to handle arbitrary gases behaving as a
perfect gas ( constant v ), or as a real gas in thermodynamic equilibrium.
In the case of a real gas, the thermodynamic properties (of the gas in
question) must be quantified in a functional form relating pressure, enthalpy,
temperature, density and internal energy, e.g., P = Ph(h, p) etc., for use in the code.
For equilibrium air properties, the curve fits of Tannehill [9] are used, while
Sutton's functional relations [10] are used for CF4 equilibrium properties.

CALCULATION OF CORRECTION COEFFICIENTS

The preflight correction coefficients for the air data extraction
algorithm are calculated by utilizing wind-tunnel measured, or CFD computed,
pressure distributions on the orbiter's nosecap. The pressure at each orifice location
is obtained for various flight conditions (o and Mw), and the air data is extracted
from these pressures using the "filter” algorithm. The computed angle of attack
is then compared to the reference angle of attack at various freestream Mach
number conditions to obtain the offset and linear angle of attack correction
coefficients as a function of the freestream static to stagnation pressure ratio R.

The relation between "measured” (computed) and reference (input to
the HALIS flowfield code) angles of attack is given as

Om = CO + Clar (8)

where Cg and C1 are the offset and linear correction coefficients, respectively.
First, the offset correction is obtained from the computed angle of attack for a zero
reference angle of attack (i.e., om when oy = 0). Next, the linear correction is
obtained from the remaining data points by choosing a value for which minimizes
the root mean square (R.M.S.) of error between the data points and the line defined
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by the right-hand side of equation (8). The linear coefficient value obtained by this
approach is determined by

n n

2 ari ami - CO 2 arl
Cl = i=1 = =1 (9)
z Oﬁriz

i=1

where n is the total number of points used for obtaining the curve-fit.

RESULTS

The HALIS code was used to obtain the orbiter nose region flowfield solutions
corresponding to various freestream re-entry flight conditions selected from flights
61-C and STS-35. A perfect gas version of the code was used to obtain the results.
The pressure at each SEADS orifice location was extracted from the computed
surface pressure distribution by utilizing a two dimensional interpolation algorithm.
A sample pressure distribution corresponding to Me = 5.97 and o = 35.000 is shown
in figure 3. The orifice pressures extracted by utilizing the interpolation algorithm
are denoted on the pressure distribution curve by the numbered solid symbols.

As explained earlier, the CFD computed orifice pressures were used to extract
the air data using the "filter" algorithm. The various air data results obtained for a
given Mach number were used to obtain the offset (Cg) and linear (C1) correction
coefficients. The algorithm extracted angle of attack, as a function of the reference
(input) angle of attack, for Mo = 2.96, is shown in figure 4.

These extracted angles of attack were used in the computation of the offset and
linear correction coefficients as given in equations (8, 9). The correction coefficients
were obtained for various freestream conditions, and are shown in figures 5 and 6
with solid symbols as a function of the square-root of freestream static to stagnation
pressure ratio (YR). Regression curve-fits for the correction coefficients were
obtained in order to use these coefficients for correcting the algorithm extracted
angle of attack. These curve fits were second order polynomials which provided
least-squares fits to the data points, with the restriction that the slope of these



curves be zero at R = 0 (this heuristic restriction was applied to the curve-fits since
it was expected that the correction coefficients would approach a constant value as
freestream Mach number tended to infinity). The curve-fits are shown in figures 5
and 6 with dashed lines, and are described by the following relations:

Co = 26.1346* R - 0.2042 (10)
C1=-0.9808*R + 1.0928 11)

Correction coefficients based on the CFD generated pressure distributions were
used to correct the "filter" derived air data. The "corrected" angle of attack was
compared to the BET derived air data [16,17] to ascertain the accuracy of the CFD
derived correction coefficients. These comparisons for orbiter flights 61-C and STS-
35 are shown in figures 7 and 8, respectively. It can be seen that the SEADS
derived (uncorrected) angle of attack differs from the BET derived results by about
3 to 4 degrees. However, the corrected SEADS results are virtually
indistinguishable from the BET derived results.

The corrected results obtained by using the wind-tunnel derived
corrections and the present method are presented for comparison in figures 9 and 10
for orbiter flights 61-C and STS-35, respectively. As can be seen, the results
from the present method compare very well to those obtained from the BET.
For the results shown in figures 7 and 8, the root mean square (R.M.S.) error
between the results obtained by the present method and those from the BET is
0.4645 compared to an R.M.S. error of 0.5515 for the wind-tunnel corrected
results.

CONCLUSION

A method for the calculation of correction coefficients needed to optimize the
SEADS preflight algorithm has been demonstrated. This method provides accurate
preflight corrections using CFD techniques, at a cost of relatively small
computational and manpower effort. On the other hand, wind tunnel tests, which
were previously used to calculate correction coefficients, required a large effort in
terms of resources - facilities, time and manpower.
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The present work has focused on the computation of correction coefficients for
the angle of attack. Future work should address similar computations for the
sideslip angle and the freestream static to stagnation pressure ratio.
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Figure 1. SEADS nosecap orifice configuration
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Figure 2. Computational grid for the SEADS nosecap
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Abstract

A model of the Shuttle Orbiter rarefied-flow aerodynamic
force coefficients has been derived from the ratio of flight
acceleration measurements. The in-situ, low frequency (<1 Hz),
low level acceleration (~ 1 x 10-6 g) measurements are made
during atmospheric reentry. The experiment equipment
designed and used for this task is the High Resolution
Accelerometer Package (HiRAP), one of the suite of sensor
packages in the Orbiter Experiments (OEX) Program. To date,
12 HiRAP reentry mission data sets have been processed, spanning
a period of about 10 years. A HIRAP derived aerodynamics model
has been developed which compares well with flight data and
appropriate wind tunnel data. The flight accelerometer data and
the derived aerodynamic coefficients are subsequently used to
infer upper atmospheric density characteristics along the
trajectory path of the Orbiter. The inferred upper atmosphere
density calculations are presented as a function of altitude and
normalized to the 1976 U.S. standard atmosphere model. The
HiRAP atmosphere density data base includes measurements
made during most of a solar cycle and during various local solar
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times and solar zenith angles, including morning and evening
terminator crossings. All flight densities exhibit a wave-like
structure between 80 and 140 km altitude and the corresponding
normalized density amplitudes indicate an annual variation, with
larger amplitudes occurring during the summer months.
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Acronyms

APU
BET
CFD
HiRAP
OADDB
OEX
STS
SUMS

Subscripts

i

Nomenclature

acceleration

axial or X-axis force

aerodynamic coefficient
acceleration due to gravity, 9.81 m/s2
1x106 g

mass

normal or Z-axis force

reference surface area, 249.9 m2
velocity

Orbiter body axis system coordinates
atmospheric density

auxiliary power unit

best estimated trajectory

computational fluid dynamics

High Resolution Accelerometer Package
Operational Aerodynamic Design Data Book
Orbiter experiments program

Space Transportation System

Shuttle Upper Atmosphere Mass Spectrometer

The ith direction, ie. X,Y,Z axes or normal
or axial axis



Introduction

The development of a reusable space vehicle which delivers
payloads to orbit in the vertical rocket configuration, and returns
from orbit in a horizontal aircraft configuration provided an
unprecedented opportunity to the flight research community. One
of the unique flight research areas which can be assessed regularly
is the aerodynamic performance of a winged reentry vehicle
traversing the rarefied-flow transition regime from free-molecule
to hypersonic continuum, roughly 160 to 60 km altitude. The
altitude range of this flight regime is too low for satellite
measurements and too high for sounding rocket measurements,
as depicted in Fig 1.

Computational fluid dynamics (CFD) techniques researchl
was being conducted during the early Orbiter development flight
tests, but was not mature enough for aerodynamic design
predictions. Extensive wind tunnel testing went into the design of
the Shuttle Orbiter2, but under conditions which were not in the
rarefied-flow regime (except for one set of data which is shown in
this report). Therefore, prior to the initial Orbiter development
flights, no applicable rarefied-flow reentry aerodynamics test data
were available. The solution to this limitation was to adapt
empirical expressions resulting from earlier flight tests of Apollo-
like blunt bodies to a winged reentry vehicle.

Decisions were made early in the Orbiter development
program to use the Orbiter as a flight test vehicle to make in-situ
measurements of this largely unexplored flight regime. Making
full scale, repeated measurements during atmospheric reentry
would permit a better understanding of both the reentry
aerodynamics and the reentry environment. This, in turn, would
provide an improved data base for future development of winged
reentry vehicles. One of the experiments developed to make these
aerodynamic measurements was the High Resolution
Accelerometer Package (HiRAP). The HiRAP experiment was
one of a number of flight experiments designed and flown on the
Orbiter as part of the Orbiter Experiments Program (OEX). The
OEX Program was initiated to provide aerothermodynamic and
aerodynamic flight data for application to reusable winged reentry
vehicle designs.
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Experiment Description

HiRAP is a package of three orthogonal, pendulous, gas-
damped, micro-g resolution accelerometers mounted on the
Orbiter in the wing box. The axes of the accelerometer sensors are
co-aligned with the Orbiter body axes. The HiRAP is designed to
measure the Orbiter aerodynamic acceleration signal during
reentry. In particular, HIRAP measures the low frequency ( < 1
Hz ), low level acceleration ( i.e micro-g sensitivity ) signals during
the reentry from free molecule flow to hypersonic continuum
transition. During the un-powered gliding reentry of the Orbiter,
the aerodynamic acceleration signal is directly related to the
aerodynamic force coefficients (Fig. 3). The signals measured by
the HiRAP are converted into calibrated aerodynamic
acceleration data sets and merged with mission-specific trajectory
state vector data. These merged aerodynamic data sets are then
further processed to determine Orbiter aerodynamic coefficients
and to infer atmospheric density. HIRAP accelerometer
measurements have been made on Space Shuttle Orbiter missions
since STS-6 in April of 19833. The measurement data base
includes ascent, orbit, and reentry data.

A variety of spatial and temporal assessments of the inferred
density measurements can be made due to the time span of
instrument operation and the attributes of the Orbiter reentry
trajectory over many missions. For example, data have been
collected for nearly a decade, which allows a correlation of inferred
density with solar intensity over one complete 11 year solar cycle.
The reentry trajectory provides a descent of approximately 100
km in altitude with a ground-track distance of about 8000 km.
This permits the study of horizontal slices of the atmosphere in a
regime not regularly assessed by satellites or by ground LIDAR,
which samples vertical profiles.

Flight Data Results
Extraction Technique

The principle behind making aerodynamic acceleration
measurements during reentry is to remove the non-aerodynamic
acceleration inputs. In un-powered gliding flight the predominant
non-aerodynamic forces on the Orbiter are thrust firings, APUs,
and rotationally induced linear accelerations (the sensors are not



at the center-of-gravity). The flight data is transformed into
aerodynamic acceleration data using a rigorous, detailed process
to remove these effects. 4,5,6,7

Force Ratio Data

A common measure of aerodynamic performance is the
ratio of the normal to axial acceleration measurement. This ratio
corresponds to force coefficient ratios, CN/CaA. Fig. 4 presents the
force coefficient ratio data during reentry for all 12 currently
available missions. The reentry data set consists of about 11.6
hours of flight measurements. It is from this compendium of data
that the aerodynamic model has been determined and the
atmospheric density inferred. The ascent data base consists of
approximately 4 hours of measurements and the orbital data base
contains about 10 hours of measurements. For the purposes of the
various HiRAP project analyses, the acceleration data sets consist
of time, X- and Z-axis acceleration measurements. The HiRAP
instrument does measure and record the Y-axis sensor output but
it is not used for the purposes of this paper.

Rarefied-Flow Aerodynamics Model

Beginning with early analytic models3:4 the HiRAP data
were used to derive an aerodynamics model. This aerodynamics
model is composed of curve fits to data described by the Operation
Orbiter Aerodynamic Data Book (OADDB)8 combined with a
transition bridging formula developed during the HiRAP
program?9. The rarefied flow aerodynamics model is composed of
three sections: the free-molecule flow coefficients, transition
formulae, and the hypersonic continuum coefficients. Fig. 5 shows
the set of aerodynamic coefficient equations in the form of Cn and
Ca functional relationships. The exact equation details are in the
literaturel0.

The reentry aerodynamic data sets are the basis for the
determination of the Orbiter rarefied aerodynamics model. The
equation for this process is a particular arrangement of the
classical aerodynamic force equation, namely
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C. =
1 .,,.S
ZoVH =
(2p )m

where Cj is the aerodynamic force coefficient in the ith direction,
aj is the corresponding acceleration, and S/m is the vehicle area to

mass ratio. In general, the dynamic pressure, ( % pV?) canbe

obtained from pressure transducers, mass spectrometer
measurementsll, or atmospheric models.

In order to calculate the coefficient Cj in equation (1), all of
the terms on the right of the equation must be known. The HiRAP
instrument measures acceleration (aj) along each Orbiter axis.
The mass m and the reference surface area S (249.9 m2 ) are
known and velocity V is determined as a function of flight time
from a BET process12-23, Since no measurements of the density
were available for most of the earlier flights, a statistical approach
was developed to determine the aerodynamic coefficients. This

technique is described in the literature along with the results for
several of the earlier flights 9,24-29,

Reentry Trajectory Data

Reentry trajectory data from each mission are required for
the development and the calculation of the rarefied-flow
aerodynamics modell2-23, These data are also required to present
the analytical results in spatial and temporal perspectives for
density correlations. The sign conventions used in the
aerodynamic analyses are presented in Fig. 6. Angle of attack and
control surface data for all missions are presented in Fig. 7a-7c.
The Orbiter average angle of attack is seen to be 410 until an

altitude of about 110 km is reached when it decreases to about 400°.
During the early Orbiter flights, the initial body-flap and elevon
settings were varied, until an apparent optimum setting was
realized. Currently, all flights use -4.50 and -2.70 as the settings for
the body-flap and elevons, repectively. The mass of the Orbiter at
entry interface (121 km) and the velocity profile of each mission
were used to complete the analyses.



Aerodynamics Model Comparisons

The HiRAP derived Orbiter rarefied-flow aerodynamics
model is presented in the form of a force ratio, CN/CA as a function
of Knudsen Number (Kn) in Fig. 8. The ratio measurement vs.
model residuals are also presented for all missions. The average
residual for Kn < 10-3 is not completely random, suggesting that
further model adjustments are possible. The Kn in this figure is
derived from the 1976 Standard Atmosphere30 and uses the mean
aerodynamic chord of the Orbiter as a reference length
(12.058 m). The model is compared to the same force ratio from
wind tunnel data in Fig. 9. The HiRAP aerodynamics model
agrees well with the wind tunnel data in the rarefied flow flight
regime.

Upper Atmosphere Density Variability |

The HiRAP flight aerodynamics model provides a means to
calculate upper atmospheric density for each flight29,31, Equation
(1) can be rearranged to obtain the following:

a.

p=—— @)
lVZQi S

2 m

The above calculation produces two sets of inferred density from
the X- and Z-axis aerodynamic acceleration measurements. A
much greater noise level exists in the Z-axis measurement due to
Auxiliary Power Unit (APU) exhaust disturbances® than in the X-
axis measurement. This noise is transferred to the inferred
density. As a result of the noise, a composite density is formed
using X-axis derived density at high altitude and Z-axis derived
density at low altitude. This composite of inferred density is
normalized to the 1976 Standard Atmosphere density and
presented in Figs. 10a and 10b. Examination of these plots shows a
wavelike density structure with peak amplitudes deviating from
the measured average by more than 20%. Typical waves span
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horizontal distances of approximately 1800 km in the altitude
range from 115-80 km. These waves appear to be somewhat
random, since maxima and minima occur at different altitudes
and since the wave amplitudes vary from flight to flight.

The cause of the wave structure seen during the individual
flights has not been definitely determined. Horizontal or vertical
gusts cannot produce the required accelerations because
unreasonably high wind speeds would be required. If the
variations are temporal, their fluctuations are too rapid to be
caused directly by slowly varying influences such as F19.7, time of
year, or even local solar time or solar zenith angle. However, these
variables could influence the mechanisms which produce the
waves and thereby indirectly influence both their temporal and
spatial dependence, as well as their amplitude.

A twelve flight density envelope showing the separate
components of the composite density is presented in Fig. 11. The
effect of the APU in the Z-Axis component derived density shows
an increased spread in the envelope at high altitudes. A twelve
flight average of the separate density components is presented in
Fig. 12. Included in Fig. 12 is a one standard deviation envelope
around the 12 flight average. The APU effect is also evident in the
magnitude of the Z-axis standard deviation at high altitudes.

Density Correlations

The HiRAP experiment has been in operation for a decade
and to date 12 missions have been analyzed. As a result of this long
time span and the variety of reentry parameters, several spatial
and temporal comparisons can be made. These include polar and
equatorial reentry ground tracks, reentry solar zenith angles, local
solar times, annual atmospheric density amplitude variations and
density measurements relative to solar cycle. The reentry ground
tracks for the 12 missions analyzed to date are limited between
40 S and 60 N latitude over the Pacific Ocean and are presented in
Fig. 13. The reentry paths are grouped into high and low
inclination sets as a function of the primary mission orbital
mechanics parameters. The solar zenith angles for each of the 12
missions is presented in Fig. 14. All missions except STS-08 and
STS-35 flew into the morning terminator and landed during
daylight hours. The solar cycle itself has a direct effect on the
atmospheric density, particularly in the rarefied flow region. The
10.7 cm flux is a standard index of solar intensity32 and is
presented in Fig. 15. Superimposed on this cycle are the times that



HiRAP aerodynamic accelerations were measured. These
measurements, and therefore the inferred densities, span the
complete cycle.

The amplitude of the density ratio (p/p7s) wave between 80
and 115 km altitude was calculated for each flight. Each
amplitude was then divided by the corresponding average density
ratio to give a normalized amplitude. In turn, the normalized
amplitudes were correlated with time of year, F1¢.7, local solar
time, and solar zenith angle by the method of least squares. Only
the correlation with time of year was statistically significant (the
others were marginal). The normalized amplitudes were next
corrected by removing the effects of the F1¢.7, local solar time, and
solar zenith angle. This corrected data set was then correlated
with time of year. The results are shown in Fig. 16. This fit to the
amplitude variation shows a roughly 20% change during the year
with the maximum amplitude occurring in the summer.

Summary

The Orbiter Experiments (OEX) program provides a unique
opportunity to use the repeated Shuttle Orbiter reentries to make
in-situ aerothermodynamic and aerodynamic measurements.
One of these experiments, the High Resolution Accelerometer
Package (HiRAP) experiment was devised to make low frequency,
low acceleration aerodynamic acceleration measurements in the
rarefied flow flight transition regime. These measurements in the
transition flight regime during the Shuttle Orbiter reentry are in a
flight region difficult to simulate. With the twelve HIRAP missions
spanning about 10 years, a unique flight aerodynamic acceleration
data base has been built. From this data base a rarefied flow
aerodynamics model has been developed. This model compares
well with flight data and wind tunnel data. These flight
aerodynamic acceleration measurements and the subsequent
development of the aerodynamics model are currently being used
to evaluate CFD techniques.

The verified aerodynamics model and the calibrated
aerodynamic acceleration measurements have been used to infer
upper atmospheric density. The inference of atmospheric density
from the 12 sets of flight data permits a variety of statistical
analyses and comparisons with the conditions associated with the
collection of the data. Due to unique characteristics of the Orbiter
reentry, the inferred density characteristics are unlike any
previous measurements at this altitude. The data are measured
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along a nearly horizontal slice of the atmosphere, while traveling
into both the morning and evening terminator, during a nearly
complete solar cycle, and between latitude ranges of 40S to 60N
over the Pacific Ocean. The ratio of the inferred density to the
1976 Standard Atmosphere density for each of the 12 missions
displays a random wave structure. A seasonal component of this
wave structure has been detected.
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where, fori=NA

Free molecule flo efficient Cit = Cit(o) + [Cit(Spf) + Cit(bel) ]

Hypersonic continuum coefficients Cic = Cic () + Cic (So1) + Cic (3el)
and, forj=1t03

"Bridging” icien Cn = exp[ &, log1o(Kn) ]

Ca = exp[bj, logio(Kn) ]

Figure 5. Rarefied-flow aerodynamics model outline.
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DIRECT SIMULATION MONTE CARLO (DSMC) MODELLING OF ORBITER REENTRY
AND ON-ORBIT AERODYNAMICS

Didier F. G. Rault
NASA Langley Research Center
Hampton, VA

ABSTRACT

A three-dimensional direct simulation Monte Carlo method is used to evaluate the
aerodynamics of the Shuttle Orbiter in the early phase of atmospheric reentry from low-Earth
Orbit down to 100 km altitude. Simulation results are compared with Blanchard's Shuttle
aerodynamic model, which is based on a series of in-flight high sensitivity accelerometer
measurements. Good agreement is shown except for the normal force and pitching moment
coefficient.

INTRODUCTION

Flight data recorded during the reentry of the Space Shuttle Orbiter offer the possibility of
studying the aerodynamics of flight vehicles over all flow regimes, from the free molecule
regime at orbit altitudes, through the transition regime in the 100-200 km range and the
continuum hypersonic, supersonic and subsonic flow regimes at lower altitudes. These data are
of special interest in the low-density, high Knudsen number domain in which very few flight data
are available to validate simulation codes and methods. The present paper is concerned with the
three-dimensional computer simulation of the flow field around a reentering Shuttle Orbiter from
orbit altitude down to 100 km and the comparison of the computed values of the aerodynamic
forces and moments with the values derived from flight data. Special codes and methods have
been developed to perform this simulation. In the high Knudsen number flow regime, the
conventional computational fluid dynamic (CFD) methods, which are based on solving the
Navier-Stokes equations, cannot be used. Instead, we have used a particle simulation approach,
namely the direct simulation Monte Carlo method, as shown in Section 2. The flow conditions
and atmospheric properties which are considered in this work are described in Section 3. The
Shuttle aerodynamic characteristics were computed at 5 nominal altitudes along the reentry
trajectory, namely 100 km, 110 km, 120 km, 145 km, and 170 km. Results are presented in
Sections 4-5. It is shown that, as the Shuttle altitude decreases, the structure of the flowfield
gradually changes from a shockless thick compression layer, typical of the free molecule flow
regime, to a viscous shock layer and finally to a more continuum like shock-boundary layer
structure characterized by a strong leading edge shock. The computed aerodynamics compare
fairly well with flight data derived values, except for two instances, namely the normal force
coefficient and the pitching moment coefficient. The normal force coefficient appears to remain
close to or above its free molecule limit value over most of the transition flow regime. This
peculiarity is discussed and analyzed in Section 6. The pitching moment increases significantly

*Aero-Space Technologist, Aerothermodynamics Branch, Space Systems Division.
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with rarefaction, and the Center of Pressure is found to move forward about 2.5 meters from orbit
altitude to 100 km. These observations are attributed to a redistribution of the shear and pressure
forces on the Shuttle surface as illustrated in Section 7. Finally, in the last section, the
aerodynamics of the Shuttle in Low-Earth Orbit (LEO) with open cargo bay doors are presented.

SIMULATION METHOD: DIRECT SIMULATION MONTE CARLO

In the low density-high Knudsen number flow regime, the computer simulation of flowfield
around vehicles can be extremely complex due to nonequilibrium in all energy levels.
Collisionality among gas molecules may be very low and the gas is typically non Maxwellian.
Simulation methods relying on Navier-Stokes equations fail because of the breakdown of the
Chapman-Enskog relationships for transport properties and the inability to uniquely define a
translational temperature. An alternative method, devised by Bird (Ref. 1), consists of
simulating the gas no longer as a continuum fluid but as a large ensemble of discrete molecules.
This method is called the direct simulation Monte Carlo (DSMC) and has been highly
documented in the literature (Refs. 2 and 3) and used by several authors in the past 30 years over
a wide range of geometrical shapes. Our present implementation of the DSMC method uses the
variable hard sphere (VHS) model to simulate intermolecular collisions, the Larsen-Borgnakke
model to evaluate the internal energy transfer among colliding molecules, and Bird's chemistry
model. The molecule-wall interactions are modelled as completely diffuse for both momentum
and energy.

Recent effort has been aimed at extending the method to allow for the simulation of flowfield
around bodies of arbitrarily complex geometry in three dimensions. The code that was used for
the present work was developed in the course of recent studies on the acrodynamics of slender
and blunt reentry vehicles (Refs. 4-6) and satellites (Ref. 7) and the self contamination of
satellites (Ref. 8). A special feature has been included in the code for the present study to
accurately account for and simulate the thin-body layer that typically develops on the windside of
flight vehicles due to the characteristically large stagnation-to-wall temperature ratio on these
vehicles (Ref. 9). This body layer is characterized by high densities and large density gradients.
In a computer simulation, adequate spatial resolution of the computational grid within this thin
layer is crucial to accurately predict the shear forces on the body surface. As will be shown
below, the shear forces which, in the continuum flow regime are relatively small with respect to
pressure forces, may become predominant as the free molecular flow regime is approached.
Special grid adaption and solution tuning techniques were developed and used, which made it
possible to perform the simulation down to the relatively low altitude of 100 km.

FLOW CONDITIONS, ATMOSPHERIC PROPERTIES AND VEHICLE GEOMETRY

As the Shuttle Orbiter reenters the atmosphere from orbit down to 100 km, it traverses a flight
domain where the Knudsen and Reynolds numbers vary by several orders of magnitude as
illustrated in Fig. 1, which shows the reentry trajectory of the Shuttle in a Mach-Reynolds-
Knudsen number domain. The Reynolds and Knudsen numbers are based on the vehicle length
and the vehicle orbital velocity of 7500 mys. For Knudsen numbers larger than 10, the flow
regime is free molecular, i.e., the aerodynamics of the vehicle depend little on collisions among
gas molecules, and for a convex body shape such as the Shuttle Orbiter, the forces and moments
can be evaluated semi-analytically (Ref. 1). In the transition domain, which extends from



Knudsen numbers of 10 to at least 0.01 (Shuttle altitudes of 200 km down to 100 km,
approximately), a particle tracing code, such as DSMC, must be used, as explained below. Such
code, however, becomes extremely difficult to use and requires large amounts of computer time
and memory when the Knudsen numbers are less than 0.01.

Table 1 shows the atmospheric conditions that were assumed at the five nominal altitudes
considered in this study. Atmospheric densities can be seen to vary nearly 3 orders of
magnitude over the 100 to 170 km altitude range.

The Shuttle Orbiter geometry was obtained from NASA Johnson Space Flight Center as a
file of discrete data points, each being defined by three coordinates. The original
geometry corresponded to a body flap deflection of 0 degrees, an inboard elevon deflection of 10
degrees, an outboard elevon deflection of 5 degrees and a closed cargo bay door configuration.
Using data on the hinge line of the control surfaces and cargo bay doors, it was possible to
generate files corresponding to arbitrary control surface deflection and cargo bay door
configuration. The results presented herein were obtained with O degree deflection for all control
surfaces. The cargo bay doors are closed in the reentry phase and open in orbit.

SIMULATED FLOWFIELD AROUND THE SHUTTLE ORBITER

The structure of the flowfield around a reentering Shuttle Orbiter is illustrated in Figs. 2-6,
which show the total gas densities around the vehicle as altitudes decrease from 170 km to 100
km. Densities are shown normalized to the undisturbed freestream density. At 170 km, the flow
disturbance expands relatively far away from the Shuttle surface and the computational domain
is consequently large. The collisionality among gas molecules is low and the Shuttle actually
"snowplows" into the ambient atmosphere. The molecules which reach the vehicle surface lose
most of their energy and momentum as they diffusely reflect on the surface, and then slowly
travel to the boundary of the computational domain, with little chance of colliding with incoming
molecules. No shock is formed since gas molecules interact little with each other. As altitude is
decreased, the extent of the flow disturbance upstream of the Shuttle decreases, which allows for
a reduction of the size of the computational domain. Collisionality among the gas molecules is
gradually increasing and density gradients steepen. At 100 km, a shock front can clearly be seen
to have formed. It is characterized by a rapid density increase from 1 to 4 times the freestream
density. The density also increases very sharply near the vehicle surface. Figures 7 and 8 show
the density profile along the stagnation streamline at 110 km and 100 km, respectively. At 100
km, the density can be seen to increase 5-fold within one centimeter of the surface, reaching a
value of 220 times the freestream value near the vehicle surface. It must be noted here, however,
that his latter value is an overestimate of actual gas density near the vehicle surface. All the
computations presented herein assume that the Shuttle surface is still cold and isothermal at

3000K, whereas the thermocouple measurements on the windward surface indicate that, at 100

km, the temperature near the stagnation point may be in the range of 6009K to 8000 K (Ref. 10).
Figures 7-8, however, do show the capability of our present code to adequately spatially resolve
the thin sub-centimeter body layer over the 32 meter long Shuttle Orbiter.
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AERODYNAMIC CHARACTERISTICS. COMPARISON WITH FLIGHT DATA
Normal-to-Axial Force Ratio

Blanchard (Refs. 11-13) has used high sensitivity micro-g accelerometers to measure forces
on the Shuttle Orbiter during reentry in the altitude range of 60 km to 160 km. The aerodynamic
forces FA and FN in the axial and normal directions are derived from the measured data upon
removal of the effects of thrust, rotational acceleration, auxiliary power unit (APU) exhaust
plumes, and control surface deflection. The force ratio FN/FA is of special interest since it is
independent of the dynamic pressure, i.e., atmospheric density and Orbiter reentry velocity.
Figure 9 compares Blanchard's reduced data with the results of our DSMC computation. All the
results refer to a zero deflection for the elevons and body flap. A good agreement can be
observed over the whole altitude range considered in this study. Also shown in Fig. 9 are the
results obtained with the DSMC code run in a collisionless mode. In this mode, free molecular
conditions are simulated, which, by comparison, allows one to quantify the transitional effects,
i.e., the effects of intermolecular collisions on the aerodynamics. It can be observed that these
effects seem to disappear at 170 km where the DSMC transitional and free molecular results
converge. The preflight estimates for the normal to axial force ratio are also shown in Fig. 9
(Aerodynamic data book, Ref. 14). These early estimates appear to be somewhat low. Finally,
results obtained using Potter's bridging formula (Ref. 15) are shown. The bridging formula is
based on wind tunnel and Blanchard's early Shuttle data. A good agreement is therefore
expected with Blanchard's reduced data.

Lift to Drag Ratio

The lift to drag ratio L/D can be derived from the FN/FA ratio if the incidence angle o is
known:

FN/FA -tan o

(1)
1 + FN/FA

L.
D

This ratio is also independent of the dynamic pressure. Figure 10 shows the L/D ratio computed
with the DSMC code run in the transitional and collisionless modes. The results are compared
with wind tunnel data (corresponding to altitudes lower than 90 km) and flight data. The grey
band shown in the figure corresponds to a series of Shuttle flights, each one occurring at different
elevon and body flap deflection angles and different atmospheric conditions (Ref. 12). The grey
band data was not corrected for control surface deflection angle, i.e., this data was not reduced to
a zero deflection angle. Agreement between computed results and flight data can be observed to
be quite good over the whole range of altitudes considered in the present work. A future study
will be done to investigate the effects of elevon and body flap deflections on the aerodynamics of
the vehicle in the transition flow regime. The results obtained by Bird (Ref. 19) using an early
version of our present code are also shown for comparison. The modified Newtonian limit,
corresponding to a hypersonic inviscid flow, is shown to be L/D = 1.10, which is very close to
the value L/D = 1.06, computed by Weilmuenster and Gnoffo (Ref. 16) using the continuum
fluid LAURA code. Figure 11 shows that the preflight estimates for L/D ratio are somewhat
smaller than the measured values. Also shown are Blanchard's proposed aerodynamic model,
which is based on flight data (Ref. 13) and Potter's bridging formula.



Axial Coefficient

To unambiguously determine the axial and normal coefficients CA and CN from the axial
and normal accelerometer measurements would require the simultaneous measurement of the
freestream dynamic pressure or, alternatively, the atmospheric density and vehicle velocity.
However, in situ measurements of atmospheric density cannot readily be done between 90 km
and Low-Earth orbit altitude. To estimate CA and CN from flight data, Blanchard had to devise
an iterative procedure as described in Ref. 11. Figure 12 compares the DSMC computed values
of the axial coefficient with the values obtained by Blanchard and by using Potter's bridging
formula. Good agreement can be observed at all altitudes. The preflight estimates, however, can
be seen to overestimate CA. When comparing the transition and collisionless DSMC results, it
can be observed that, for the axial force, transition flow effects are still significant at 170 km.

Normal Coefficient

Figure 13 compares the computed values of the normal coefficient with Blanchard's proposed
model and Potter's bridging formula. A fairly large discrepancy of up to 20 percent can be
observed between the DSMC computation and Blanchard's model results. Moreover, when
comparing the transitional and collisionless DSMC results, it can be seen that CN does not
monotonously increase from the low continuum flow regime values to the higher free molecular
values. Instead, CN reaches a maximum within the transitional domain at about 120 km, and
then decreases afterwards towards the free molecular limit. This singular behavior of the normal
coefficient is discussed in the next section. Neither Blanchard's proposed model nor Potter's
bridging formula reproduces this behavior. The preflight estimates of CN appear to be closer to
our present results, but do not predict the "overshoot" observed with DSMC.

Drag Coefficient

As shown in Fig. 14, the drag coefficient on the Shuttle Orbiter increases by a factor of more
than two within the transition flow domain. The DSMC results appear to be about 10 percent
larger than the ones predicted with Blanchard's proposed model or Potter's bridging formula.

Lift Coefficient

Figure 15 shows that the lift coefficient decreases rapidly between 100 km and 170 km from
the near Newtonian inviscid continuum limit of 0.85 to the free molecular value of less than 0.1.
Similasly to the drag coefficient, the DSMC values for the lift coefficient appear to be about 10
percent larger than the values obtained with Blanchard's proposed model.

Pitching Moment
Figure 16 shows the pitching moment around the Shuttle Orbiter nominal center of gravity
located at Shuttle coordinates x = 1076.7", z = 375.0". Rarefaction effects can be seen to

significantly increase the magnitude of the pitching moment from the modified Newtonian value,
which is close to wind tunnel measured data, to the free molecular limit value. This pitching
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moment increase is due to a redistribution of the pressure and shear forces acting on the Shuttle
surface, as will be seen below. Our present results are compared with the ones obtained by
Blanchard (Ref. 17). Blanchard used the rate of change of the Orbiter effective incidence angle
between two control thruster firings to evaluate the overall pitching moment acting on the Shuttle
body. The contribution of aerodynamics to the overall pitching moment was deduced upon
removal of the effects of APU exhaust and gravity gradients. Blanchard's reduced data shown in
Fig. 16 corresponds to a zero deflection angle for the elevons and body flap. Figure 16 shows
our present results to markedly differ from the ones derived by Blanchard.

Center of Pressure

Figure 17 shows that the rarefaction effects shift the center of pressure in the forward
direction by about 2.5 meters as the Shuttle descends from LEO to 100 km. The DSMC results
are shown to be close to the preflight estimates, but differ markedly from the estimates derived
from flight data by Blanchard.

ANALYSIS OF THE NORMAL FORCE COEFFICIENT

The singularity on CN observed in our present DSMC computation, namely, the overshoot of
CN over both continuum and free molecular values, had been observed earlier by Dogra and
Moss (Ref. 3) in their study of flat plates at 40 degrees incidence. Their results, which are
reproduced in Fig. 18, were obtained with the two -dimensional DSMC code devised by Bird
(Ref. 1). A thorough analysis of this overshoot will be conducted later, but a few remarks can
already be made at this point. Figure 19 shows that the aerodynamic force on the Shuttle in the
normal direction is mostly due to pressure forces. The shear, or friction, forces contribute little
to CN and mainly affect the axial forces, as shown in Fig. 20. For a flat plate, CN is entirely due
to pressure forces. The overshoot in CN is therefore due to an overhoot of the pressure forces on
the vehicle, that is, an overshoot of the momentum transfer from the gas molecules to the surface.
Koppenwallner and Legge (Ref. 18) have identified and explained a similar overshoot on the
drag coefficient of simple geometrical shapes. They have argued that, at high Mach numbers,
freestream molecules which, in free molecular regime would not reach the body surface, are
scattered within the high density gas cloud developing on the windside and redirected towards
the vehicle surface. Figure 21 schematically illustrates this flux and pressure enhancing effect.

SURFACE FORCES
The magnitude and distribution of the pressure and shear forces on the Shuttle windside

surface vary with altitudes as illustrated in Figs. 22 through 31. These figures show the pressure
and shear coefficients Cp and Cs, which are defined as follows:

Cp=(P-Po)q
Cs=S/q )

where, P, S, q are, respectively, the pressure (i.e., normal momentum flux) and shear (i.e.,
tangential momentum flux) and the dynamic pressure. Py is the freestream pressure. At high



altitudes (above 120 km), the pressure forces appear to be fairly uniform over the whole windside
of the Shuttle, with maxima near the stagnation point and the wing leading edges. As discussed
above, it can be observed that the pressure coefficients slightly increase as the Shuttle altitude
decreases from 170 km to 120 km. At the lower altitudes, the pressure is mostly acting on the
stagnation region and the wing leading edges. Wide bands of relatively high pressure appear to
develop near the centerline of the vehicle at 100 km, with lower pressure on the centerline itself.
The origin of these bands is presently not well understood. The thin streaks appearing on the
wing at 100 km, however, are not real and known to be due to the median filter used in the
graphical postprocessor, and therefore, not to any flow instability. This point is further
illustrated in Fig. 32 which shows shearlines at 110 km. These shearlines, which are everywhere
tangent to the local shear vectors on the vehicle surface, suggest a smooth, laminar flow over the
whole surface windside.

The shear forces uniformly decrease in magnitude from 170 km to 100 km, as was shown in
Fig. 20. Moreover, they appear to be fairly uniform over the windside at the higher altitudes
with minima in the stagnation region and near the wing leading edges. At the lower altitudes,
high shear forces can be seen to develop near the wing leading edges.

ORBIT AERODYNAMICS. FREE MOLECULAR SIMULATION

In orbit, the atmospheric density is very low and intermolecular collisions have little effect
on the aerodynamics of the vehicle. The aerodynamic forces and moments on an orbital vehicle
can be independently computed with either a DSMC code run in a collisionless mode or semi-
analytical free molecule code. The free molecule code developed by Rault (Ref. 7) was used to
evaluate the aerodynamic characteristics of an orbiting Shuttle at 40 deg incidence in an open
cargo bay door configuration. Results are shown in Figs. 33 and 34 in the form of pressure and
shear coefficients on the vehicle surface. These results can be observed to be very similar to the
ones obtained with the DSMC code at 170 km. Table 3 provides a further comparison between
the DSMC and free molecule codes. This table shows the aerodynamic force and moment
coefficients computed for a closed cargo bay configuration using the collisionless DSMC and the
free molecule codes for altitudes ranging from 100 km to 170 km. Good agreement can be
observed between the particle tracing DSMC code and the semi-analytical free molecule code.

CONCLUSION

The simulation of the flowfield around the Shuttle Orbiter during the early phase of its
reentry into the Earth atmosphere has been conducted. Computations have been performed for
altitudes ranging from LEO down to 100 km. The present work was primarily done using a
three-dimensional direct simulation Monte Carlo code which allowed us to simulate and analyze
the highly nonequilibrium flow field over a wide range of Knudsen numbers. For this task, the
code was specially enhanced to allow for the spatial resolution of the high density gradients
which typically develop near the windside surface of reentry vehicles. The aerodynamic force
and moment coefficients were evaluated. Fairly good agreement has been found with
Blanchard's proposed aerodynamic model, which is based on highly sensitive accelerometer data
measured in flight. Major discrepancies, however, have been observed regarding the normal
coefficient CN and the pitching moment. Our computations show that the CN coefficient is
characterized by an overshoot in the transition domain, similar to the one observed in an earlier
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two-dimensional DSMC simulation over flat plates at incidence. If confirmed, such an overshoot
should be taken into account in future reduction of flight data. Our values for the pitching
moment seem to indicate that the center of pressure is further aft than predicted by Blanchard.
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Table 1. Nominal Atmospheric Properties

Nominal Altitude 100 110 120 145 170
(km)
Number density 1.20E+19 2.20E+18 5.771 +17 6.56 E+16 206 E*16
(mols/m3)
Temperature 193.7 250.0 335.0 628.0 790.4
Molar composition
02 0.18 0.12 0.08 0.055 0.040
N2 0.78 0.77 0.74 0.622 0.523
0 0.04 0.11 0.18 0.323 0.437
Table 2. DSMC Numerical Results. Aerodynamic Coefficients
Altitude Drag Lift Axial Normal  Pitching Moment Center of Pressure LD
(km) Cp CL Ca CN Cm wrt CG (m) ratio
around CG
100. 1.15 0.824 0.354 1.37 -9.80 E-02 -0.861 0.714
110. 1.38 0.696 0.606 1.42 -0.145 -1.24 0.506
120. 1.65 0.564 0.901 1.49 -0.207 -1.68 0.342
145 1.97 0.297 132 1.49 -0.286 231 0.151
170. 2.07 0.193 1.46 1.48 -0293 239 9.31 E-02

586



Table 3 Comparison of Collisionless DSMC and Free Molecular (FM) Results

Altitude Code Drag Lift Axial Normal
(km) Cb CL CA CN
100. DSMC 2.15 6.21E-02 1.61 1.43

FM 2.12 7.355-02 1.58 1.42
110. DSMC 2.15 7.08E-02 1.60 1.44
FM 2.13 7.59E-02 1.58 1.43
120. DSMC 2.16 7.46E-02 1.61 1.45
FM 2.14 7.85E-02 1.59 1.44
145. DSMC 2.19 7.87E-02 1.63 1.47
FM 222 8.70E-02 1.64 1.49
170. DSMC 2.19 8.45E-02 1.63 1.48
FM 222 9.23g-02 1.64 1.50
Knudsen = 10.0 1.0 0.1 0.01
30~
Free 90 km
molecular
20}
Mach
number
10
<G
Orbit
Continuum
0 ] - - ] |

102 107! 100

Reynolds number

Figure 1. Shuttle trajectory in Reynolds-Mach-Knudsen number domain.
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Figure 2. Total density map around Shuttle Orbiter at 170 km altitude.

Figure 3. Total density map around Shuttle Orbiter at 145 km altitude.

(Color versions of figures 2 and 3 are shown on page 937.)
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Figure 5. Total density map around Shuttle Orbiter at 110 km altitude.
(Color versions of figures 4 and 5 are shown on page 938.)
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Figure 6. Total density map around Shuttle Orbiter at 100 km altitude.

“(Color version of figure 6 is shown on page 939.)
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Figure 7. Density profile along stagnation streamline on Shuttle Orbiter at 110 km altitude.
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Figure 8. Density profile along stagnation streamline on Shuttle Orbiter at 100 km altitude.
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Figure 9. Normal-to-axial force ratio on Shuttle Orbiter.
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Figure 11. Lift-to-drag ratio on Shuttle Orbiter.
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Figure 12. Axial force coefficient on Shuttle Orbiter.
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Figure 13. Normal force coefficient on Shuttle Orbiter.
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Figure 16. Pitching Moment coefficient on Shuttle Orbiter.
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Figure 22. Pressure force distribution on Shuttle Orbiter at 170 km.

~ Alfitude = 145 km

Bodyflap at0°

 Elevonsat0®
Incidence = 4

|
e
%_
;v
|
.
1
i
!
=
i
|
|
%
i
.
|
'%,
|
i
1
1
.
I
|
-

Figure 23. Pressure force distribution on Shuttle Orbiter at 145 km.

(Color versions of figures 22 and 23 are shown on page 940.)
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Figure 25. Pressure force distribution on Shuttle Orbiter at 110 km.

(Color versions of figures 24 and 25 are shown on page 941.)
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Surface Pressure Coefficients on Shuttle Orbiter

Figure 26. Pressure force distribution on Shuttle Orbiter at 100 km.

Surface Shear Coefficients on Shuttle Orbiter

Figure 27. Shear force distribution on Shuttle Orbiter at 170 km.
(Color versions of figures 26 and 27 are shown on page 942.)
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Figure 28. Shear force distribution on Shuttle Orbiter at 145 km.

Figure 29. Shear force distribution on Shuttle Orbiter at 120 km.

(Color versions of figures 28 and 29 are shown on page 943.)
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Figure 30. Shear force distribution on Shuttle Orbiter at 110 km.

Figure 31. Shear force distribution on Shuttle Orbiter at 100 km.
(Color versions of figures 30 and 31 are shown on page 944.)
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Shearlines on Shuttle Orbiter Surface
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Figure 32. Shearlines on Shuttle Orbiter at 110 km.

Figure 33. Pressure force distribution on Shuttle Orbiter in orbit at 40 degrees incidence.

(A color version of figure 33 is shown on page 945.)



Shear Coefficients on Shuttle Orbiter

Figure 34. Shear force distribution on Shuttle Orbiter in orbit at 40 degrees incidence.

(Color version of figure 34 is shown on page 946.)
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Orbiter (Pre STS-1) Aeroheating Design Data Base Development
Methodology: Comparison of Wind Tunnel and Flight Test Data*

Joseph W. Haney
Rockwell International
Downey, California

ABSTRACT

The aerothermodynamic methodology utilized in the design process to prescribe the
aeroheating environment of the Space Shuttle Orbiter during atmospheric entry is evaluated. This
evaluation addresses both the development of the wind tunnel derived aerothermodynamic data
base, and the methods used to extrapolate these ground bases experimental results to the entry
flight environment. The evaluation addresses the predictive methods used to estimate the influence
of all relevant flow field phenomena, including but not limited to: nonequilibrium flow field
chemistry, finite rate catalytic efficiency of the thermal protection system surface materials,
windward surface boundary layer transition, and bow shock wave / wind shock interactions.
Ground test data correlation techniques, data uncertainty assessments, and the philosophy for
inclusion of flight safety margins in aerothermodynamic design environments are also addressed.
Methodology is addressed as it affects acreage areas as well as localized flow interaction regions
on the orbiter.

Typical flight test data is compared with both appropriate wind tunnel results and predictions
derived from application of the pre-flight acrothermodynamic design methodology. The adequacy
of the predictive techniques used to define the Orbiter's aerothermodynamic flight environment,
and their applicability to the design of future hypersonic vehicles is assessed.

* Work performed on contract at Rockwell International, NAS1-19243
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INTRODUCTION

In developing the aeroheating methods for the Space Shuttle Orbiter there wasn't a large data
base of hypersonic knowledge to draw upon. The Apollo program covered the entire Mach
number range but the ablative heat shield made reduction-of aeroheating data difficult and
sometimes uncertain. The estimates of heating for the Apollo were perceived to be conservative,
not because they were necessary, but because the thermal protection system (TPS) was designed
for relative velocities associated with lunar entry. Therefore, for earth orbital entries the ablator
charring was not as significant as it could have been. This perception carried forward to the
shuttle, and required a lot of effort in the early stage of the program to correct this perception. The
other hypersonic source to draw upon was the X15 program. The X15 was at the low end of
hypersonics, Mach less than 6.7, and therefore didn't provide extensive Mach number experience.
Even with those caveats, both of these programs did advance the development of theoretical
approaches to aeroheating and did develop a series of experimental data bases and flight test data.

There were several aeroheating challenges associated with the shuttle orbiter: the basic heating
distribution, scaling of wind tunnel derived methods to flight conditions, how to model localized
interference regions and shock impingement, a criteria for boundary layer transition, and basic
understanding of surface catalytic effects.

In the area of basic heating distributions, the computational fluid dynamics (CFD) codes of
today weren't available. For the basic distributions of heating, wind tunnel test data was relied
upon heavily. Engineering codes were utilized to predict heating to basic geometric shapes:
spheres, cones, wedges, and cylinders. These codes were accurate for the basic shapes, but had to
be adjusted to account for three dimensional effects. This was accomplished by correlating the
basic shape heating with wind tunnel data on the actual configuration, Figure 1.

On the windward surface this approach was relatively straightforward. However, on the
orbiter leeside, using attached boundary layer theories with separate flows didn't make much sense.
In these regions heating was correlated with angle of attack and freestream Reynolds number.

Once the basic heating distribution was developed the next question was on how to scale wind
tunnel developed correlations to flight conditions. The wind tunnel data was correlated with
simple geometric theories and used to develop adjustment factors, Lamfac and Turbfac, depending
on whether the flow was laminar or turbulent. In scaling to flight conditions, these factors were
held constant. The variables in scaling to flight were the local properties that went into the basic
equations; perfect gas conditions were used for the wind tunnel while real gas conditions were used
for flight. Though this approach sounds relatively simple it agreed quite well with flight test data.
For the leeside regions or regions where wind tunnel data wasn't correlated with theory,
extrapolation was accomplished by matching the flight freestream Reynolds number with the
Reynolds number correlated data.



REPRESENTATIVE FLOW MODELS
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Figure 1. Simple geometric modeling used for aeroheating methods.

Certain localized regions on the orbiter were treated differently in terms of methods than the
basic acreage approaches just discussed. These areas were identified by protuberances or
penetrations to the basic orbiter surface or regions of rapid change in surface slope. Some of these
areas such as small penetrations or protuberances didn't have wind tunnel data as part of the overall
shuttle test program. They had to be modeled by using test data on generic shapes and then
applying that to the shuttle reference heating. This was accomplished by first developing
multipliers factors to account for the protuberance on the generic model allowing for boundary
layer state or thickness and then applying these factors to the undisturbed heating predictions where
the protuberances occurred on the shuttle.

However there were certain areas where specific tests were performed to obtain the localized
effects. These areas included: the aft OMS pod side, elevon-elevon gap, aft fuselage side, canopy,
and the SILTS pod. These regions either had specific tests to obtain data or the orbiter models
were instrumented to investigate these areas. These are discussed in more detail later in the

paper.
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SYMBOLS

AFRSI Advanced flexible reusable surface insulation

Cp Pressure coefficient

Cpt Frozen specific heat

ETR" Eastern Test Range

1p Flat plate

FRSI Flexible reusable surface insulation
Gravitational constant

g

h local heat transfer coefficient
H Enthalpy

k roughness element

M Mach number

OML Outer mold line

OMS Orbital maneuvering system

ov Orbiter vehicle

P Local pressure

Pr Prandt]l number

q Heat flux

R Radius

RCC Reinforced carbon-carbon

RCS Reaction control system

Re Reynolds number

Rex Trip Reynolds number

Rexk Trip position Reynolds number

Res* Displacement thickness Reynolds number at trip location for effective
tripping

Reg Momentum thickness Reynolds number

Ro Universal gas constant

S Distance from nose in feet

STS Space transportation system

T Temperature

TPS Thermal protection system

v Velocity
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Xk
Xt

X/C
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Subscripts

aw

EFF
El
Er

=k

(e}

TEST

d.e,L

Western test range

Axial coordinate

Trip position measured from stagnation point
Transition position-measured from stagnation point
Nondimensional axial location
Nondimensional wing chord location
Compressibility

Angle of attack

Angle of side slip

Control surface deflection

Displacement thickness of boundary layer

Momentum thickness of boundary layer or local flow angle

Density

Viscosity

Defined in equation 11
Defined in equation 12
Sweep

Adiabatic wall

Dissociation

Effective

Left elevon

Right elevon

Equilibrium, or equivalent roughness
Frozen

Flight condition

Gap

Reference conditions, one foot radius sphere
Partially catalytic

Test conditions

Wall condition

boundary layer edge conditions
Freestream condition
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APPROACH TO AEROHEATING METHODS DEVELOPMENT

In developing the aeroheating methods for the Space Shuttle orbiter a specific philosophy was
developed, Figure 2. That philosophy was to base the methods largely on wind tunnel tests using
a nominal fit of the wind tunnel data considering several test facilities. This nominal fit of the
ground test data would be correlated and extrapolated to flight conditions. Based on uncertainties
in test data and in analytical tools an uncertainty band would be utilized for the various regions of
the orbiter. Design of the orbiter TPS would use the nominal heating methods. The decision to use
nominal methods was based on the idea that other design disciplines were either conservative in
their analysis or had accounted for factors of safety that would cover the aeroheating uncertainties.
In addition, the TPS would be designed for a Western Test Range, WTR, mission with high cross
range. Initial flights were planned for the Eastern Test Range, ETR, which provided a less severe
thermal environment. This margin also would help cover heating uncertainties. The main thrust in
this approach was to save TPS weight. However, prior to the first flight, all of the uncertainties
would be accounted for to verify there were no safety of flight issues. With the exceptions of a
few areas that sustained localized damage, this approach was very successful.
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Figure 2. Aeroheating design and verification logic



Wind Tunnel Data Base

Because the development of aeroheating methods was so dependent on wind tunnel data,
wind tunnel testing covered a period of twelve years, from the start of Phase A studies to the first
orbital flight of Columbia (OV102). Over this time period 50 wind tunnel tests were conducted
resulting in approximately 5200 hours of facility testing. During this time pericd the basic shape
evolved resulting in 9 different configurations being tested: 07D-ATD, 089, 089B-Mod, 130Mod,
139, 139Mod, 140B, 147B, 140C STS-1. These models were tested from .006 to .0175 scales for
complete configurations from 0.025 to full scale partial models of specific components. Several
types of instrumentation were used to obtain the data necessary for aeroheating modeling.
Instrumentation included thermocouples, calorimeters, thin film gages, temperature sensitive
paint, pressure taps, oil flow, and infrared measurements. These instruments provided
temperature, heating, pressure, and boundary layer data. With the enormity of testing and the
desire to obtain data at a wide variety of test conditions, testing was conducted in seven facilities:
NASA Langley VDT, NASA Langley CF4, NASA Langley CFHT, NASA Ames 3.5,
CALSPAN, AEDC Tunnel B, and AEDC Tunnel F as shown in Figure 3. Unfortunately a lot of
the entry trajectory was not a one for one match with ground test data. This required the test data
to be correlated and extrapolated to flight conditions.
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Figure 3 . Wind tunnel test simulation of orbiter mission .

613



614

Testing to gather data to build aeroheating methods for the shuttle encompassed a Mach
Number range from 5.3 to 19. Because of the nature of the orbiter re-entry trajectory, angle of
attack data had to be obtained up to 40° angle of attack. To account for or cover potential
uncertainties, data was obtained up to 50° angle of attack. To account for possible sideslip during
the orbiter's re-entry, yaw data was obtained up to 10° sideslip. However, most of the side slip
data was obtained between zero and £2°.

The effects of control surfaces ( elevon, body flap, and speed brake) were also investigated.
The elevon deflections were varied from -30° to +10° while the body flap was tested at 0, 5, 10,
15, and 22°.

Of all the test techniques used to obtain aeroheating methods, paint test data was used early in
the program to screen configurations changes and to get first order effects on heating. However,
reduction of paint data was labor intensive requiring hours on hours in front of a projection screen
tracing paint melt patterns. However, this low cost technique was able to provide remarkable
agreement with thermocouple data using low paint melt temperatures if semi-infinite assumptions
weren't violated in model geometry as on wings and tails.

Figure 4. 0.0175 scale thermocouple model installed at AEDC.



Most of the final aeroheating methods were derived from thin skin thermocouple models as
shown in Figure 4. This figure shows the 0.0175 scale orbiter model installed in the Arnold
Engineering Development Center, AEDC, Tunnel B in Tennessee. From this type of model
aeroheating methods were developed for all the major vehicle areas such as fuselage, wings,
vertical, and OMS pod.

To obtain more detailed data to account for various penetrations such as the canopy, partial
models were fabricated and tested, Figure 5. This forebody model was a 0.04 scale model of the
orbiter configuration designated -139. This model provided aeroheating data on the orbiter
forebody accounting for the canopy window geometry; penetrations such as reaction control
system, RCS, nozzles; and protuberances such as the payload bay door hinges.

Figure 5. Partial model of the orbiter forebody.

Another type of data that proved very useful in the wind tunnel test program was that of oil
flow data. This test technique used an epoxy model that was coated or sprayed with oil. The oil
had particles suspended in it so that it would be visible on the model. The movement of the oil
due to surface shear conditions was photographed. From these photographs insight was gathered
as to the origin of various flows, the regions of impact of shock and vortex structures, and a
general idea of where the complex flow phenomena occurred. Figure 6 is an example of this type
of test technique. This figure shows regions of oil streaking and accumulation due to attached
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flow, vortex flow, and separated flow. From partial and complete oil flow models the
understanding of the heat transfer test data was enhanced and the overall orbiter flow fields
modeled.

Figure 6 . Oil flow patterns on the fuselage forebody side

In Figure 6 the origin of the fuselage side vortex is clearly visible. Some of the separated
regions on the top of the wing glove is evident. Flow interactions around the canopy are not very
clear but will be presented later in the paper. Also the downstream effects of penetrations and
protuberances are presented later with other oil flow pictures.



DEVELOPMENT OF AEROHEATING DATA BASE METHODS

Orbiter Acreage

Two basic approaches were taken to develop methods for the acreage area of the shuttle
orbiter. Acreage areas are those where there aren't large discontinuities in the orbiter mold line,
OML, or regions influenced by shock or vortex interactions. The first approach as mentioned
earlier is the simple geometric theory approach, used mainly for the lower surfaces. The second
approach correlated wind tunnel test data with specific flight parameters and then applied those
correlations to flight conditions. This approach was used for the upper areas of the orbiter.

Fuselage Lower Surface

The simple geometric theory approach subdivides the orbiter into simple or basic shapes such
as spheres, cylinders, wedges, and cones for which standard analytical solutions existed. This was
illustrated in Figure 1. These simple geometric theories (mainly wedges) were adjusted to match
wind tunnel heat transfer test data. Because these simple geometric assumptions couldn't entirely
match the orbiter 3D geometries they had to be adjusted to match the heating distribution obtained
in wind tunnel testing. These adjustments were made from the standard Eckert reference enthalpy
flat place solutions, Reference 1. These adjustment factors, developed for both laminar and
turbulent boundary layers in the wind tunnel, were held constant when extrapolating to flight
conditions. These factors, referred to as Lamfacs (laminar flow) and Turbfac (turbulent flow),
varied with vehicle location and angle of attack. For attached regions such as the lower surface of
the orbiter these factors did not vary as a function of Reynolds number except when the flow
transitioned from laminar to turbulent flow. Heating was usually nondimensionalized to a
reference heating or film coefficient based on Fay and Riddell correlations, Reference 2.

The fuselage lower surface was divided into regions of both blunt body and slender body
flow. Generally slender body flows were used when the change in slope of local velocity went to
zero. In the blunt flow dominated regions heating rates were impacted due to entropy swallowing
as the free stream flow passed through the blunt bow shock. In these regions heating test data
correlated well with Cohen & Beckwith theory, Reference 3, as shown in Figure 7. As illustrated,
there is an excellent match between theory and heat transfer test data on the lower centerline for an
angle of attack of 30°. To improve the correlation approach, local pressures and velocities from
test data were substituted into the Cohen and Beckwith theory. Peak heating occurred slightly
downstream of the zero angle of attack stagnation point.
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Figure 7. Cohen and Beckwith modeling of the fuselage forebody.

Down stream of the blunt region, slender body approaches were used. Eckert's flat plate
reference enthalpy method was used as the basic thcory to compare heat transfer data against. To
compute the reference heatmg certain assumptions needed to be made on both pressure and
velocity. Generally the conic pressure relationship matched wind tunnel pressure values; however,
velocity relationship didn't work due to the entropy swallowing effects. To account for entropy
swallowing a simple relationship was developed based on wind tunnel test data, Equation 1. This
relation provided an excellent match with test data. Reference 4 provides a more detail discussion
on this velocity correlation approach.

-0774
Vo [8189(9+30) ]cos(0+a) (1)

V. )

where: 6 is the local body angle,

o is the angle of attack, and
S is the distance from the nose in feet

With pressure and velocity inputs based on wind tunnel verified approaches flat plate heating
was calculated and compared with test data at various stations on the fuselage and at different



angles of attack. Figure 8 presents the heat transfer data on the orbiter lower centerline at an angle
of attack of 30°. The heat transfer data presents many pieces of data needed to develop methods.
First by looking at the low Reynolds number data, Re/Ft=0.5 & 1.0x106, the relationship of
laminar heating to flat plate and cone heating was determined. From this data the Lamfacs were
determined. Laminar factors varied with angle of attack leaving the values near flat plate and
increasing towards cone as the angle of attack increased. The centerline is affected by the wing
impact on the bow shock. The expansion due to the fuselage wasn't modeled in the local
properties case. When a Prandtl Meyer expansion was used, a better match of the data was
obtained. The test data also showed a good relationship with the Spalding & Chi turbulent theory,
Reference 5. The high Reynolds number data, Re/Ft=3.7x100, also provided data on the onset of
boundary layer transition.
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Figure 8. Fuselage lower centerline heating distribution.

By using this type of data the variation in Lamfac was determined at every location where
heating was defined for the entry trajectory, i.e., body points. For those body points, Lamfacs were
correlated with three linear segments as a function of angle of attack. Figure 9 shows the variation
in Lamfac as a function of angle of attack for body point 1600. Body point 1600 corresponded to
a station at sixty percent of the fuselage body length on the lower centerline. As indicated, at low
angles of attack, ie. 20°, the heating level was twenty percent above that of a flat plate. However,
by the time the vehicle was at an angle of attack of 35° the heating level had reached that of a cone.

619



620

BPT 1600

20—

-

Iy 18—

=

<

d

& 18

b=

Q

<

'S

<

3 1.4

= !

° _(h/hilg) DATA

-l LAMFAC “(h/hqlR) ECKERT FP
1.2 [ ]
1.0 1 I | I I I

0 10 20 30 40 50 60

ANGLE OF ATTACK, o (DEG)
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Away from the vehicle centerline heating methods were handled in a similar manner
except cross sectional heating data was used. Cross sectional pressure levels varied by a sin2
relationship from vehicle centerline pressures while cross sectional heating varied with surface
slope and distance from the stagnation point. Figure 10 presents one of the approaches investigated
to correlate forebody heating into a single correlation. Data was correlated for fuselage cross
sections from X/L=0.025 (25% vehicle length) to X/L=0.5 (50% vehicle length). This correlation
did not provide a tight grouping of the cross sectional heat transfer data. However, it did indicate
that the variation could be roughly correlated in geometric terms as shown in equation (2).

(hi} /(cos %) = 1(Sesin®0) (2)

CL

where: h = film coefficient

0= local inclination angle in the cross section
S=distance from nose
cl=centerline
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Figure 10. Correlation of fuselage cross sectional heating.

Wing Lower Surface

Aeroheating methods for the wing lower surface utilized the same approach as the fuselage
lower surface even though the wing possessed a much more complex flow system. The wing
lower surface experienced several flow phenomena. The inboard spans (30% and 40%) were
influenced by the fuselage flow attempting to diverge from the fuselage. This flow was contained
by the wing flow and turned back . The outboard spans were influenced by downstream effects of
the bow - leading edge shock interactions. The wing was treated in a similar manner to that of the
fuselage. It was divided into blunt and slender body flow regions with the leading edge making up
the blunt region and the wing proper the slender body region.

These flows impacted both heating levels and transition. Figure 11 shows a comparison of
wind tunnel data versus theory for 60% wing span. Usually the laminar factors were close to one
indicating wedge flow as would be expected for a wing. In regions impacted by the wing-fuselage
body shock interaction factors deviated from this level. This interaction created a vortex or jet
which impinged on the outbound region of the wing causing earlier transition and higher heating
levels. As shown in this figure Eckert's Reference Enthalpy flat plate solution was a good

approach for the wing and the Spalding and Chi turbulent flat plate approach represented the
turbulent flow heating levels.
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Figure 11. Wing lower surface heating distribution at 60% semispan.

Wing Leading Edge Methods

The orbiter wing leading edge was modeled as a swept cylinder. This basic approach was
used to predict the maximum stagnation line heating but was adjusted to account for the effects of
the wing surface on the leading edge shock shape (captured as an effective radius ), leading edge
sweep angle, and the effects of shock impingement on increased heating.

The basic swept cylinder approach used a simple formula as shown in equation (3).

qe _ 1 12
aim V2 \Rerr

cos*? Ager (3)

In this equation: qg is the leading edge stagnation line heating,
q1R is the reference heating on a one foot radius sphere,
RErr is the effective leading edge radius, and

AEFF is the effective sweep
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The effective sweep was defined as Aggp = Sin-1 (Cos aSinA) and the effective leading
edge radius was determined by comparing leading edge predictions with wind tunnel data. The
effect of the wing was to have no impact at zero degrees angle of attack but to be almost a factor of
four at =50° .

The effect of shock impingement was also considered. Based on wind tunnel testing, the
interaction of the fuselage bow shock and wing leading edge shock strikes the leading edge at 55%
half span. This position was influenced as expected to some extent with angle of attack. Review
of Schlerien photographs of the wing interaction indicated this was a type V interaction, not as
severe as a Type IV, Figure 12. These types of interactions were discussed in References 6 and 7.

Scaling of wind tunnel derived shock impingement effects was the subject of many
decisions and several technical papers at the time. This was due to what was called a "double
shock" phenomena where the flow had to pass through two shocks before reaching the leading
edge. The presumption was that the real gas effects would result in a change in shock angles
leading to larger pressures and thereby heating would rise over that experienced in the wind
tunnel. An increase by as much as a factor of two over wind tunnel derived shock impingement
effects was postulated. For nominal heating wind tunnel data was scaled directly as a ratio of
reference heating, but the double shock effects were accounted for as an uncertainty.

TYPEIV

LEADING EDGE

SHUTTLE ORBITER
TYPEV

TYPE VI
~ LEADING EDGE

Figure 12. Potential shock impingement patterns.
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Basic pressure levels on the wing leading edge correlated well with pressure coefficient
ratio Cp/Cps based on Cos2Aeff. Distribution away from that maximum pressure level was

represented by a Sin2 @ distribution where q was the leading edge cross sectional angle.

Control Surface Methods

Aerodynamic control of the orbiter during reentry was accomplished with three control
surfaces: the fuselage body flap, the wing elevons, and the vertical speed brakes. The body flap
and elevon heating methods are discussed here.

Consistent with the overall shuttle philosophy simple approaches were taken in predicting
heating to the body flap and elevons. The basic phenomena resulting from a deflected control
surface are described below.

The boundary layer grows undisturbed from the nose (or the leading edge) up to the point
where the separation interaction begins. The first shock comes from a rapid thickening of the
boundary layer due to a buildup of pressure as the control surface is approached. This causes the
boundary layer to separate from the fuselage due to the adverse pressure gradient that is strong
enough to reduce the normal velocity gradient at the wall to zero before the end of the pressure rise.
When the flow separates, the dividing streamline leaves the wall and is accelerated by the outer
inviscid flow acting in shear across the separated boundary layer. This acceleration takes place at
an almost constant plateau pressure and continues until the streamline acquires sufficient energy to
overcome the adverse reattachment pressure gradient, which is a function of inviscid flap pressure.

The two factors that determine the separation length are the pressure rise that causes the
separation and the effective viscosity of the boundary layer that accelerates the dividing streamline.
The adverse pressure gradient at separation acts as a boundary layer trip to induce early transition.
The dividing (separating) streamline makes an almost constant angle with the fuselage (or wing).
After separation the pressure reaches a plateau pressure value determined by the separation angle.
The flow reattaches, resulting in a reattachment shock. After reattachment, the pressure rises to a
peak value and then decays to the value for the inviscid flow, Figure 13. When the boundary layer
becomes fully turbulent upstream of the control surface, the region of separated flow reduces
drastically and thereby produces a sharper pressure and heating rise.

In modeling this phenomenon a similar approach was used for the body flap or elevon. Wind
tunnel data were correlated with Eckert's reference enthalpy flat plate equation using undeflected
flow properties. The local pressure levels based on surface geometric angles were adjusted for
Prandtl Meyer expansion (justified by using wind tunnel data at zero body flap deflection). Based
on a large wind tunnel base of thermocouple data plus paint data, a deflection equation was
developed that covered the average effect of surface deflection under both laminar and turbulent
flow conditions.
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Figure 13. Flow separation phenomena associated with control surfaces.

As the body flap deflection angle increased, the 3D nature of the separation region
increased and influenced the heating to the body flap. However, the basic approach remained in
that both laminar and turbulent factors compared to the undeflected reference were obtained for
different control surface positions and different vehicle angles of attack based on wind tunnel data.
The same approach was used for the wing elevon.

Figure 14 presents the wind tunnel heating data on the aft fuselage and body flap at an
angle of attack of 30° from M=8 test data. Examining each of the sets of Reynolds number data
provides important insights into this phenomenon. For the low Reynolds number case of
Re/Ft=0.5x100 the on coming flow to the body flap was laminar. As can be seen the heating data
matched conical flow but decreased to wedge flow on the body flap. With the body flap deflected,
the flow separated and reattached probably in a transitional mode. Even though it was above the
turbulent level, the added effect of the compression wasn't fully realized in the heating level.

However, in considering the mid Reynolds number range of Re/Ft=2.0x106 the oncoming
flow to the body flap was transitional. This flow didn't separate. The heating level on the body
flap was greater than the turbulent theory consistent with a value expected for a deflection of ten
degrees. For this case, the deflected surface caused the flow to become fully turbulent.
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Figure 14. Impact of deflected body flap on heating levels.

For the high Reynolds number case of Re/Ft=3.7x100 the oncoming flow was turbulent.
Heating on the body flap reflected the added effect of the added compression only. This type of
data was used to develop a set of correlations to account for the effects of control surface
deflections as a function of deflection angle and vehicle angle of attack.

Leeside Flow Methods

As mentioned earlier, the leeside of the orbiter was modeled differently than the lower surface.
The direct application of wind tunnel data for the upper surfaces of the orbiter was obtained by
correlations of wind tunnel data (in terms of a nondimensional local film coefficient to that of a one
foot radius sphere) as a function of angle of attack, angle of sideslip (yaw), free-stream Reynolds
number, and free-stream Mach number . This essentially correlated the orbiter leeside into blunt
body relationships. Regions of vortex scrubbing and flow impingement were allowed to vary

somewhat beyond the wind tunnel values based on local pressure levels.
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Figure 15. Orbiter leeside heating methodology.

The approach to the side and upper surfaces of the orbiter was to develop nominal fairings of
the test data along vehicle axial tracings, usually at constant Y or Z locations for each body point
on the leeside as shown in section 1 of Figure 15. Then at a selected non-dimensional location,
i.e., percent fuselage length, the data was correlated with Reynolds number for discrete angles of
attack. Linear fits of the data were used. A minimum and maximum Reynolds number was
selected for a group of points, section 2. This data was then correlated again in two steps. First the
minimum Reynolds number was selected where there was a break in the heat transfer data or an
artificial value of 0.5 X 106 was selected. These minimum Reynolds number heating values were
correlated with three linear segments as a function of angle of attack, section 3. The ratio of the
heating at the maximum Reynolds number to the value at the minimum Reynolds number from
section 2 was correlated with three linear segments as a function of angle of attack, section 4.
With these sets of linear correlations, heating data on the orbiter leeside were correlated. This

approach worked remarkably well considering the variation in flow fields on the leeside of the
shuttle orbiter.

Fuselage Side and Upper Surface

The leeside flow field of the Space Shuttle orbiter differed from that of what might be
considered conventional separated flow. In conventional separated flow the flow field analyzed
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consists of a thin, constant pressure, viscous mixing layer separated from a solid surface by an
enclosed region of low-velocity "dead" air. However the shuttle experienced a highly complex
flow developed with the presence of vortices.

Early Shuttle concepts and simplified Shuttle geometries all exhibited the presence of vortices
on the leeward surface. Because vortices were affected by chine radius, forebody half angle,
planform area, cross-sectional area, nose bluntness, and canopy presence and location, the
correlations and results could not be directly applied to different Shuttle configurations. However,
these studies were very useful in understanding the fluid mechanics of complex leeside flow fields.

The surface discontinuity involving the forebody sidewall, and the windward flow separation
over the glove leading edge created another vortex. This vortex interacted with the fuselage side,
affecting regions in Figure 16. The viscous flow attached briefly, then separated. This vortex
(shear layer) influenced not only the fuselage side, but also the OMS pod and vertical tail.

Figure 16. Oil flow patterns indicate vortex impingement.

Figure 16 shows oil flow patterns on the side of the fuselage at 40° angle of attack. Where
the wing meets the fuselage a vortex was formed which scrubs the side of the vehicle and
continued aft striking the OMS pod and vertical tail. One of the scaling to flight issues experienced
during the flight test program was how the heating scaled to flight with vortex interaction. On the
fuselage the vortex formed on the forebody wrapped around and attached on the upper centerline in



front of and on the canopy. This was very similar in structure to a cone at angle of attack. The
results of primary and secondary vortices were scrubbing of the upper surface of the pay load bay
doors. These vortices were not as intense as those on the forebody or fuselage side.

Because of the circular downward motion of the vortices, the viscous layer on the surface was
thinned to a minimum. Thus, the region between the high energy inviscid flow and the surface
was reduced, while the circular motion also tended to bring the high energy flow close to the
surface, resuﬁing in increased heating.

The vortex-induced heating was highly sensitive to the changes in Reynolds number, while
angle of attack affected the location of the peak value and generates secondary vortices. Reynolds
number seemed to have little influence on the local heating peak's location. Generally, heating
increased with increasing Reynolds number.

There appeared to be two types of separated flow on the leeside of Shuttle like configurations
based on results of a study by Zakkay and Miyazawa, Reference 8. The first was a free vortex
layer separation characterized by one pair of separation lines where peak heating was associated
with boundary layer transition. This type of separation was experienced at low angles of attack.
The second was a bubble-type separation with two pairs of separation lines and peak heating
associated with vortex interaction in the separation region. This circulating flow had its stagnation
point on the surface centerline; as the flow moved away from the centerline, the flow separated,
forming a secondary separation line. Secondary vortices were also produced. This was generally
present at moderate and high angles of attack.

The analyses of the Shuttle leeside flow phenomena employed various types of data. Heat
transfer data were obtained from eight tests at four ground facilities for two model scales at Mach
numbers between 7 and 19, angles of attack between 20° and 45°, and Reynolds numbers between
Re/ft = 4.3 X 104 and Re/ft = 1.05 x 107. Local pressure data was obtained at angles of attack
between 20° and 50° and Reynolds numbers of Re/ft = 3.0 X 106 to 6.0 x 106.

With the orbiter at 20° angle of attack, the flow over the upper centerline was governed by the
primary vortex impingement. Within the vortex there was a constant pressure region normal to
the surface, a variation with distance in the total temperatures (due to a large in-flow of hot external
air), and quite a large axial velocity. This was a turbulent boundary layer flow regime. At alpha =
30°, the vortex impingement occurred in front of and behind the canopy. The canopy and its own
particular flow patterns separated these two regions. This, too, was a turbulent flow regime.

At alpha = 45°, the primary vortex impingement had moved to be located generally in front of
the canopy. The strong influence of the canopy and fuselage side vortex resulted in a swirling flow
pattern without the presence of the large axial velocity gradient which was common for smaller
angles of attack.
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Figures 17 thru 20 present oil flow data on a partial model ( forebody only) showing the
complex flow patterns on the fuselage side and upper surfaces. This data is for an angle of attack

of 30° and a Reynolds number of 1.0x106. Also shown in this set of figures are the impact of the
penetrations and protuberances on the orbiter forebody. On the side view, the effects of the
reaction control system, RCS, nozzles, crew side hatch window, and the payload bay door hinges
can be seen. On the upper surface the RCS nozzles, canopy windows, and the upper observation
windows effects are shown. This data helped to understand the flow fields the penetrations
experienced and some of their downstream effects.

Figure 17. Oil flow patterns on the fuselage side without penetrations.

Attempts to correlate the lee side data on the orbiter involved several parameters: film
coefficient ratio (hy/hg), Stanton number (ST), modified Stanton number (ST/Meo), and Nusselt
number (Nu) versus Reynolds number per foot (Re/ft), Reynolds number at each location (REeey )
and angle of attack (o). The data trends on the orbiter upper surface were similar to that of Apollo

in that the film coefficient ratio increases with increasing Reynolds number but not with the same
magnitude or slope .



Figure 18. Oil flow patterns on the fuselage side with penetrations.

Figure 19. Oil flow patterns on the orbiter upper surface without penetrations.
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Figure 20. Oil flow patterns on the orbiter upper surface with penetrations.

For the shuttle, film coefficients were correlated in terms of ratios that vary with angle of
attack and were modified to account for varying Reynolds numbers. The ratio of film coefficients
with Reynolds number was fitted with one straight line per angle of attack. The ratio of the
maximum heating to the minimum heating at the maximum and minimum Reynolds number was
correlated as a function of angle of attack. These correlations were scaled to flight conditions based
on flight freestream Reynolds numbers. Figure 21 presents this approach on the fuselage side.
The portion of the figure on the left shows the heating on a sidewall trace at a constant vertical

dimension for a=30° and Re/Ft=0.5x106. The center portion shows the X/L=.4 location with

angle of attack and a fixed Re/Ft. The right portion shows the variation with Re/Ft for a fixed
location and angle of attack.

A specific boundary layer transition criterion was not established for the leeward surfaces.
However, the wind tunnel data which were applied directly for predicting the design heating were
correlated with Reynolds number on the premise that this correlation would properly account for
the effects of the boundary layer state.
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Figure 21. Typical correlation approach for the leeside regions.
Wing Upper Surface and Elevon

The wing and elevon upper surface experienced flow phenomena that complicated data
correlation and extrapolation to flight conditions. The upper surface of a wing above 30° angle of
attack would generally be thought of as being in separated flow. There were, however, several
external forces acting upon the shuttle wing. The jet/shear layer developed due to the wing leading
edge/fuselage bow shock interaction scrubbed the wing upper surface at approximately 82.5-
percent semispan. This was based upon M=8 wind tunnel testing up to a=40°. Above o = 45°
there appeared to be no vortex interaction effect on the wing upper surface. The scrubbing action
of this disturbance is shown in the M=8 AEDC oil flow data, Figure 22. It was estimated that
depending on the flight condition, the shear region would move a maximum of 10-percent of the
wing span inboard compared to wind tunnel data.

This data showed the oil being scrubbed away from the leading edge region due to the
relatively high shear levels compared to the rest of the wing upper surface. The effect of the vortex
scrubbing was readily evident on the outboard portion of the wing.
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Flow on the elevon was influenced by the recirculating wake flow and carried forward to
the hinge line, causing the trailing edge to be hotter than forward chord locations. When the
elevons were deflected to a positive position (into the flow), the heating was more severe than zero
or negative. This was due to a more normal surface being available for the flow to impinge upon.

Figure 22. Oil flow visualization of wing upper surface vortex scrubbing.

Heating to the wing upper surfaces was correlated in terms of film coefficient ratios,
which were a function of angle of attack and free stream Reynolds number based upon wind
tunnel data. The lowest heating on the wing upper surface was at the mid-chord station, with the
heating increasing fore and aft of that station. The limit on the minimum heating level was
imposed at a film coefficient ratio of 0.002. This limit was based on an uncertainty analysis of the
test data. Increasing alpha tended to increase the heating.

Unique Heating Phenomena

There were several unique aeroheating phenomena that impacted the orbiter aeroheating
methods. Two of those are discussed in this section: surface catalytic effects and boundary layer
transition. Shock impingement and vortex impingement are discussed in other sections of the
paper.



Surface Catalytic Effects

The lower surface of orbiter is covered with silica tiles with a reaction cured glass, RCG,
coating. This glass/silica coatmg inhibits to some degree the recombination of atoms iu the
dissociated boundary layer air. This reduction in recombination results in a reduction in energy in
the boundary layer and a reduction in the surface temperature of the TPS tiles. If the surface had
been an uncoated metallic TPS (fully catalytic) equilibrium temperatures would have been
expected.

The design of the orbiter TPS was accomplished by predicting heating based on the
assumption of equilibrium flow. This was done for two reasons: uncertainty in knowing the
catalytic effects and as a design margin.

An inability at the time of TPS sizing to predict non-equilibrium boundary layer heating
and a lack of knowledge about catalytic behavior of the TPS tile coating precluded a design
approach based on these phenomena. However, results from plasma arc heater tests during the
TPS development test program indicated the inhibiting characteristics of the tile baseline coatmg
might reduce aerodynamic heating. As a result of the TPS development program insight into
catalytic effects was developed. This was due to the fact that TPS testing was conducted in arc
tunnels at NASA Ames and Johnson Space Center. To understand arc jet test heat fluxes and
resulting TPS surface temperature, there was a requirement to understand the impact of the plasma
arc heater disassociated air flow over the TPS test article. This was also done to understand the
impact and ability to scale TPS tile step data from plasma arc testing. This resulted in the
development of a relationship whereby the computed heat flux was compared with a computed
radiation equilibrium heat flux. During the test program, the heating to the TPS coating in a
plasma environment could be approximated by using Equation 4 of Reference 9.

Haw —Hw — ﬂHD]

Qrest = qEQ[ Haw —Huy

(4)

n was found to be 0.7 £ 0.1. However, characterization of the dissociation non-
equilibrium gases produced by the arc heaters was difficult and the tile coating was often

contaminated. These phenomena precluded a confident update of the aeroheating prediction
methods prior to the first flight.

However, during the Shuttle's first five flights data became available to verify and enhance
a predictive approach. These results are discussed later under the flight test section of this paper.
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Boundary Layer Transition

Boundary layer transition was one of the major challenges for the space shuttle orbiter
aeroheating methodology development as it would be for any hypersonic vehicle. However, most
of the effort prior to the shuttle program had been related to cones and flat plates. These studies
and research had been more experimentally directed than configuration related. Some transition
data existed from the X-15 and possibly the Apollo program, but did not find their way into the
shuttle program.

Today linear stability codes, which are being used on the NASP program and supersonic
laminar flow control work, are available to help understand and predict transition. However, in the
shuttle time frame these tools were not available. This necessitated a different approach.

Design Philosophy In addressing boundary layer transition predictions for the orbiter, the
design philosophy was to assume a "smooth" surface. For the shuttle, a "smooth" surface was
defined as a surface whose roughness was such that it would not result in transition earlier than
that which was predicted to occur based on correlations developed based on wind tunnel models.
Today someone might want to modify this approach to be transition based on that which would
be experienced based on quiet tunnel testing as in the NASA Langley quiet tunnel or based on
linear stability analysis.

However, it was anticipated that the wind tunnel derived transition criteria and onset locations
would be conservative and accommodate some effects of vehicle roughness under actual flight
conditions. This was justified due to the noise that radiated from the turbulent wind tunnel walls in
the facilities where the shuttle orbiter was tested.

One thing that made boundary layer transition so difficult to model was that it was affected by
many parameters: pressure gradients, surface to free stream temperature ratio, free stream Mach
number, free stream turbulence noise, 2D and 3D roughness, and shock impingement.

When the basic design trades of the orbiter configuration were performed, consideration was
given to the sensitivity of certain geometries featured on boundary layer transition. Some of the
features considered were nose shape, wing glove position, and fuselage / wing lower surface
blending.

Smooth Surface Transition Work on predicting the orbiter boundary layer transition began early
in the Shuttle program with many approaches being investigated. After several studies, the
Re6/My parameter was selected as the design parameter for Shuttle transition prediction. Wind
tunnel test data were the primary means used to determine the boundary layer transition onset
criteria.



In determining boundary layer transition onset, wind tunnel test data was compared with
laminar flat plate theory for different span locations on the orbiter fuselage and/or wing as shown
in Figure 23. Transition onset was defined as the point where wind tunnel data departed from the
theoretical laminar flow solutions.
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Figure 23 . Transition onset determination from heating data.

At the point where onset occurred, the Re6/My values for a flat plate were calculated. The
Re6/ML, at that point was adjusted by the laminar factor by dividing the momentum thickness by
LAMFAC. This resulted in the basic correlation shown in Figure 24. As the span increased the
value of Re§/ML, decreased . On the lower centerline a value of 225 was indicated while on the
outboard portion of the wing Re6/ML, was less than 100. This basic approach was further refined
to separate out the angle of attack effects as wind tunnel data base was refined for the final shuttle
configuration. This indicated Re6/ML, values between 250 and 300 for the fuselage centerline

yvhich fiecreased to as low as 60 at the 90% wing span, due to the impact of the wing shock
interaction.

Roug!mess Induced Transition Basic to the understanding of shuttle TPS tiles and their
associated steps and gaps on transition was the orientation of the tiles to the flow streamlines.
Exploratory wind tunnel tests were performed on smooth orbiter models that were grooved to
s1mulat§ tile gaps. It was discovered that groves parallel (rectangular pattern) to the surface
streamlines produced strong boundary-layer tripping disturbances, whereas grooves perpendicular
(dlam.ond pattern) to streamlines produced weaker disturbances, Figure 25. Subsequent
experiments indicated that a 15° angle between gap and flow direction was sufficient to avoid the
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parallel gap tripping effect. It was also learned from this exploratory wind tunnel data that the
width of tile gaps affected transition. As the gap width increased, transition occurred at lower and
lower Reynolds numbers.
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Figure 24. Basic smooth wall boundary layer transition criteria

To develop analytical techniques to define the allowable TPS installation tolerances impact of
roughness on transition and further relate the completed orbiter surface configuration to the
observed transition during flight, existing wind-tunnel-based boundary layer transition research
was used. It was presumed that transition would be caused by single or isolated roughness
elements that were three dimensional.

It had been demonstrated that in supersonic flow three-dimensional roughness (spheres) were
more effective trips than two-dimensional roughness (wires perpendicular to flow). By analogy,
tile edges where the step and gap were uniform would be thought of as two-dimensional
roughness and tile corners or intersections as three-dimensional roughness. If the tile edge and
corner steps were the same, then the corner would produce the dominant disturbance.

Figure 26 shows schematically how three-dimensional roughness size variation affects
transition location. In section A of Figure 26, between 1 and 2, the roughness has little effect on
the natural or smooth wall transition, indicating that the roughness disturbances do not dominate
the boundary layer before they decay. The region between 2 and 3 is characterized by a small



change in roughness size, causing a large change in transition position with roughness size when
transition is close to the trip. Point 3 is defined as the "effective trip" size, i.e., the smallest trip that
will cause transition near the trip element. For the first flight assessment, only the left side of
Figure 26, section A, up to point 3 is of interest. Section B of Figure 26 shows the effect of
increasing trip size.
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Figure 25. Effect of gap patterns on boundary layer transition.

The boundary layer was very discriminating as to the roughness sizes that affect transition.
Since the roughness distribution was not expected to be uniform, a relatively small number of
discrete roughnesses were expected to cause transition; and there was a low probability that these
disturbances would interact with one another. The conclusion was that single-roughness-element
transition research would be an appropriate basis for the analytical tools. From Reference 10,

Equation 5
Rek = 33.4[1 + o.go(T—W— )+ 0.28(TA—W- 1)]Refé
T5 T5

(5)

represented the conditions for an effective spherical element trip. This equation was for flow on a
cone and includes variations in Mach number and heat transfer. The bracketed term in Equation 5

was nearly equal to (8*/Xk)VRexk. Empirically, Equation 6 represented a slight improvement:

& T, T
2 JRe, =1.09/1+0.90| 2 —1|+0.28[ AW _1
e v I
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Substituting Equation 6 into Equation 5 yielded:

;. — 30.7Re ¢ (7)

which included heat transfer and compressibility effects for flow over a cone. Equation 7,
which matched the data of References 10 and 11 about as well as the previous equations, was
used to extrapolate the orbiter flight conditions.
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Figure 26. Description of roughness produced transition.

Wind tunnel tests were performed at the Arnold Engineering Development Center Tunnel B
at M=8 to verify the applicability of Equations (5) or (7) for the orbiter configuration. These tests
used a 0.04 scale model of the orbiter forebody (X/L<0.5). For the first series of tests, spherical
roughness was mounted on the model at X/L=0.05, 0.11, or 0.17. The models were solid copper
forward of the trip to provide an isothermal boundary layer from the stagnation point to the
roughness. Aft of the trip, the models were made of an alumina-filled epoxy; and the phase
change paint technique was used to obtain transition data. The roughness elements were spheres
with diameters of 0.015, 0.020, 0.025, and 0.031 inch. These data are compared with the cone
data of Reference 10 in Figure 27.
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Figure 27. Effective transition data correlation including compressibility and cooling.

With the above correlation of Kgrgp/0*, a means of determining a value of K with the tile
system as installed or as allowed to be installed was available.

In varying from spherical trips to the TPS tile system, several factors had to be considered.
Based on test data, in-line gaps between the tiles were effective trips and were influenced by both
gap width and gap depth. This configuration was avoided in the orbiter tile layout wherever
possible. Steps in combination with gaps ( not parallel to flow) were more efficient trips than
steps alone. Based on wind tunnel test data, tile steps were twice as efficient trips as spheres.

In dealing with the TPS tile system, an "equivalent" roughness was defined that incorporated
the tile to tile geometry. For transverse gaps, the equivalent roughness involved tile to tile forward
facing steps (K) and gap widths (G) so that the equivalent roughness became that of equation (8).

Keg = J[Kz +(G-0.045)’] ®

A gap width of 0.045 inch or less was assumed not to influence roughness.
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For longitudinal gaps which were filled with gap fillers, the equivalent roughness was a
function of the tile to tile step (K) and the area in the gap above the gap filler (A) as shown in
Equation 9.

Kea = 4/(K? +K3) ©)
where Kg = \/’Z‘ A (10)

Localized Flow Interactions

In addition to the orbiter acreage, localized regions of the orbiter required special attention
due to severe gradients in both pressure, velocity, and thereby heating. Examples of these
localized flow interactions were the elevon-elevon gap, aft OMS pod side, subsurface flow, and the
SILTS pod. The elevon-elevon gap and the SILTS pod are discussed in this section. The aft OMS
pod side and subsurface flow are discussed under the flight test section.

Elevon-Elevon Gap

The orbiter elevons were divided into inboard and outboard elevon sections for
aerodynamic control with each section separated by a gap. This gap presented several design
challenges relative to local geometry and sealing. It also created complex flow phenomena. Early
wind tunnel tests did not model the gap properly but did indicate the flow phenomena based on
both paint and oil flow testing. These tests were later updated with a detailed elevon-elevon wind
tunnel model. Figure 28 shows the elevon-elevon gap model mounted in the wind tunnel with the
upper surface of the model visible.

This test provided valuable information as to both flow field definition and heating levels.
Figure 29 shows oil flow data on the elevon/elevon gap at 40° angle of attack with the inboard
elevon deflected at + 5°. As can be seen from this figure several flow phenomena occur in the
vicinity of the gap. Using this type of data a flow model was developed, Figure 30. This figure
shows the streamline patterns in the region of the elevon-elevon gap based on both paint and oil
flow data. The streamlines upstream of the gap formed approximately a 15° angle with the orbiter
centerline. As the flow approached the gap it sensed a drop in pressure due to the gap and
communication with the upper surface lower pressure levels. The streamlines curved between 35°
and 50° with the centerline. On the outboard elevon based on oil flow tests there was a region of
high shear emanating a short distance (13 inches) aft of the hinge line. It appeared that some of the
oncoming boundary layer (inboard elevon) spilled into the gap; however, the outer portion of the
boundary layer flow impinged on the outer elevon edge.



Heating on the inboard elevon adjacent to the elevon-elevon gap was modeled as disturbed
flow, impacting both laminar and turbulent heating levels but not boundary layer transition onset.
This was based on the paint data. Factors were applied to undisturbed heating levels to match the
disturbed heating levels.

Figure 28. Elevon-elevon gap model.

The outboard elevon near the gap was influenced by tripped turbulent flow and impinging
turbulent flow. The wind tunnel data was modeled by having the flow become turbulent after
leaving the inboard elevon and then using a flat plate theory with a short (9-inch) running length.
This method applied to the region closest to the gap.

Analysis of the elevon-elevon test data indicated a heating distribution into the gap as
shown in Figure 31 based on laminar flow. This curve was referenced to the heating on the elevon
lower surface and covered an angle of attack range between 30° and 40° and elevon deflections
between -10° and +5°. It was assumed that the same curve would apply for turbulent reference
heating. As indicated by this data, heating for up to four inches into the gap was equal to or greater
than the outer elevon surface.
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Figure 29. Elevon-elevon gap oil flow patterns.

OUTBOARD ELEVON
—

e
—

—
— RECELO'N OF HIGH SHEAR

— — v pad >
/:/],\‘;%\ YN N

N\ . -
B =
/I S A ;(50 - sor
yd
| //
. ol ~ —
_— INBOARD ELEVON N
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This test, however, had the flow in line with the gap and did not simulate the outboard
elevon with impinging flow. For this type of flow the heating should drop off at a faster rate
with distance into the gap (z). The gap heating distribution curve was modified to account for
impinging flow. As will be discussed later in flight testing, this region turned out to be one of
the hottest regions on the orbiter.
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Figure 31. Elevon-elevon gap heating distributions.
SILTS Pod

One of the major Shuttle orbiter experiments, OEX, was that of the SILTS experiment. The
SILTS, Shuttle Infrared Leeside Temperature Sensing, experiment consisted of a pod on the
vertical tail of the orbiter to measure leeside surface temperatures to complement the TPS surface
instrumentation. The pod contained an infrared camera that viewed the orbiter upper surfaces
through two window cavities cooled by liquid nitrogen, Figure 32.

Wind tunnel testing was undertaken to understand the environments in the vicinity of the pod
and the actual heating to the pod surfaces, especially in the vicinity of the windows. The challenge
in developing methods for the front face of the pod was that of model scale. The SILTS pod
relative to the entire orbiter was relatively small and therefore presented instrumentation challenges.
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Figure 32. SILTS experiment system schematic.
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Figure 33. Comparison of two different scaled SILTS pods.
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Figure 33 shows two vertical tails with the SILTS pod attached. The 0.0175 scale pod was
geometrically consistent with the orbiter model on which it was attached. However the 0.0175
scale pod was so small that it couldn't be instrumented accurately with thermocouples so a larger
0.0525 pod was developed. This pod allowed more thermocouples to be installed allowing the
maximum heating levels and locations to be determined as presented in Figure 34. Both vertical
tail-pod combinations were tested in combination with the orbiter wind tunnel model at the AEDC
facility under M=8 conditions for Reynolds numbers between Re/Ft=0.5x106 and 3.7x106. Data
was obtained at angles of attack of 0°, 30°, 35°, and 40°.
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Figure 34. Heating distribution on the 0.0525 scale thermocouple pod.

A second series of tests were conducted using the thin film gauge instrumentation technique.
This technique allowed high density instrumentation on the dome face and the surrounding areas,
Figure 35. This model was tested at Calspan at M=11 and M=16 providing higher Mach data than
had been obtained in the AEDC testing. By using a thin film gauge technique areas of peak
heating were verified for the correct geometry scale. This technique also allowed interference
effects to be obtained.

Test data results from ground testing at both AEDC and Calspan are shown in Figure 36. As
shown all of the data indicated the peak heating to be at 45° off the horizontal. Also shown is that
the 0.0175 scale thermocouple model under predicted the heating level possible due to the large
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gradients and heat conduction. From a test techniques point of view, the 0.0525 thermocouple
model with the larger pod situated at the correct vertical station matched the same heating levels as
the smaller thin film gauge data.

Figure 35. Thin film gauge instrumentation location on SILTS pod.
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Uncertainty Definition

The philosophy for the shuttle orbiter heating methodology development was to develop
methods based on nominal fits of the experimental data. Then, prior to the first flight, uncertainties
would be taken into account. Heating with uncertainties would be used to assess the first flight and
verify that no TPS or structural failures were anticipated and that there were no safety of flight
issues.

The process of developing uncertainties on heating considered many factors. First and foremost
the scatter in wind tunnel data was used. However scatter in data was not blindly used. If a few
points were outside the main scatter band they were not included in the uncertainty analysis.
Uncertainties in the local properties of pressure and velocity were assumed and heating
uncertainties calculated. Basic theories were examined for potential uncertainties. In some
instances, the origin of flow was uncertain and that was considered. Uncertainties in the impact of
control surface deflections and shock impingement on heating were also considered. In the wing
leading edge region, one major uncertainty was scaling to flight the effects of the double shock
effects. All of the uncertainties were then root sum squared, RSS'd, together to develop an
uncertainty factor. Rather than developing an uncertainty number for each heating location on the
vehicle, this process was applied to regions on the orbiter as shown in Figure 37.
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Figure 37. Aeroheating uncertainties definition for STS-1.
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For the first flight, STS-1, heating estimates were made with nominal methods for both the
nominal trajectory and dispersed trajectories, and uncertainties were applied to the nominal
trajectory as well. Based on this analysis approach no safety of flight issues were estimated due to
aerodynamic heating for the first flight of the Shuttle.

FLIGHT TEST PROGRAM

In this section the orbiter flight test program is described as well as instrumentation used to
obtain aeroheating test data. Some of the flight test anomalies are identified. Emphasis is placed
on comparisons of flight test data with ground test predictions.

The Shuttle flight test program to validate the aeroheating methods consisted of essentially the
first five flights STS-1 through STS-5. However, due to issues that arose during these initial
flights and requirements to expand the operational envelop, aeroheating data was obtained on
additional operational flights.

The orbiter entry trajectories were shaped to be benign from an induced thermal point of view.
This was accomplished by each flight having a vehicle angle of attack of 40° throughout most of
the entry, Figure 38.
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Figure 38. Angle of attack variation during the first five flights.
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In addition, the orbiter entered the atmosphere from low Earth orbit inclinations between
28.5° and 40°, allowing relatively low cross ranges on the order of 720 nautical miles or less. This
was important since the TPS was designed and sized for the Western Test Range, WTR. This
meant the structural temperatures would be below design values. Emphasis was placed on
maintaining adequate structural temperature margins during these flights. All five orbiter entry
trajectories were similar, though STS-3 and STS-4 flights had slightly increased surface
temperatures and reduced entry flight time. Control surface deflections varied somewhat but other
than the body flap, the elevon did not reach its maximum test deflection. Several flight test
maneuvers called push over-pull up, POPU, were performed which also provided additional angle
of attack aeroheating data.

Unfortunately because of a malfunction of the orbiter flight data recorder, aeroheating data
during STS-1 and STS-4 were lost except that which could be transmitted after black-out.
Therefore, on these two flights, aeroheating was only available after approximately 950 seconds.
Pressure data was obtained on two flights and calorimeter data on only one flight of the first five
orbiter flights.

Flight Test Instrumentation

To support calibration of the pre STS-1 wind tunnel based methods several types of
instrumentation were used. Flight test data for aeroheating focused on two areas:
temperature/heating rate and pressure. For the acreage regions of the orbiter entry acroheating data
were primarily obtained from data with instruments installed in TPS tiles. However, data was also
obtained with instruments in AFRSI and FRSI blankets, and radiometers for the RCC regions
covering the nose and leading edge regions.

Thermocouples used in TPS tiles, such as the high temperature HRSI tiles, were installed
such that the thermocouple was in contact with the reaction cured glass (RCG) tile coating. These
instruments were fabricated using 10 mil platinum - platinum 13 percent rhodium wire.
Thermocouples in contact with the tile coating were supposed to provide surface temperature
readings. Unfortunately not all thermocouples were installed in the ideal manner. This led to the
need for thermal modeling of the thermocouple later in the flight test program so that thermal lag
and the actual surface conditions could be taken into account.

In addition to surface thermocouples, pressure taps through tiles or blankets were also used.
Surface calorimeters were used in limited locations on the fuselage lower surface. These
instrumentation locations are shown in Figures 39, 40, and 41.
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For areas of the orbiter where surface temperatures were such that reinforced carbon-
carbon, RCC, was used, validation of predictions was based on radiometer data. Thermocouples
had been considered early in the shuttle program, but were abandoned due to concerns over
degrading structural integrity of the RCC panels, the ability to bond the thermocouples, and rapid
degradation of the thermocouples bond. This led to the use of radiometers, a device that functions
in conjunction with a lens system that directs incident thermal energy into a thermopile sensor, to
measure leading edge heating. The sensor was calibrated with a known temperature. The
sensor/lens was mounted in a copper heat sink to maintain the radiometer within a specified
temperature range. Five radiometers were installed on the left hand orbiter wing to measure
temperature in the range of 320°F to 3000°F.

OSURFACE TEMPERATURE
VSURFACE PRESSURE AND TEMPERATURE

Figure 39. Orbiter lower surface instrumentation locations.



28 VY YV Y[ ——O— —F—— —O— —v—|—— —— £
v
O ¥ ol © o % o 0 0
oL Q o Q 0 Q
o [ o &
# o o o %o
o 0
O SURFACE TEMPERATURE Vo & v OV
VSURFACE PRESSURE AND TEMPERATURE v O Vv
o

Q o
A A A A A %::Aﬁ OOQ
a igz Q ma%oﬁ ﬁi\ o &0 o

v

<
a
%%

OSURFACE TEMPERATURE

VSURFACE PRESSURE AND TEMPERATURE

Figure 41. Orbiter side surface instrumentation locations.
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Flight Test Anomalies

Several anomalies occurred during the first flight relative to aeroheating that impacted methods:

- Heating on the fuselage side due to vortex impingement was stronger than modeled with
wind tunnel data resulting in an over temperature on the TPS low temperature insulation, FRSL
The area impacted by vortex impingement was also different under flight conditions. This resulted
in a TPS redesign on the fuselage side.

- Impinging vortex flow on the forward OMS pod was also greater than wind tunnel derived
methods. This also caused an over temperature of the FRSI and resulted in a design change by
replacement of low temperature insulation with a larger region of high temperature insulation,
HRSI. This vortex also served as a mechanism to trap and focus debris on the OMS pod.

- Impinging flow on the aft OMS pod side was stronger than measured in the wind tunnel
either due to wind tunnel modeling, scaling to flight, or control surface deflection influences. The
impact of how high energy flow could traverse significant distances was not understood prior to
flight.

- Damage to TPS tiles due to debris, usually ice, resulted in premature boundary layer tripping
and early transition to turbulent flow. TPS tile installation, steps and gaps, also significantly
impacted transition. However, these impacts on transition were correlatable.

- Local pressure gradients set up by tile to tile steps and subsurface leak paths created charring
of the TPS tile filler bars and over temperature of structure in one incident.



Flight Test Results

The first five orbiter flights provided a wealth of hypersonic flight data which were used to
calibrate aeroheating methods and to enhance prediction techniques. The flight test data can be
summarized by the following points.

- The simple geometry theory approach provided remarkable agreement with flight test data,
- Local pressures generally matched predictions,
- Partially catalytic effects were present,

- Boundary layer transition was impacted by surface roughness. However, transition occurred
later than predicted for the first flight but sooner than for a smooth body,

- Turbulent heating levels were overestimated above M=10,

- Leading edge heating scaled directly, but the leading edge shock impingement effects were
greater than direct scaling, and

- Vortex flows scaled differently than based on ground data.

Fuselage Lower Surface

In comparing the flight test data with preflight predictions on the fuselage lower surface, one
obvious conclusion can be drawn. The fully catalytic (equilibrium) preflight predictions were
significantly higher than the flight data, especially near the nose. As shown in Figure 42 surface
temperatures at an entry time of 450 seconds were over predicted by almost 400°F and peak
temperatures by 200°F for a location 2.5% aft of the nose. With increased distance from the nose
the benefits of surface catalycity diminished. As indicated there was a good match between theory
and data for the entire trajectory.

Another observation, Figure 43, was that using the adjusted Spalding & Chi turbulent theory
was acceptable below M=10 but the theory tended to over predict for turbulent flow at higher
Mach numbers. Peak turbulent temperatures were over estimated by almost 250°F using this
approach. Spalding & Chi theory had provided a good match with wind tunnel test data but that
was at M=8. This indicated that effort was needed to find a better match for turbulent flow at high
Mach number flight. This figure also showed the reduced surface catalytic effects with increased
distance from the nose.
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Figure 43. Fuselage lower surface temperatures at X/L=0.70.



The pre STS-1 approach of using wind tunnel verified techniques for predicting pressures did
very well in matching flight test data. The local pressure levels (low pressure gradient regions) on
the orbiter lower surfaces were based on Pp/P as a function of freestream Mach number, angle of
attack, and local geometric angles. These correlations initially determined based on wedge and
cone data were modified using orbiter wind tunnel test data as indicated in Equation 11.

PL/Poo = 0.2397 + 1.161 M..Sin® + 1.060 (M..sinB)2 + 0.0487(Mwsin®)3  (11)

Data from STS-3 was compared with preflight pressure prediction approach. As indicated
there was a good match between theory and pressure data. This match is shown for the first 900
seconds of the mission, Figure 44.
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Figure 44. Comparison of pressure prediction with flight test data.
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Boundary Layer Transition

In obtaining boundary layer transition flight data on the lower surface 94 thermocouples
installed just under the TPS tile coating were used. Temperature data was provided at one second
intervals. Figure 45 provides a typical distribution of a thermocouple time history at a location
30% aft on the fuselage from STS-2.
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Figure 45. STS-2 Surface temperature history at X/L=0.3.

This temperature history shows that transition onset occurred at 1263 seconds while fully
turbulent flow occurred at 1280 seconds. Based on the flight test data the transition period was
roughly 30 seconds which equated to a transition zone of about 20% on Reynolds number. This
transition zone was indicative of tripped flow. The temperature variation at approximately 800
seconds was due to a maneuver where the angle of attack was varied in a push over-pull up,
POPU, maneuver.

Blumer in his analysis of the transition data, Reference 12, constructed transition patterns
using turbulent spreading angles from conical flow and shuttle surface shear patterns, plus post
flight inspection of roughness and TPS damage. These results are presented in Figure 46 for STS-
2.

TPS tile roughness elements on the nose landing gear door resulted in the two major
transition fronts on the fuselage. On the wing many transition wedges were projected due to the
wing leading edge RCC attachments and tiles on carrier panels. The external tank attachment door
roughness resulted in early transition in front of the body flap. Early transition on the body flap
was due to the large down flap deflection on the order of 15°.
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Figure 46 . STS-2 transition patterns.

In using the roughness correlation of Equation 7, the tripping data on the nose landing gear
door was analyzed for each of the first five flights, Table 1. This allowed the different flight times
and flight conditions to be assessed to estimate what roughness was required to predict the
measured transition onset times. This approach indicated that a constant equivalent roughness of

K=0.113 was present on all five flights.

Flight

STS-1
STS-2
STS-3
STS-4
STS-5

* (1000 TO 1200)

——
(500 TO 700)

(1133/1160) |

Table 1 Roughness variation during the first five flights

Transition Time Angle of Attack Mach No. Calculated "K"

1252
1263
1193
1030
1125

33.6° 7.6
33.3° 8.0
323 74
40.6 104
36.0 8.7

0.113
0.111
0.110
0.133
0.117
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Catalytic Effects

The total effects of catalytic recombination weren't really known until STS-2 due to the loss
of data from STS-1. In addition to the basic tile data to understand about catalytic effects, the
orbiter catalytic surface experiments sponsored by NASA Ames were conducted. These data
showed a significant impact on laminar heating. By using the data from STS-2, Miller determined
the impact on enthalpy of dissociation, Reference 12. He developed a semi empirical technique
that modified the correlation from the arc tunnel so that heating due to catalytic effects could be
estimated as shown in Equation 12. This single correlation worked for multiple locations on the
orbiter and different flights. The ability of this approach to match flight test data is shown in
Figures 41 and 42.

Haw — CpiTw — Hp (12)
Gho = O
re Q[ (Haw —Hw)gq
n=1= PGyg (13)
heqy27R,Z¢ Ty
7 = 0.05787EXP( 68767 | (14)

Another phenomenon evident during the flight test program was catalytic over shoot as
discussed by Stewart, Reference 13, Fully catalytic tiles were obtained by spraying standard tiles
with an overcoat of black iron - cobalt - chromia spinal. The overshoot phenomena indicated that
going from a partially catalytic surface to a fully catalytic surface would result in more
recombination at the forward edge of the tile and less towards the back. Analysis by Rakich and
Lanfranco, Reference 14, indicated 300° to SO0°F above equilibrium at the front edge and 200°F at
the aft end of the tile. Depending on where the flight test instrument was located on the tile would
determine how much of the overshoot would be recorded. However, not all coated tiles
experienced this phenomenon . Figure 47 shows the results of a possible over shoot which appeared
to go away with flight test time.
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Figure 47. Potential catalytic over shoot on surface temperature.

Wing Leading Edge

Wing leading edge flight test data was obtained at four wing stations with two radiometers
in the area of the fuselage bow shock impingement as discussed in Reference 15. The simple
swept cylinder approach to leading edge heating resulted in excellent agreement with flight test
data, Figure 48. Both STS-1 and STS-2 test data matched the preflight predictions. This data
indicated agreement throughout the entry trajectory covering a wide variation in angle of attack.
Based on this agreement, confidence was gained in the basic methods for moderate sweep. In
areas of high sweep, ie. 40% and 98% semispan, the flight data was less than predicted. The
swept cylinder approach didn't appear valid for high sweep configurations. The next issue was the
impact of shock impingement.

In analyzing the flight test data within the shock impingement region it was found that
using wind tunnel data directly ( which worked well outside of the interaction) under predicted the
temperature in this region by as much as 200°F as shown in Figure 49. However, the wind tunnel
derived temperature distributions agreed well with flight data without any adjustments. The
distribution around the leading edge matched the wind tunnel data but the heating level was off. To
adjust for this effect a scaling to flight factor of 1.34 was required. This factor was significantly
less than the factor of 2.0 estimated for the 'double shock’ effects.
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Figure 48. Radiometer temperature comparisons with preflight prediction
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Figure 49. Wing leading edge temperatures with shock impingement .
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The wing leading edge thermal analysis was a complicated procedure since there was flow
into and out of the RCC panels. This did not change the RCC maximum temperature but acted as
convective cooling for the attachments hardware which had to be taken into account.

Fuselage Side and Upper Surface

The fuselage side and upper surface experienced vortices that interrupted the leeside
separated flow. These vortices impacted regions of the orbiter differently as illustrated in Figure
50. Zone A on the forward fuselage was more akin to attached flow. Zone B just started to pick
up vortex effects. Zone C was the major area influenced by the vortex. Scaling to flight was a
significant variable here. Zone D had the vortex impingement on the OMS pod.

ZONE A NO VORTEX

ZONE B SLIGHT/MODERATE VORTEX
ZONE C STRONG VORTEX

ZONE D WEAK VORTEX/SEPARATED

Figure 50. Leeside vortex flows.

On the forebody side where no vortices were present wind tunnel data indicated that the
nondimensional film coefficient ratios were insensitive to changes in freestream Reynolds number
and some what insensitive to changes in angle of attack. This was similar to what would be
expected for attached flow. However, this area did appear to benefit from partial catalytic effects.
Figure 51 showed a comparison of flight data, ground data, and preflight prediction for instrument
V07T9880. The data from the first five Shuttle orbiter flights were very repeatable.
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Further back on the fuselage side, as on the lower surface, the effects of catalytic tiles were
diminished. At 30% body length, VO7T9859, there was excellent agreement between wind tunnel
data and flight data in the region of matching Reynolds numbers. This was a region just upstream
of the fuselage side vortex, Figure 52. Flight test data provided low Reynolds number data outside
the bounds of wind tunnel conditions. Flight data at Reynolds numbers below that tested in the
wind tunnel resulted in heating lower than wind tunnel values. This illustrated the need to cover
the flight Reynolds number either by ground test or CFD analysis.
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Figure 51. Fuselage side heating for instrument VO7T9880.

In regions influenced by vortex scrubbing under flight conditions, the vortex impingement
effect was stronger than in the wind tunnel, Figure 53. The differences got larger as the Reynolds
numbers increase. This could be due to the differences in specific heats between wind tunnel and
flight. The vortex moved closer to the fuselage sidewall and caused a rapid rise in temperature
which became the same as at lower angles of attack. Direct application of wind tunnel data to
flight conditions when vortices are present needs to be revisited. This change could also be due to
a potential change in the boundary layer state as the Reynolds number increases. At lower angles
of attack, 30° and 35°, the flight data was in better agreement with wind tunnel data below a
Reynolds number of Re/Ft=2.0x106, Reference 15. However, for the higher Reynolds numbers,
flight data was greater that wind tunnel data.

There was a region on the fuselage side, Figure 54, where the vortex did not impinge or
scrub the side under wind tunnel conditions. But the vortex was present under flight conditions.
This resulted in a significant change in heating by an order of magnitude at an angle of attack of
40°. However, for the lower angles of attack where the vortex impinged under both wind tunnel
and flight conditions temperatures were in better agreement, Reference 15.
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Figure 52. Fuselage side heating for instrument VO7T9859.
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Figure 54. Fuselage side heating for instrument VO7T9925.

Flight data from the first five flights indicated that it is important to obtain high Reynolds
number ground test data. Ground data should match the highest Reynolds numbers planned in
flight or should be carefully extrapolated to flight conditions. In addition, as a design practice, if
wind tunnel test data at angle of attack below the planned flight conditions indicate vortex
impingement, it should be assumed that the vortex will impinge at somewhat higher angles of
attack. This will sometimes result in an over design condition.

Wing Upper Surface

The wing upper surface did not follow the same vortex scaling trend as the fuselage side.
As indicated previously, in the wind tunnel a strong vortex scrubbed the outboard portion of the
wing upper surface. However, flight data indicated the heating on the wing was fairly constant

across the span. Flight data was an order of magnitude lower in terms of film coefficient than the
wind tunnel at 90% semispan.

Inboard of the region of vortex impingement as indicated by wind tunnel data, fairly good
agreement was achieved between wind tunnel and flight data. This is shown for 60% chord station
in Figure 55. Both wind tunnel and flight data showed minimum heating at the 60% chord station.
Heating increased towards the leading and trailing edges. In the higher wing heating regions flight
data was lower than the wind tunnel data.
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Aft OMS Pod Side

The orbital maneuvering system, OMS, pod located on the aft side of the fuselage was known
to have high heating levels on the front face due to the vortex flow impingement. However, down
stream of this region the flow based on limited wind tunnel data was thought to be benign. The
OMS pod heating methods were modeled consistent with the rest of the upper surface in terms of
film coefficient ratios versus angle of attack, yaw, Reynolds number. It was known that some
flow traversed through the elevon / fuselage gap but the influence was thought to be minor.
However, the STS-1 flight corrected that opinion, Figure 56. As a result of the thermal
environments, the aft lower corner of the OMS pod exceeded the TPS allowable temperatures
charring the TPS outer surface and debonding the graphite epoxy structure. It was estimated that
the surface temperature could have been as high as 1100°F.

A thermocouple was added in this region and data obtained on STS-3 and 5. What was
discovered was that this region was sensitive to the flow going through the gap and the associated
elevon deflection. Negative elevon deflections actually resulted in higher heating to this region of
the OMS pod.
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Figure 56. Aft OMS pod side flow impingement.

Using flight data from STS-3 and STS-5 a model of the environments in this area of the
OMS pod was developed, Figure 57. This figure presents the results of modeling the flight data as
well as presenting the wind tunnel data. As can be seen, there was an order of magnitude
difference between wind tunnel and flight. Part of this difference was due to part of the wind
tunnel data base not having an elevon-fuselage gap and in not properly simulating a gap. As with
the fuselage side, scaling of vortex induced heating to flight conditions required more than direct
application of wind tunnel data.
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Figure 57. Aft OMS pod heating correlations .
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Elevon-Elevon Gap

The elevon-elevon gap region on the wing was identified during the aeroheating methods
development as a region of local flow interaction. This area was projected to experience high
temperature under flight conditions. Temperatures in this area were so high that the tile corner
radius slumped (increased in radius) up to 0.85 inches. Instrumentation confirmed on STS-5 that
heating in the region was on the order of 2600° F for a large radius. Figure 58 presents the
temperature time history for a location on the outbound elevon edge. The highest temperature
recorded in this area of 2600°F was at a location slightly in front of instrument V09T9847 which
was slightly outside of the main impingement region. This location had a surface temperature
slightly less than 2500°F. Preflight predictions provided fair agreement with flight test data in this
area of high impingement heating.
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