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1. INTRODUCTION
1.1 SCOPE OF MATERIALS SELECTION GUIDE

1.1.1 Objectives

The main objective of this “Space Environmental Effects on Spacecraft: LEO Materials
Selection Guide" is to provide a decision tool to spacecraft designers for their use in the design of
low Earth orbit spacecraft and structures. This guide provides critical performance properties on
the major spacecraft materials and spacecraft subsystems that have been exposed to the space
environment. Spacecraft materials include metals, polymers, advanced composites, white and
black paints, thermal control blankets, adhesives, and lubricants. Spacecraft subsystems include
optical components, solar cells, batteries, and electronics.

The information found within this guide is a compilation of LEO space flight experiment
results as well as ground simulation LEO space experiments results. Data have been compiled
from short-term space flight experiments (e.g., 40 hours) that include Space Shuttle flights (e.g.,
STS-5, STS-8, STS-46) and from retrieved satellites of longer mission durations (e.g., Long
Duration Exposure Facility, Solar Maximum Mission). Major space environment effects include
atomic oxygen, ultraviolet radiation, micrometeoroids and debris, and contamination.
Understanding of the environmental parameters has been expanded to include synergistic effects
that were not widely known outside the research laboratories. For example, atomic oxygen flux
and ultraviolet radiation interact in the degradation of silver/Teflon materials.

Hence, this guide identifies the critical space environmental effect parameters that will affect
the performance of materials and components in the LEO space environment, e.g., dimensional
changes resulting from composites' moisture outgassing, surface optical performance property
changes due to AO/UV exposures, mechanical property degradation of composites due to AO-
induced surface erosion. This knowledge is needed by designers for materials selection decisions
and spacecraft components design considering the particular orbital mission.

Finally, this guide compares the space environmental effects on materials between the short-
term and long-term flight experiments. Where applicable, predictions are provided that a
spacecraft designer can use to determine the effects of the space environment on material
properties for longer mission durations.
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1.1.2 Design Data

The aim of this guide is to assist the spacecraft design engineer by providing materials
performance properties relevant to spacecraft design. Performance properties are provided for
the major spacecraft material classes. For example, a basic material property for polymers and
advanced composites is the (AO) reaction efficiency, which is defined as the volume loss per
oxygen atom (cm*/AO). The reaction efficiency characterizes the rate of material recession in the
presence of the AO flux. The total mass loss is generally in linear proportion to the total AO
fluence. For some materials, such as FEP Teflon film, the relationship is nonlinear due to
anticipated AO/UV synergistic interactions. Other performance properties for spacecraft design
include thermo-optical properties (e.g., solar absorptance, thermal emittance) and dimensional
changes due to outgassing and thermal cycling effects. Where appropriate, rules of thumbs
governing the relationships between the low Earth orbit space environment and the attendant
material/system effects (e.g., linear reactivity of polymers with atomic oxygen fluence, 1% change
in absorptance coefficient per 100 A molecular film deposition) are identified.

The information within the guide can be classified in terms of its relevance in the design
process. In terms of decreasing design utility the following three categories are identified:

* Engineering design values typically used in the design of LEO spacecraft structures.
These data are based on at least a statistical number of samples with error of margins.
Examples of this type of design information include the surface recession of silver
Teflon as a function of atomic oxygen fluence and mission duration, the end-of-life
absorptance values of thermal control paints, and dimensional changes in spacecraft
structures due to moisture desorption.

e Comparative information for material selection and conducting material tradeoff
analysis. Examples of this type of information, which can be found throughout the
design guide, include selection of thermal control materials for radiators and blankets
and protective coatings for structural components and solar arrays.

* Finally, information that establish the flight heritage of materials (e.g., accept/reject
criteria for risk-adverse program managers) are available. Examples of this type of
information include the use of lubricants, rubber seals, and adhesives.

In addition to providing a design tool that identifies materials suitable for use in the natural
space environment, this guide can also be used to avoid materials that are likely to be vulnerable
to one or more of the natural space environment components. Hence, this guide also identifies
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gaps in present day knowledge of space environment effects on promising materials (e.g.,
photochemical deposition of contamination) so that these gaps can be filled in a timely manner.

1.1.3 Organization of Materials Selection Guide

The organization of the materials selection guide is based on major material groups with
cross references to the relevant space environment degradation factors (i.e., atomic oxygen,
radiation, micrometeoroid and debris) and where appropriate to the relevant spacecraft
subsystems.® Hence, this guide presents the data and experience learned from the materials flight
experiments in one volume.

The guide is divided into the following fourteen chapters:

Chapter One presents a brief overview of the space environment from near Earth to
geosynchronous-altitude, and its potential effects on materials. Most of the information on the
space environment in this chapter are from the references, "Introduction to the Space
Environment,"' NASA TM 4527, and a TRW internal document > ‘Emphasis is placed on
understanding the potential effects of the different space environment components on the
spacecraft. This information is important in understanding the observations in the space flight and
ground simulation experiments and in extrapolating the results to spacecraft designs for other
orbits. This chapter also presents a summary of the major LEO space flight experiments,
including their objectives and space environment exposure conditions.

Chapter Two provides a more detailed discussion of the LEO space environment effects on
materials as well as design guidelines for evaluating and selecting materials. The chapter is
categorized by the major environment components and effects, such as atomic oxygen, ultraviolet
radiation, micrometeoroid and debris impact, thermal cycling, vacuum-induced outgassing,
contamination, and environmental synergistic effects.

Chapter Three provides a detailed discussion of space effects on advanced composites
materials.

Chapter Four provides a detailed discussion of space effects on polymer materials.

2 Based on an questionnaire sent to experts in the space environmental effects on materials community, it was
apparent that the design guide should be categorized along major materials groups and cross-referenced to the
space environment degradation factors. The survey also identified the types of information that would be most
useful from a designer’s perspective. In order of importance these are: flight heritage; ground simulation
experiments; followed by cost and manufacturability.
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Chapter Five provides a detailed discussion of space effects on adhesives.
Chapter Six provides a detailed discussion of space effects on metals.
Chapter Seven provides a detailed discussion of space effects on ceramics.

Chapter Eight provides a limited discussion of space effects on protective coatings materials
for polymers.

Chapter Nine provides a detailed discussion of space effects on lubricants, greases, and seals.

Chapter Ten provides a detailed discussion of space effects on thermal control materials,
including white and black paints, thermal control blankets, aluminum surface coatings, and optical
solar reflectors.

Chapter Eleven provides a detailed discussion of space effects on power systems.
Chapter Twelve provides a detailed discussion of space effects on optical components.

Chapter Thirteen provides a discussion of past flight experiments results on the space
environment effects on electronic systems.

Chapter Fourteen provides examples of applying the information contained within this design
guide for designing components and conducting materials tradeoff studies for future spacecraft
missions (e.g., International Space Station Alpha, TRMM, CERES).
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1.1.4 Space Environmental Effects Data Bases

This guide identifies design considerations for materials and critical space environmental
effects parameters that affect the performance of materials exposed to the space environment.
Hence, this guide expands the various data base systems that are already available to the
spacecraft materials and design engineers, while extracting information from these same data
bases. These data base systems augment this guide with space environmental effects information
(e.g., outgassing characteristics) as well as materials and processes information. A short
description for some of the data base systems are provided below.

MAPTIS. The Materials and Processes Technical Information System (MAPTIS) is a
NASA-sponsored, automated storage, retrieval and display data base system. It provides
comprehensive materials and processes information. It also contains a comprehensive data base
covering the materials results from LDEF. MAPTIS uses an Oracle Corporation's Relational
Data Base Management System and can be accessed via a modem and a 1-800 phone number or
via Telnet. A user and operations guide for the MAPTIS is available.*

M/VISION®. The M/VISION® version of the LDEF Materials Data Base requires the user
to have more sophisticated hardware and software, allowing the user to manipulate and analyze
the data. Once the M/VISION® version of the data base is transferred to the user's local machine,
the data base requires only local access by the user and is available to any local networked X
device. The user can incorporate in-house data or data from other sources into the data base. The
M/VISION® version of the LDEF Materials Data Base are available at no charge.

Boeing Mini-Data Bases. The Boeing Defense and Space Group, under contract to the
SSIG and MSIG, has developed a series of data bases containing results from LDEF. These data
bases were developed to provide the user community with early access to LDEF data. The data
bases were developed for use with PC and Mac versions of the Claris Corporation's Filemaker Pro
software. Filemaker Pro is a flat file data base which allows the user to retrieve multiple data
types such as tabular data, test, graphs, diagrams, and/or picture files. The data bases' simple
interface allows for easy use by novice users.

The mini-data bases cover optical materials, silverized Teflon thermal blankets, treated
aluminum hardware and thermal control paints that flown on or as part of LDEF, and the LDEF
environments. The Optical Materials Data Base is a compilation of the results on the optical
materials flown on LDEF and was originally developed by the SSIG. The Silverized Teflon
Thermal Blankets Data Base covers the results from the silverized Teflon thermal blankets utilized
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on LDEF. The Treated Aluminum Hardware Data Base is a compilation of data from the various
types of aluminum hardware flown on LDEF including different alloys, surface conditions, etc.
The Thermal Control Paints Data Base contains information on the wide variety of paints flown
on LDEF. The LDEF Environments Data Base contains information on the environment that
LDEF was exposed to, including thermal profiles, solar UV irradiation, and AO exposure levels.

LDEF Archive System. The Long Duration Exposure Facility (LDEF) Archive System is
designed to provide spacecraft designers and space environment researchers single point access to
all available resources from LDEF. These include data, micrographs, photographs, technical
reports, papers, hardware and test specimens, as well as technical expertise.

The LDEF Archive System is comprised of two parts. The first part is the physical contents
of the archive, including space flight and ground control hardware, documentation, data,
photographs and publications. The second part is the electronic on-line system. It is available to
users via the Internet. It contains data files, both numerical and graphical image files, micrograph
and photograph image files, technical report abstracts and full text files. The elements of both
components of the LDEF Archive System, physical and electronic, are categorized as follows:
project/mission documentation; experiment documentation; hardware; data/analysis; photographs;
and publication. Data are categorized according to environments and effects: ionizing radiation;
meteoroids and debris; contamination; thermal and solar; materials and processes; and systems.

The LDEF Archive is a distributed system, and both physical and electronic segments are
maintained at a host of locations. The LDEF On-line Archive System has been established on a
UNIX workstation at NASA LaRC, and it is accessible via Internet. The LDEF Archive System's
capability to reach out to other data systems is achieved through the use of an Internet
information service referred to as the World Wide Web (WWW), which uses hypertext, text that
may be expanded to provide links to other text. The LDEF Archive utilizes Mosaic from the
National Center for Supercomputing Applications (NCSA) as the WWW client, although other
WWW browsers are available.

Other Data Bases. Two special investigation groups data bases are accessible directly from
the LDEF Archive System by using the capabilities of the Mosaic browser and the Wide World
Web (WWW) server. These are the Meteoroids and Debris Special Investigation Group Data
Base at NASA JSC, and the LDEF Materials Data Base at NASA MSFC. The Technical
University of Munich has developed hypermedia data bases using NCSA Mosaic. They include
data, micrographs, photographs, publications and other items relative to LDEF experiments
AO187-1, AO187-2, AO201 and S1003. These data bases are accessible through the LDEF
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Archive System. Also as part of Materials and Systems SIG activities, Aerospace Corporation's
MO0003 Deintegration Data Base is available for use with Fourth Dimension and Paradox
software.

1.1.5 Publication Resources

The information reported in the guide is a compilation of both the space flight experimental
results and the ground-simulation space environmental effects experiments published by major
government and industry organizations as well as by individual experimenters. Important data
resources for this guide are listed below, as well as being referenced in the text.

Space Flight Experiments

J. Visentine, ed., "Atomic Oxygen Effects Measurements for Shuttle Missions STS-8 and 41-G,"
vols. I-IIT, NASA Technical Memorandum 100459, September 1988.

Satellite Servicing Project Goddard Space Flight Center, “Proceedings of the SMRM Degradation
Study Workshop,” NASA-TM-89274, May 1985.

L.A. Teichman and B.A. Stein, compilers, "NASA/SDIO Space Environmental Effects
Workshop, NASA CP 3035, 1988.

J.W. Haffner et al, "Natural Environmental Effects on SDI Spacecraft Surface Materials,"
Rockwell International, Report No. AFGL-TR-89-0084, Air Force Geophysical Laboratory, May
20, 1989.

A.C. Tribble, R. Lukins, and E. Watts, "Low Earth Orbit Thermal Control Coatings Exposure
Flight Tests: A Comparison of U.S. and Russian Results," NASA Contract NAS1-19243, Task
16, Rockwell International Space Systems Division, August 1994.

S.Y. Chung et al., "Flight- and Ground-Test Correlation Study of BMDO SDS Materials: Phase I
Report," JPL Publication 93-31, 1993.

LDEF Flight Experiments
*A.S. Levine, ed., "LDEF First Post-Retrieval Symposium," NASA CP-3134, 1991.
A.S. Levine, ed., "LDEF Second Post-Retrieval Symposium," NASA CP-3194, 1993.
A.S. Levine, ed., "LDEF Third Post-Retrieval Symposium," in press.
B.A. Stein and P.R. Young, eds., "LDEF Materials Workshop '91, NASA CP-3162, 1992.

AF. Whitaker, ed., "LDEF Materials Results for Spacecraft Applications," NASA CP-3257,
1994.
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H. Dursch, ed., "Analysis of Systems Hardware Flown on LDEF-Results of the Systems Special
Investigation Group," NASA Contractor Report 189628, Contract NAS-19247, April, 1992.

H.W. Dursch, B.K. Keough, and H.G. Pippin, "Evaluation of Seals and Lubricants Used on the
Long Duration Exposure Facility," NASA CR 4604, June 1994.

H.A. Smith, K.M. Nelson, D. Eash, and H.G. Pippin, "Analysis of Selected Materials Flown on
Interior Locations of the Long Duration Exposure Facility, NASA CR 4586, April 1994.

W.L. Plagemann, "Space Environmental Effects on the Integrity of Chromic Acid Anodized
Coatings, NASA CR 191468, May 1993.

J.L. Golden, "Results of Examination of LDEF Polyurethane Thermal Control Coatings," NASA
CR 4617, July 1994.

D. R. Wilkes and L.L. Hummer, "Thermal Control Surfaces Experiment Initial Flight Data
Analysis," Final Report, AZ Technology Report No. 90-1-100-2, June 1991.

-P. George, HW. Dursch, and H.G. Pippin, "Composite Materials Flown on the Long Duration
Exposure Facility, NASA CR—4657, April 1995.

H.G. Pippin and R.J. Bourassa, "Performance of Metals Flown on the Long Duration Exposure
Facility, NASA CR-4662, April 1995.

H.G. Pippin, "Analysis of Silverized Teflon Thermal Control Material Flown on the Long
Duration Exposure Facility, NASA CR—4663, April 1995.

H.W. Dursch, B.K. Keough, and H.G. Pippin, "Evaluation of Adhesive Materials Used on the
Long Duration Exposure Facility," NASA CR-4646, March 1995.

H.G. Pippin and J.R. Gillis, "Analysis of Materials Flown on the Long Duration Exposure Facility:
Summary of Results of the Materials Special Investigation Group," NASA CR—4664, April 1995.

Space Environment

T F. Tascione, "Introduction to the Space Environment," Orbit Book Company, Malabar, Florida,
1988.

B. J. Anderson, Ed., R.E. Smith, Compiler, "Natural Orbital Environment Guidelines for Use in
Aerospace Vehicle Development," NASA TM 4527, June 1994.



LDEF Data Bases

J.G. Funk, J.W. Strickland, and J. M. Davis, "Materials and Processes Technical Information
System (MAPTIS)," LDEF Second Post-Retrieval Symposium, NASA CP-3194, 1993, pp. 1201-
1222.

G. Bohnhoff-Hlavacek, "Data Bases for LDEF Results," LDEF Second Post-Retrieval
Symposium, NASA CP-3194, 1993, pp. 1223-1234.

Micrometeoroid and Debris Effects

T. See et al., “Meteoroid and Debris Impact Features Documented on the Long Duration
Exposure Facility,” NASA JSC Publication #84, JSC #24608, August 1990.

M.J. Meshishnek et al., "Long Duration Exposure Facility Experiment M0003 Meteoroid and
Debris Survey," LDEF Second Post-Retrieval Symposium, NASA CP 3194, 1993, pp. 357-415.

M. Allbrooks and D. Atkinson, "The Magnitude of Impact Damage on LDEF Materials," NASA
Contractor Report CR 188258, July 1992.

Atomic Oxygen Effects

J. Visentine, ed., "Atomic Oxygen Effects Measurements for Shuttle Missions STS-8 and 41-G,"
NASA Technical Memorandum 100459, vols. I-III, September 1988.

J.T. Visentine and A.F. Whitaker, "Material Selection Guidelines to Limit Atomic Oxygen Effects
on Spacecraft Surfaces," NASA TM-100351, February 1989.

L.J. Leger, "Oxygen Atom Reaction with Shuttle Materials at Orbital Altitudes - Data and
Experiment Status," ATAA Paper 83-0073, Jan. 1983.

D.E. Brinza, ed., "Proceedings of the NASA Workshop on Atomic Oxygen Effects, JPL
Publication 87-14, November 1986.

Optical Components

W.T. Kemp et al., "Long Duration Exposure Facility Space Optics Handbook," Air Force
Document PL-TN-93-1067, September 1993, pp. 6-12 to 6-14.

M.D. Blue, "Degradation of Optical Materials in Space," NASA Contract Number NAS1-14654,
April 1993.



1.1.6 Future Research

As environment effects are obviously very much material and application dependent (e.g.,
mission orbit, duration) knowledge of the operating space environments is important in drawing
conclusions on the environmental effects on materials and in predicting spacecraft subsystem
performance. Hence, it would be useful to the designers to integrate the expanding data base of
environment effects on spacecraft material properties with environment computation models into
a user-friendly software package that asks a few questions at the beginning (e.g., mission specific
parameters) and gives a report on the predicted material design properties at the end of the
mission lifetime for a specific mission orbit.

In the past five years Maxwell Laboratories, Inc., funded by NASA Lewis, developed and
compiled models of environments and of environment interactions on spacecraft components that
can be used to extend the laboratory and flight data to new orbits and missions. Over 100
environment models (e.g., orbit generation, neutral environment, debris flux, solar radiation
spectrum, nozzle effluents outgassing densities) have been incorporated into an integrated
assessment tool called the Environment WorkBench (EWB), representing one quantitative design
tool useful to spacecraft designers. Hence, EWB is an intelligent, knowledge-based, desktop,
integrated analysis tool that is programmed to integrate environment, system definition, and
effects models together to display to the designer the mission lifetime effects of selected
environment parameters on spacecraft design features. Although EWB provides the architecture
for modeling the complex environmental interactions of a material on a spacecraft, in many cases,
the models have not been validated with high quality material data.

A FY95-96 research effort will extend and leverage the results of the current LEO Materials
Selection Guide by enhancing the EWB with a material property effects module containing
recently developed material properties and space environment and material effects design rules.
Data base integration of the relationships between the low-Earth orbit space environment and the
attendant material/system effects (i.e., the materials effects module) with existing orbital and
environmental models will provide a highly effective tool in the design of specific spacecraft
operating in LEO.
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1.2 SPACE ENVIRONMENTS

1.2.1 Orbital Definitions

The relative impact of any of the space environment effects on materials depends on the type
of mission the spacecraft has to perform (e.g., communication, defense, Earth observing) and
more important, the orbit in which the spacecraft is placed. Figure 1-1 shows the variations in the
space environment as a function of orbit altitude. Low Earth orbit (LEQO) extends up to 1000 km.
Mid Earth orbit (MEO) is above 1000 km and extends up to 35,000 km. Geosynchronous orbit
(GEO) is ~35,000 km and higher.

LEO GEO
Atomic Oxygen Solar Flare Protons
Meteoroids, Debris Spacecraft Charging
Ultraviolet Ultraviolet
Thermal Cycling Thermal Cycling

(>35,000 km)

1,000 km 35,000 km

O1M 94.013.217

Figure 1- 1. Variation of Space Environments with Altitude

The relative impact of the space environment effects on the ability of a spacecraft to perform
its mission is ranked and listed in Table 1-1.° This ranking ranges from an impact of 0 (the effects
can be ignored) to an impact of 10 (the effects will negate the mission. The effects considered are
negating, shortening, or reducing the effectiveness of the mission, as well as permanent (design
changes) or transient (upsets) spacecraft changes. Each effect is further subdivided into "will" and

"may" categories.
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Table 1-2 lists the relative impact of each space environment effect on materials for the

different altitudes. The entries range from 9 (the effects of neutral gases, i.e., atomic oxygen

exposure on low Earth orbit spacecraft) to 0 (the effects of gravity fields, magnetic fields, the

ionosphere, and neutral gases on GEO spacecraft). Also included are the ratings for several

spacecrafts at the different altitudes in which they operate (e.g., International Space Station

Alpha, EOS, TRMM, GPS, DSCS).
Table 1-1.  Relative Ranking of the Space Environment Impact on Mission
Impact Significance
10 Effects produced will negate the mission
9 Effects produced may negate the mission
8 Effects produced will shorten the mission
7 Effects produced may shorten the mission
6 Effects produced will reduce mission effectiveness
5 Effects produced may reduce mission effectiveness
4 Effects produced will require design changes
3 Effects produced may require design changes
2 Effects produced will cause upsets
i 1 Effects produced may cause upsets
0 Effects produced can be ignored -
Table 1-2.  Relative Impact of the Space Environment Effects on Materials for
Different Orbits and Satellites
Spacecraft ) @) @ | Int'l Space
Environment | LEO 7| LEO | MEO™) GEO™| “gyion ™ | pos | TRMM | GBS | Dscs
i e 500km | 500km | 600km |20,000km| GEO
i i 51.6°incl | 28.5°incl | 28.5°incl | 55°incd | Classified
Direct Sunlight 4@ | 4 4 4 4 4 4 4 4
Gravity Field 3 3 3 0 3 3 3 0 0
Magnetic Field 3 3 3 0 3 3 3 0 0
Van Allen Belts 0-5 2-5 8-5 1 2-5 2-5 2-5 5 1
Solar flare Particles 0 4 3 5 4 0 0 3 5
Galactic Cosmic Rays 0 4 3 5 4 0 0 3 5
Debris Objects 7 7 3-0 3 7 7 7 0 3
Micrometeoroids 3 3 3 3 3 3 3 3 3
Ionosphere 3 3 1 0 3 3 3 0 0
Hot Plasma 0 3 0 5 0 0 0 3 5
Neutral Gases 9-7 9-7 3-0 0 9-7 9-7 9-7 0 0
(1) Low Earth orbit (LEO) extends up to 1000 km.
(2) Mid Earth orbit (MEO) is above 1000 km and extends up to 35,000 km.
(3) Geosynchronous orbit (GEO) is ~35,000 km and higher.

@
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1.2.2 Terrestrial Space

This region of space extends from the base of the ionosphere (see below) at about 60 km
above the surface of the Earth to the boundary of the magnetosphere beyond which interplanetary
space is unaffected by the Earth. This distance is about 95,000 km above the surface of the Earth
(16 radii of the Earth (Rg)) in the sunward direction and several times this in the anti-sunward
direction. This region is loosely referred to as the magnetosphere, although more strictly
speaking, this term means the major part of terrestrial space into which the Earth's magnetic field
extends. The morphology is roughly axisymmetric within 4 Rg of the Earth's center, but at greater
distances it becomes very unsymmetric, with a long tail extending in the anti-sunward direction.
The principal regions and their interacting phenomena are described below.

1.2.2.1 Gravity Field

The Earth's gravity field may require spacecraft design changes if the gradient torques impose
appreciable requirements on the mechanisms that control the spacecraft attitude (small rocket
thrusters, momentum wheels, control moment gyros, magnetic tbrque rods, etc.). Since these
gradient torques decrease inversely with the cube of the distance from the center of the Earth,
such design changes are more significant for low- and medium-altitude spacecraft.

1.2.2.2 Magnetic Field

The gravitational field results from the mass of the solid Earth and reflects the distribution of
that mass. It traps the neutral atmosphere, constrains its motion, and influences the motions of
meteoroids and debris. However, it has little effect on the rest of terrestrial space because
electrical forces are so much stronger. The magnetic field has two sources: (1) currents inside the
Earth that produce about 99 percent of the field at the surface and (2) currents in the
magnetosphere. The latter becomes relatively more important beyond a few Earth radii because
the internal field decreases as the inverse distance cubed from the Earth's center.

For many purposes, the Earth's field may be regarded as a dipole tilted 11.7° from the
rotation axis and offset from the geometric center of the Earth by 430 km in the direction of
southeast Asia. Many phenomena are related to magnetic latitude which, as a result of the tilt, is
11.7° greater than geographic latitude in the longitude of eastern North America and 11.7° less on
the opposite side of the world. The offset puts the surface of the Earth, or a circular orbit, at a
higher altitude with respect to the geomagnetic field in the region of the South Atlantic of the
coast of Brazil than it is elsewhere. This region is called the South Atlantic Anomaly. Since both
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the tilt and the offset are changing slowly, the South Atlantic Anomaly is drifting slowly to the
west.

The Earth’s magnetic field provides the mechanism that traps charged particles within
specific regions, called the Van Allen belts, about the equator. The trapping regions (both
electrons and protons) extend from the geomagnetic equator to about +50° geomagnetic, but the
trapping altitude structure is not discrete. Instead, the trapped particles extend over a range of
altitudes with areas of slightly higher average concentration defining the traditional radiation belts.
The radiation belts are approximately azimuthally symmetric, except near the South Atlantic
anomaly. The magnetic field strength is lower than normal over the South Atlantic due to the
offset of the dipole field geometry (see above), and therefore, the radiation belts reach their
lowest altitudes in this area. The impact of such particles on space missions is discussed below.

The Earth's magnetic field will produce torques on current loops and ferromagnetic materials.
As with the gravity field, these effects may require design changes in the altitude control systems
of LEO and MEO spacecraft.
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1.2.3 Neutral Atmosphere

The Earth's neutral atmosphere is vertically differentiated by composition, density, and
temperature. Figure 1-2 (ref. 1) shows the temperature gradients® of the various atmospheric
levels and Figure 1-3° shows the major atmospheric constituents at varying altitude levels. For
space vehicle operations, the neutral atmosphere is significant because (1) even at its low density,
it produces torques and drags on the vehicle: (2) the density height profile of the atmosphere
above 100 km altitude modulates the flux of trapped radiation encountered and the orbital debris;
and (3) the atomic oxygen both erodes and chemically changes those surfaces which are exposed
to1t.

1.2.3.1 Atmospheric Temperatures

The region of the Earth's atmosphere lying between about 90 and 500 km is known as the
thermosphere, while that region lying above 500 km is known as the exosphere. The temperature
in the lower thermosphere increases rapidly with increasing altitude from a minimum at 90 km
towards a value dependent on the level of solar activity (see Figure 1-2). Eventually it becomes
altitude independent at upper thermospheric altitudes. The heterosphere is primarily heated by the
thermospheric gases (i.e., atomic oxygen), which absorbs solar extreme ultraviolet (EUV) with
wavelength of 1000 to 2000 A. At the lowest thermospheric altitudes, the absorption of
ultraviolet (UV) radiation is also important. An additional heat source for the thermosphere is the
interaction of the Earth's magnetic field at very great distances (several Earth radii), in the region
known as the magnetopause, with the solar wind. The solar wind is a stream of high speed
plasma emanating from the Sun. This interaction causes energetic particles to penetrate down
into the lower thermosphere at high geographic latitudes and directly heat the thermospheric gas.
These energetic particles are also responsible for the aurora seen at these high latitudes.

b This is kinetic temperature, not sensible temperature.
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Figure 1- 2. Temperature Gradients of the Atmosphere

1.2.3.2 Atmospheric Constituents

The homosphere, which makes up the lower 50 km of the atmosphere, is composed of ~78%
molecular nitrogen, ~21% molecular oxygen, and ~1% argon, with variable concentrations of
such gases as carbon dioxide and water vapor. Within this region the atmosphere is well mixed by
turbulence, so that the composition of the atmosphere does not vary with altitude. The
heterosphere, which extends upward to 500 km, is composed of molecular nitrogen, molecular
oxygen, atomic oxygen, argon, helium, and atomic hydrogen. Within this region, diffusion
secomes so rapid that the altitude variation of the various species becomes dependent on
nolecular mass, with the result that composition varies with altitude. Thus, the number densities
>f the heavier thermospheric species (N, and O;) decrease with increasing altitude much faster
‘han those of the lighter species (H and He). This means that the heavier molecular species
sredominate in the lower heterosphere, while the lighter atomic species predominate in the upper
1eterosphere. A typical altitude profile for the individual constituents is shown in Figure 1-3.
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Figure 1- 3. Number Density of Atmospheric Constituents versus Altitude
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1.2.3.3 Atmospheric Variations

The atmospheric density at high altitudes changes in response to many factors including local
time, latitude, altitude, and level of solar activity and geometric activity. The short wavelength
solar electromagnetic radiation (EUV and UV) changes substantially with the overall level of solar
activity (i.e., sunspot number), and this variability translate into a variation of energy available to
the thermosphere.c The result is that the thermospheric density, especially at orbital altitudes, is
strongly dependent on the level of solar activity. The amount of solar radiation depends on the 27
day rotation period of the Sun and the 22 year solar cycle. Of the total solar energy absorbed in
the atmosphere, about one-third is used to heat the ambient neutral particle, nearly half is radiated
away as atmospheric ultraviolet airglow, and the remainder is available for atomic oxygen
chemistry (above 80 km solar ultraviolet radiation is efficient in the photodissociation of
molecular oxygen into atomic oxygen).

Atmospheric density variations are also related with geomagnetic activity. When a
geomagnetic storm occurs, large numbers of charged particles are dumped from the
magnetosphere into the high latitude atmosphere. These particles ionize and heat the high latitude
atmosphere by collisions, with the heating first observed several hours (1 to 10) after the,
geomagnetic disturbance begins. The effects of geomagnetic heating extend from at least 300 km
to over 1000 km and may persist for 8 to 12 hours following the end of the magnetic disturbance.

1.2.3.4 Solar and Geomagnetic Indices

Various surrogate indices are used to quantitatively assess the levels of solar activity. One of
these is the 10.7 cm (2800 Mhz) solar radio noise flux, designated Fyo7. Although it is the EUV
radiation that heats the thermosphere, it cannot be measured at the ground. The Fyo7 can be
measured from the ground, and it also correlates quite well with the EUV radiation

An index that is used as a measure of episodic type solar activity is the planetary geomagnetic
activity index a,. It is based on magnetic field fluctuation data reported every 3 h at 12 stations
between geomagnetic latitudes 48° and 63° and selected for good longitudinal coverage.
Although it is the high latitude ionospheric current fluctuations that drive the magnetic field
fluctuations as observed at these stations, it is not the magnetic field fluctuations which are driving
the thermosphere. Therefore, the correlations between observed density changes and the a, index

¢ Little EUV radiation reaches the ground, and direct EUV flux observations have been made only rarely.
However, one can infer the value of the variable EUV flux based on the 2800 MHz solar radio flux (better known
as the 10.7 centimeter flux) because EUV and 2800 MHz fluxes show a fairly good correlation.
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are not always good. The daily planetary geomagnetic index, A,, is the average of the eight 3-
hourly a, values for that particular day.

Figures 1-4 and 1-5 (ref. 2) show the maximum, mean, and minimum values for Fyq and A,
throughout a mean 22-year solar cycle.” The Fy, data are derived from sunspot records for the
period 1749 to 1947 with direct F1o; measurements thereafter. The standard deviation about the
mean length is 1.23 years in the historical record. Max and min are the historical extremes for
each point in the cycle and have been determined after the data have been 13-month smoothed
and constrained to the mean duration cycle. The exact level of solar activity cannot be predicted
very accurately, although the phase within the 22-year period can be established. The A, values
are derived in a similar fashion based on a data record that goes back to 1932.
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Figure 1- 5. Geomagnetic Activity Index (A,) Over the Mean Solar Cycle.
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1.2.3.5 Spacecraft-Neutral Atmosphere Interactions

Neutral gases, especially atomic oxygen will primarily affect LEO spacecraft. The erosion
effects of atomic oxygen may shorten the duration of a LEO spacecraft mission, so careful choices
of surface ram-facing materials is definitely required. Until more is known about the glow
phenomenon, which can blind an optical sensor, LEO spacecraft may not be able to perform its
mission. Hence, the effects of neutral gases (above and beyond the known drag and torques
produced) on the long-term erosion rates in materials must be considered as potentially mission-
threatening for LEO spacecraft.
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1.2.4 Electromagnetic Radiation

1.2.4.1 Solar Electromagnetic Radiation

The wavelength range of solar ultraviolet (UV) radiation present in LEO is between
approximately 0.1 and 0.4 um which is a small portion of the solar irradiance curve shown in
Figure 1-6.® The total energy provided by radiation in this wavelength range is approximately 8%
of the solar constant, where the solar constant is defined as the total energy provided by the sun
over all wavelengths up 1000 pm and is equal to 136.7 mW/cm2.
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Figure 1- 6. Solar Spectrum At Air Mass Zero

1.2.4.2 Spacecraft-UV Radiation Interactions

The UV portion (0.1 pm <A < 0.4 um) of the electromagnetic spectrum is of particular
importance in determining the effects of solar radiation on material properties. This ultraviolet
radiation is energetic enough to cause the breaking of organic bonds as shown in Figure 1-7 (ref.
8). Although the solar radiation below 0.2 um represents less than 0.001% of the solar constant,
its presence may promote breakage of important organic structural bonds, such as C-C and C-O,
and functional groups.

Solar ultraviolet irradiation can lead to crosslinking of polymer surfaces which may lead to
embrittlement and possibly to surface cracking. UV radiation has also been shown to degrade
mechanical properties of polymeric materials as is shown in the degradation in the tensile strength
of Mylar. Because atomic oxygen is present in LEQ, it is expected that the reaction intermediates
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from the photon absorption will react with reaction intermediates from the oxidation process.
This photo-oxidation can lead to discoloration and reduced transparency of some polymers.
Chemical changes in the molecule as a result of these reactions may also lead to the formation of
polar groups which may affect electrical properties.’

A high value of solar transmittance (<0.09; see page 10-115) in the wavelength range
between 0.3 and 0.6 um is necessary for polymer use as second surface reflectors (e.g., metallic-
coated Teflon (FEP) tapes) in thermal control applications. Ultraviolet radiation degradation of
this transmittance may result in decreased efficiency of the thermal control surface. As shown by
the LDEF results, the effects of sunlight (including UV) on all spacecraft will recjuire careful
selection of exposed materials to avoid those materials that change their ag/e ratios, optical
transparencies or reflectivities, and other properties that affect the thermal behavior of the
spacecraft. The abilities of optical transmitters or receivers (sensors) to function can be affected.
These material selections are considered to be design changes required by the environment
(sunlight in this case).
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Figure 1- 7. Wavelength Requirement to Break Various Polymeric Material Bonds.
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1.2.5 Penetrating Charged Particles

Penetrating charged particles, often referred to as charged-particle radiation, presents a
significant challenge to the design and operation of a spacecraft. This is because many of the
particles have sufficient energy to penetrate metal and to produce significant levels of ionization
inside the spacecraft. It will also affect electronics by causing bit flips in digital microelectronic
circuits (referred to as single event upsets (SEUs). In addition, ionizing radiation will affect the
propagation of light through optical materials by altering their optical properties.

It is convenient to divide the natural radiation in near Earth space (up to geosynchronous
orbit) into two primary components: cosmic radiation and radiation produced by trapped particles
(e.g., Van Allen belts). Both of these components are influenced by solar activity and the Earth's
magnetic field. Trapped radiation particles are accelerated from thermal, low-energy plasma by
processes inside the magnetosphere and occur only within terrestrial space. Cosmic rays exist in
interplanetary space and, therefore, enter terrestrial space from outside. Within terrestrial space,
the motion of both kinds of charged particles is controlled by the geomagnetic field. Their
relative contributions to radiation hazards are most easily understood when considered separately.

1.2.5.2 Trapped Radiation

Trapped radiation or van Allen radiation consists of both electrons and protons. The range
of energies is rather large and is centered in the tens of keV for electrons and MeV for protons..
The Earth's magnetic field provides the mechanism which traps charged particles within specific
regions, called the van Allen belts, about the equator. The trapping regions (both electrons and
prtons) extend from the geomagnetic equator to about +50° geomagentic. The approximate
radiation belt distributions for protons and electrons in a meridional plane are shown in Figures 1-
8 and 1-9, respectively (ref. 1). The verty steep inner gradient is controlled by the exact altitude
dependence of the neutral atmospheric density which varies with solar activity. The atmosphere is
more extended (higher density at a given altitude) when the Sun is active. Thus, at 500 km, the
trapped proton flux is greater when the Sun is quiet.

‘The general shape of the van Allen belts follows the shape of the geomagnetic field, except
near the South Atlantic anomaly where the magnetic field strength is lower than normal over the
South Atlantic because of the dipole field geometry. Hence, the radiation belts reach their lowest
altitudes in this area. This means that the most intense radiation is encountered in the South
Atlantic Anomaly.
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Energetic protons trapped in the inner Van Allen belt are the major source of radiation for
Earth orbiting spacecraft above 500 km, particularly in the South Atlantic anomaly region. The
amount of radiation varies with latitude and longitude (the inner belt extends to about 45°
latitude). The inner belt proton population is also susceptible to solar-induced variations.
Population density varies out of phase with the 22 year solar cycle, so that the inner belt is most
inflated during solar minimum. This variation in particle population produces a factor of two
variation in radiation dose rate during the solar cycle for low orbiting spacecraft.

The outer Van Allen belt contains both electrons and protons. However, the electrons have
much higher number densities and are responsible for most of the radiation dose within this
region. The outer belt is asymmetric, with the nightside being elongated and the dayside flattened.
Generally, particle energy and outer boundary location vary with the 22 year cycle. During solar
maximum, the outer boundary of the electron belt is closer to the Earth and contains higher
energy particles. At solar minimum, the outer boundary moves outward and contains fewer
energetic electrons. Outer belt electron densities undergo order of magnitude changes over time
scales of weeks. These short-term variations can produce significant radiation dose variations and
are related to the level of geophysical activity. During, or shortly after, very active periods, the
outer belt is inflated with high energy electrons which increase the radiation substantially. Diurnal
variations in radiation dose inside a spacecraft (in high-altitude circular orbits) can occur when the
trajectory crosses the asymmetric outer electron belt.
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Figure 1- 9. Distribution of Trapped Electrons During Solar Minimum and Maximum
with Energy Greater Than 0.5 MeV.
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1.2.52 Cosmic Rays

Cosmic rays applies to electrons, protons, and the nuclei of all elements. The source of
cosmic rays is either galactic or solar. Galactic cosmic rays (GCRs) originate outside the solar
system and permeate our galaxy. Solar particle events, in contrast, originate in the Sun and are
produced in solar flares. They are lower in energy than GCRs (1 MeV to 1 GeV/nucleon) and are
mostly protons and alpha particles.

1.2.5.2.1 Galactic Cosmic Rays

GCRs consist of the nuclei of the elements plus about 2 percent which are electrons. Their
energies cover the range from below 10 MeV per particle to above 10" MeV per particle.
Emitted by distant stars and even more distant galaxies, they diffuse through space and arrive at
Earth from all directions. Hence, GCRs consist of the nuclei of the elements from hydrogen
through iron in roughly the same proportions as are found in the solar system, but with the heavier
nuclei more abundant in the cosmic rays. Figure 1-10 gives the relative abundances and energy
spectra of GCRs of interest (ref. 2). In spite of their small number, the heavy elements are very
important due to their densely ionizing tracks. They are responsible for many effects in detectors
and microelectroncis. From Figure 1-10, it can be seen that the flux of each nuclear specie
decreases rapidly with increasing energy. The lowest energies are observed outside the
magnetosphere, where the flux is limited by magnetic fields carried by the solar wind. The
energies observed and the flux at these energies vary ivnersely with the solar cycle (see below).

Spatial variations in GCR flux (and therefore GCR related radiation) are produced by
variations in source location, the Earth's magnetic field, atmospheric shielding, and with increasing
altitude. Particle flux is also larger over the polar regions where "open" geomagnetic field lines
allow easier access. The Earth's magnetic field deflects incoming cosmic rays (solar and galactic)
to a degree which depends on the energy of the particles, preventing those with lower energies
from penetrating deep into the magnetosphere. The most important temporal variation influx is
associated with the 22 year solar cycle. During solar maximum, when the interplanetary magnetic
field strength is greatest, cosmic ray particles are scattered away from the Earth. This produces a
GCR flux minimum. Conversely, GCR flux is largest during solar minimum. The 22 year solar
cycle produces a factor of three or more variations in the cosmic ray dose at a geosynchronous
orbit. Low-altitude, low-inclination orbits would experience smaller dose variations due to the
strong shielding produced by the combined effects of the atmosphere and geomagnetic field.
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Figure 1- 10. Differential Energy Spectra for GCRs Outside the Magnetosphere at
Maximum and Minimum Solar Activity

1.2.5.2.2 Solar Particle Events

Solar particle events, also referred to as solar cosmic rays (SCRs) or solar particle events,
represent the most variable component of natural space radiation. Solar cosmic rays are mostly
composed of protons and other heavy nuclei (e.g., alpha particles) accelerated to energies
between 10 MeV and 1000 MeV during very large solar flares (occurring several times in a solar
cycle). These particles can be responsible for a large ( e.g., thousand fold) increase in the
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radiation dose over short periods of time. Similar to the other energetic particles, SCRs produce
ionizing radiation when they interact with atoms (shielding).

Solar particle events show a correlation with the 22 year solar cycle. Figure 1-11 shows a
history of solar proton events over two solar cycles (ref. 2). The largest events normally occur in
the months following sunspot maximum. Usually, a few very large flares dominate the total
particle fluence for the entire solar cycle. Solar polar events are less likely to occur during solar
cycle minima. Within the Earth's magnetosphere, the protons reach LEO most freely in the polar
regions at magnetic latitudes above 63° because the magnetic energetic cutoff goes to near zero at
higher latitudes.
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Figure 1- 11. Event-Integrated Proton Fluxes Above 30 MeV for the Major Solar Events
of the 19th and 20th Solar Cycles
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1.2.5.3 Spacecraft-Charged Particles Interactions

1.2.5.3.1 Trapped Radiation

The Earth's Van Allen belts have their greatest intensity at MEO altitudes, so their effects will
be greatest on MEO spacecraft. Specifically, the mission duration will be shortened for a
spacecraft in MEO because it is not practical to shield its semiconductor electronics sufficiently to
prevent it.

For LEO and GEO spacecraft the mission effectiveness may be reduced due to the necessity
of selecting only radiation-hard electronic components, providing a considerable mass of radiation
shielding for those electronics, and selecting only surface materials which retain their thermal and
optical properties after large (>108 rads) charged particles doses. The LEO spacecraft will have
to cope with electronics upsets caused by charged particles while the GEO spacecraft may have to
select radiation-hard surface materials (the penetrating, high energy Van Allen particles only
extend to an altitude of < 5,000 km, while the low energy Van Allen belt particles are significant
up to and beyond geosynchronous altitude). Figure 1-12 presents the average integrated electron
fluxes for the geosynchronous, sun-synchronous, and Molniya missions orbits (ref. 3). The
average integrated proton fluxes for the synchronous and Molniya mission orbits are give in
Figure 1-13 (ref. 3). Some trapped protons exist in the outer Van Allen belt but have an
insignificant effect on satellites in geosynchronous orbits. |

In calculating total dose in LEQ, it will be found that trapped protons contribute nearly the
entire amount with three exceptions:

e At the lowest altitudes (below about 300 km), the contribution from trapped
particles becomes so small that galactic cosmic rays (GCRs) make the largest
contribution;

e  For very thin shields (<0.3 g/cm?), trapped electrons are more important than
trapped protons; and

e At high inclination orbits, GCRs (e.g., solar flare event particles) dominate over
trapped radiations (see below).
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1.2.5.3.2 Galactic Cosmic Radiation

Due to its extremely high energy, GCRs is very penetrating, and spacecraft shielding is not
very effective in reducing the radiation dose. Although the contribution from GCRs to the total
dose in rads inside a spacecraft is typically less than 15 percent for most geocentric orbits, these
nuclei are responsible for such effects as "SEUs" and "latch-up" in microcircuits (large-scale
integrated (LSI) and very large-scale integrated devices (VLSIDS)). Along with the trapped
radiation-belt protons, the nuclei are also responsible for the induced radioactivity in most
materials in orbit. Noise induced directly by ionization in sensitive devices such as charge-
coupled devices (CCDs) and via Cherenkov and fluorescence radiation in photomultiplier tubes
are other effects of GCRs that must frequently be considered. The designer should also consider
the possible effects of GCRs on materials as well as the probability of production of secondary
particles and their effects.

1.2.5.3.3 Solar Particle Events

For a fixed altitude, spacecraft can experience different levels of radiation depending on orbit
trajectory. Equatorial orbiting spacecraft will experience lower proton fluence (and therefore a
lower radiation dose) than a polar orbiting satellite at similar altitudes. In general, solar particle
radiation is a significant hazard for orbits passing above 50° latitude from LEO altitudes to above
a few Earth radii (1 Earth radius = 6378 km = 3960 miles). Within the Earth's magnetosphere,
the protons reach LEO most freely in the polar regions at magnetic latitudes above about 63°
because the magnetic energetic cutoff goes to near zero at higher latitudes.¢ Hence, equatorial
orbiting spacecraft will experience lower particle fluence (and therefore a lower radiation dose)
than a polar orbiting satellite at similar altitudes. However, in some cases severe magnetic storms
allow for large penetration below 50° latitude. Solar cosmic rays emitted during a large solar
flare present the greatest uncertainty and the greatest threat to manned spacecraft in regions
beyond the protection of the Earth's atmosphere.

4 The Earth's magnetic field deflects incoming cosmic rays (solar and galactic) to a degree which depends on the
energy of the particles, preventing those with lower energies from penetrating deep into the magnetosphere.
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Hence, solar flare charged particles are a high-altitude and/or high latitude environment that
will primarily affect only spacecraft at geosynchronous altitude or spacecraft at LEO altitude at
polar inclination, except in rare cases where they extend to low latitudes. Figure 1-14 presents
the integrated solar flare proton fluence for one anomalously larege (AL) event for the
geosynchronous, sun-synchronous and Molniya orbits (ref. 3). These particles are sufficiently
penetrating making it impractical to shield all of them out, and those that do reach the spacecraft
electronic components and circuits can cause upsets and total-dose degradation (the galactic
cosmic rays will be the major cause of upsets for these high-altitude/high-latitude spacecraft).
These upsets and total dose effects may be sufficiently numerous and severe to reduce the mission
effectiveness of spacecraft at geosynchronous or high latitude missions.
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Figure 1- 14. Integrated Solar Flare Fluence, One Anomalously Large Event
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1.2.6 Plasma Environment

A plasma is a quasi-neutral gas of charged and neutral particles that exhibits collective
behavior. The particles' movements are controlled to a great extent by the Earth's magnetic field
and the solar wind, but their collective behavior and movement generate electric and magnetic
fields that, in turn, affect the particle's motion and the motion of other charged particles far away.¢

At roughly 80 km altitude, there is a division between the lower turbulent neutral gas mixture
region where all the meteorological processes occur and the upper region where solar irradiation
produces a partially ionized plasma composed of O, N, O,, He, H, 0", H', He", NO", 0,", N;',
and electrons. This upper region is electrically neutral, with the most abundant neutral being O
and the most abundant ion being O* up to about 1000 km altitude where H' and He" become
dominant.

The plasma environment may be conceptually divided into three regions: the ionosphere,
which is contained within the magnetosphere; the magnetosphere; and the solar wind, as shown in
Figure 1-15 (ref. 1). The ionosphere is characterized by its low temperature and high density
relative to the other regions, as well as its predominantly O" composition. Frequently, this region
is considered to extend to about 1000 km, the altitude where the ion density begins to exceed the
neutral density. Alternately, an arbitrary density criterion of 10° m™ places the ionopause at a few
thousand kilometers altitude in the polar regions and at a few tens of thousands of kilometers in
the equatorial regions. At low altitudes, the temperatures of these plasmas are typically 300 K to
3500 K (0.05 to 0.3 eV) except in the polar auroral regions. In the auroral regions, an intense,
energetic electron flux often precipitates from the plasma sheet. The high altitude plasma is much
more energetic; typically 10° K (10 eV) for ions and 1 to 5x10° K (10 to 50 eV) for electrons in
the solar wind, ~3x10” K (3 kiloelectron volts (keV)) for electrons and ~1x10° K (10 keV) for
ions in the magnetospheric plasma sheet. However, the dynamics of the intervening region are
such that temperatures can sometimes be 1 to 2 orders of magnitude higher. Contact of this
energetic plasma with the atmosphere produces the aurora.

¢ A plasma is usually defined as an electrically neutral, ionized gas. A gas can be both ionized and electrically
neutral at the same time, provided there are as many free electrons in the gas as there are net positive charges on
the positive gas ions.
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The boundaries between the other regions are termed the "geopause," where the terrestrial
plasma is replaced by the solar wind plasma leaking into the magnetosphere, and the
"magnetopause” where the geomagnetic field is replaced by the interplanetary or solar wind
magnetic field. The magnetopause ranges from 6 to 10 Earth radii in the sunward directions to
hundreds of Earth radii in the antisunward direction.
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Figure 1- 15. Cross Section of the Magnetosphere
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1.2.6.1 Ionospheric Plasma

The ionospheric plasma is generated principally by photoionization of the Earth's ambient
neutral atmosphere and by magnetospheric particles interacting with the thermosphere in the 100
to 200 km altitude region. The transport of the plasma is controlled by the geomagnetic field.
Within the ionosphere, the recombination of the ions and electrons proceeds slowly (due to low
gas densities) so that fairly high concentrations of free electrons persist even throughout the night.
In practice, the ionosphere has a lower limit of 50 to 70 km and no distinct upper limit, although
2000 km is somewhat arbitrarily set as the upper limit for most application purposes.

The vertical structure of the ionosphere is changing continuously. It varies from day to night,
with the seasons of the year, and with latitude. Furthermore, it is sensitive to enhanced periods of
short-wavelength solar radiation accompanying solar activity. In spite of all this, the essential
features of the ionosphere are usually identifiable, except during periods of unusually intense
geomagnetic disturbances. The different ionospheric vertical layers are shown in Figure 1-16 (ref.
1). In order of increasing altitude and increasing electron concentration, these layers are called D,
E, F1, and F2. Figure 1-16 also shows how typical daytime and nighttime vertical electron
density profiles change over the course of the sunspot cycle (profiles apply for midlatitudes only).
Above the maximum electron density of the F2-region, the electron density decrease
monotonically out to several Earth radii. Not only does the overall electron density decrease at
night (no production, only electron losses), but the F1- and D-layers disappear soon after sunset.

The Earth's ionosphere may cause design changes if exposed electrical conductors at
potentials > 100 volts are present. Since the density of the ionosphere is greatest at low altitudes,
these effect will be significant only for the LEO spacecraft. The MEO spacecraft may experience
upsets if exposed high-voltage conductors cause discharges due to the presence of the ionosphere.

1-38



1000
800 -

600 I~

ALTITUDE

(km) 200 -

150

100 s

60 ...... -
10 102 103 104 10° 106

ELECTRON CONCENTRATION OIM 94.013.119
Note: Sunspot Maximum (dark lines); Sunspot Minimum (light lines)
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1.2.6.2 Auroral Oval Plasma

As mentioned previously, the aurora is primarily produced by high-energy charged particles
precipitating into the atmosphere along magnetic field lines. One result of these fluxes is the
increase of local plasma density by factors of‘up to 100 over regions of tens of kilometers in
latitudinal dimension and hundred or thousands of kilometers in longitudinal dimension in the
auroral regions (60° to 70° magnetic latitude).

1.2.6.3 Geosynchronous Altitude Plasma

The geosynchronous altitude plasma environment is very complex and dynamic. The fluxes
in GEO can be quite energetic and are highly variable with magnetic activity especially during
geomagnetic substorms. The values given in Table 1-3 are an estimate of the 90th percentile
worst charging case environment assuming a Maxwellian representation of the environment.

Table 1-3. Worst-Case Plasma Environment in Geosynchronous Earth Orbit.

Characteristics Value
Electron number density, n, m™ 1.12 x 10°
Electron temperature, T,, €V 1.2 10 x 10*
Ton number density, n; m™ ‘ 2.36 x 10°
Ion temperature, T;, eV 2.95x 10*
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1.2.6.3 Spacecraft-Plasma Interactions

1.2.6.3.1 Spacecraft Charging

Spacecraft charging is defined as those phenomena associated with the buildup of charge on
exposed external surfaces of spacecraft. A body immersed in a plasma (i.e., an electrically neutral
ionized gas) will become negatively charged due to the fact that the electrons, which have a much
smaller mass than the positive ions, have a much greater velocity than the ions and impact the

b

body at a higher rate than the ions. As a result, spacecraft surfaces tend to accumulate negative
charge. Consequently, a spacecraft accumulates electric charge from the plasma in order to
establish electrical equilibrium with the plasma, which is the spacecraft charging process.
Equilibrium requires that no net current be collected by the vehicle. Both the plasma properties
and the spacecraft design and operating characteristics influence the process.

Plasma interactions can be quite complicated, and there are significant differences between a
space vehicle's interactions with the relatively cold, dense plasma of the ionosphere or the
plasmaphere (10 to 10* particles per cm®), the hot tenuous (below 1 particle per cm’®) plasma at
very high orbits, and interactions in the auroral regions where the higher energy plasma
characteristic of higher altitudes penetrates to LEO.

Spacecraft charging is vehicle as well as orbit dependent. A spherical satellite with a
homogenous, conducting surface would probably not experience significant charging-related
problems because the vehicle's potential would be uniformly high. The utility of such a design is,
of course, extremely limited. Nonetheless, vehicle design is an important consideration.

Two different mechanisms are thought to combine with vehicle design to generate spacecraft
surface charging. Photoelectric effect and plasma bombardment are common terms for these
effects.

Illumination of the vehicle skin by photons knocks loose electrons. As these electrons are
freed from the spacecraft (photoemission), the skin develops a relative positive charge. The
electrons may form a negative plasma cloud or sheath near the vehicle skin. If the entire surface
of the spacecraft were a homogeneous conductor, this charge buildup would generate a current
flow to spread the charge evenly over the vehicle. Since most spacecraft exteriors have solar
panels, probes, lenses, etc., there is a marked difference in conductivity across the surface. The
result is differential charging of the sunlit surface with respect to the unlighted portions of the
vehicle. Even in the best designed spacecraft, depressions or holes in the vehicle may be
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constantly shaded. This means that even spin-stabilized satellites are subject to photoelectric
charging.

The success of plasma bombardment, which is associated with geomagnetic disturbances and
substorms, in charging a spacecraft is structure dependent. A vehicle immersed in a hot
(energetic) plasma is constantly colliding with charged particles. The extent and severity of
surface charging depends, to a large extent, on spacecraft structure and design. Electrons with
energies above a few KeV are capable of penetrating 1 micron or more into a dielectric.
Consequently, they stick to the spacecraft skin, causing a negative charge buildup. Hoes or
cavities in the front end of a vehicle (relative to its direction of flight) may actually scoop up
energetic particles and accelerate this charging process.

1.2.6.3.2 LEO Altitude Spacecraft Charging

At low latitudes in LEO, the plasma is relatively dense and of low energy, so equilibrium is
established within a few volts negative of the reference plasma potential. At these altitudes
(within a region called the "plasmasphere" which extends up to about 5 Earth radii), the plasma
has a dense "cold" component which can supply sufficient ions or electrons to maintain the
potential on a body close to the potential of the plasma. Thus, charging of passive surfaces is
usually not a problem in this regime. However, for active surfaces, e.g., solar arrays and structure
tied electrically to them, arcing and related significant effects can occur, depending upon the
grounding scheme and the magnitude of the spacecraft-imposed voltages.

1.2.6.3.3 Geosynchronous Altitude Spacecraft Charging

The geosynchronous altitude plasma environment is very complex and dynamic. Hence,
geostationary vehicles are thought to be most susceptible to charging for two reasons. First, they
are close to the magnetopause where the fluxes in GEO can be quite energetic and are highly
variable with magnetic activity especially during geomagnetic substorms. These events occur
several times a day, even on quiet days, and may produce a ten-fold enhancement of ion density
and a thousand-fold jump in electron density at geosynchronous orbit. Second, the ambient
plasma density at 6.6 Rg is low (below 1 particle per cm3). This means that, unlike low orbit
vehicles, the ambient atmosphere is incapable of "bleeding off" or neutralizing small charges
before a discharge can occur.

In GEO, thermal current densities can be three orders of magnitude less than in LEO, so that
photoelectron emission from surfaces can play a significant role in balancing currents to a
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spacecraft. Photoemission can charge a body to tens of volts positive with respect to the plasma.
However, geomagnetic substorms heat plasma in the tail of the magnetosphere (and perhaps in the
auroral regions) and inject the hot plasma into the region near geosynchronous altitudes. The hot
plasma, with very high velocity electrons at substantial densities, can charge the body to high
negative potentials in the absence of sunlight. Hence, sun/shade effects become important to the
point that potentials as large as several kilovolts can develop between sunlit and shaded surfaces
(depending on geometry and materials properties).

Since electrostatic discharges caused by hot plasma have damaged spacecraft (Intelsat ITI &
IV, DSCS-II, and DSP), design changes have been required with reduced mission effectiveness
being a possible consequence.

1.2.6.3.4 Low Earth Polar Spacecraft Charging

In polar LEO the important transient and energetic fluxes occur in the auroral zone. These
particles are not very penetrating but may be significant for charging at altitudes above 250 km..
Spacecraft passing through the auroral zone can be charged to large negative potentials by
energetic electrons precipitating from the magnetosphere. This is because large surface potentials
are required to retard this flux and allow equilibrium (no net current) to be achieved. Also, in this
region, conditions occur in the wake of large structures, or they may occur naturally so that the
entire vehicle is involved, where the low energy plasma density is depleted. This makes it
ineffective in balancing the current from the high energy electron flux, and the charging process is
enhanced. This is similar to the situation in GEO where the plasma is very energetic but tenuous.
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1.2.7 Micrometeoroid and Orbital Debris

The microparticle environment encountered by a spacecraft in low and medium Earth orbit is
defined by two sources: man-made debris from space activity since October 1957, and naturally
occurring micrometeoroids.

1.2.7.1 Micrometeoroids

Meteoroids are solid particles moving in interplanetary space and originate from both
cometary and asteroidal sources. The cometary meteoroids are made primarily of a
conglomeration of ice particles with small amounts of higher density minerals mixed with the ice.
This gives them a relative density of ~0.5 g/cm3. The asteroidal particles are primarily of higher
density minerals with densities that can go as high as ~8 g/cm3. Meteoroids have been detected
with sizes as small as 0.4 microns and as large as several meters in diameter. Because of their
velocity, density, and mass, meteoroids can cause damage to vehicles operating in space.
However, the primary threat of meteoroids in the near-Earth space environment is from particles
ranging from 50 um to 1 mm in diameter. The very small meteoritic particles (less than 1 um in
diameter) are primarily from beta meteoroids. These are meteoroids which are accelerated by
radiation pressure outward from the sun. Collision velocities can vary widely and depend upon the
constant orbital velocity of the Earth, the spacecraft orbital velocity, the impactor velocity, and
the direction of impact. The collision velocities for meteoroids range from about 3 to 72 km/s
with an average velocity of 19 km/s. Zook and Erickson have provided data that give the

distribution of meteoroid velocities seen by spacecraft.'*-!-12-1*

1.2.7.2 Orbital Debris

Orbital debris refers to man-made particles orbiting the Earth, which is a continuous changing
environment. Within about 2000 km above the Earth's surface there is an estimated 3,000,000 kg
of man-made orbiting objects. These objects are in mostly high inclination orbits and sweep past
one another at an average speed of 10 km/sec. These particles are a result of standard launch and
spacecraft operations as well as rocket and satellite breakups. Launch and spacecraft operations
place both large particles (i.e., greater than 1 cm diameter such as satellite shrouds, lens covers,
and dropped tools) and small particles (i.e., ~10 pm diameter solid rocket exhaust) in orbit.
Exposure of satellites and spent rocket bodies to the space environments (i.e., UV, AO, thermal
cycling, radiation, and impact) also creates small particles, less than 1 mm diameter, due to
materials' degradation and erosion. After shutdown, spent spacecraft and rocket bodies are
allowed to remain in orbit as very large (i.e., great than 1 m diameter) pieces of orbital debris. In
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addition, both operational and spent spacecraft and rocket bodies are susceptible to intentional
and accidental breakups, either due to explosions or hypervelocity impacts. These breakups
create orbital debris of all sizes.

Collision velocities can vary widely and depend upon the constant orbital velocity of the
Earth, the spacecraft orbital velocity, the impactor velocity, and the direction of impact. The
collision velocities for space debris particles range from about 3 to 15 km/s, with average values
of 10 to 13 km/s. The distribution of velocities has been given by Kessler.* With regard to the
mean density of the debris, the present recommendation is that for particles smaller than 0.5 cm
the mean density is 4.0 g/cm®. This is based on the fact that most of such small particles consists
of either small alumina particles (e.g., from propellants) or the debris from paint and pigments,
which are usually comprised of such materials as titania and zinc oxide. For larger particles
greater than 0.5 cm the density is initially about 2.8 g/cm® (representing aluminum) but becomes a
decreasing factor of the size of the particle (i.e., p = 2.8/d"™). The basic explanation for this is
that the particles are not solid bodies but rather portions of structures which, therefore, act as if
partially hollow and pseudo-porous.

The distribution of mass and relative velocity is sufficient to cause the orbital debris
environment to be more hazardous than the meteoroid environment to most spacecraft operating
in Earth orbit below 2000 km. Mathematical modeling of this distribution of orbital debris
predicts that collisional fragmentation will cause the amount of mass in the 1 cm and smaller size
range to grow at twice the rate as the accumulation of total mass in Earth orbit. Over the past 10
years, this accumulation has increased at an average rate of 5 percent per year, indicating that the
small sizes should be expected to increase at 10 percent per year.

1.2.7.3 Microparticle Fluence Models

The microparticle environment is described in terms of two separate models, one for the
man-made debris, and the second one for the naturally occurring micrometeoroids. The
phenomenology numerically computed models are provided by B.G. Cour-Palais for
micrometeoroids and by D. Kessler and R.C. Reynolds for space debris. The models are outlined
in NASA SP-8013, and NASA-TM-100471 with recent, 1990, data, provided in a recent Phillips
Laboratory briefing by Kessler, respectively. Cour-Palais et al.'* provides a good general model
of the near-Earth meteoroid environment. Eberhard Grun's 1985 model'® provides a good update
to the Cour-Palais model by including the beta meteoroid environment. The Kessler debris
model'” was developed in 1987 and has been widely adopted and used by the U.S. Department of
Defense, NASA, and the European Space Agency (ESA).
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The existing Kessler debris model assumes that the particles are all in circular orbits and,
therefore, have a common speed with that of any spacecraft which is also in a circular orbit at the
same altitude. This logic immediately implies that hits can only be in the plane which is parallel to
the Earth's surface. Therefore, only the ram and sides can be hit and there will be no hits on either
the SPACE end, the EARTH end, or the TRAIL end. The debris model predicts that the number
of hits per area, per time are functions of altitude, the 22 year solar cycle, orbit inclination,
particle size, and time. A growth model has been assumed which has two components - one
component due to continued launches and a second component due to fragmentation resulting
from explosions and collisions between the various pieces within orbit. An important point to
note is that for debris altitudes greater than 700 km there is only a simple growth factor, since the
influence of the atmosphere is negligible. However, as altitude decreased below 700 km the effect
of the atmosphere becomes increasingly important and there is a cyclic component to the history
which is due to the solar cycle behavior and the consequential atmospheric heating effect.

For micrometeoroids, it should be noted that the Earth passes through many "tubes" of
micrometeoroid orbits during its annual orbit. For short mission times of less than 1 year, it
would be necessary to correctly track exactly which of the micrometeoroid orbits have been
intercepted by the Earth. However, for a multiyear mission, where collisions occur with a large
number of micrometeoroid orbits, the assumption is that the mcirometeoroids are coming in
towards the Earth from all possible directions and, therefore, the system appears to be geocentric
on average.

Figure 1-17 shows the predicted meteoroid and man-made debris impact fluxes with varying
particle size (ref. 14).
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Figure 1- 17. Predicted Meteoroid and Man-Made Debris Impact Fluxes at 500 km with
- Varying Particle Size

In general, the LEO debris environment flux surpasses the LEO meteoroid environment flux
for particles larger than ~1 mm in diameter. In this size regime the debris is composed primarily
of particles from orbiting spacecraft which have broken apart. These particles are irregular in
shape. They may also be of much higher densities (e.g., stainless steel and tantalum) but the
average density is that of aluminum. The LEO debris environment also contains more particles in
the size regime less than ~50 um in diameter than does the meteoroid environment. In this
population regime, the particles which are ~10 pm in diameter are primarily aluminum oxide from
solid rocket motors, whereas the other particles in this range are primarily paint pigments, both
averaging ~4 g/cm3 density. For a circular orbit at 500 km altitude and 28.5° inclination (the
inclination and altitude of the proposed Space Station), the average relative impact velocity of
orbital debris is about 10 km/s. Howeuver, this relative velocity can range from almost 0 to ~19
km/s for particles in highly elliptical orbits. Since the majority of impacts occur at oblique angles,
the relative normal incidence impact velocity av’efages ~8 to 10 km/s.'®

The meteoroid environment impinging on a spacecraft in orbit around the Earth shows a
tendency to impact about twice as much on the satellite's leading edge (which is moving in the
velocity, or ram direction) as on the trailing, or wake, edge. Orbital debris, on the other hand, is
much more focused towards the leading sides of the spacecraft, with the exception that particles

1-46



in elliptical orbits have higher fluences at ~45° either side of the ram direction.”® With orbital
debris, approximately 1/10th to 1/20th of the number of particles hit the trailing edge compared to
the leading edge surfaces.

Generally, the meteoroid environment is modeled as unchanging over both time and
spacecraft inclination whereas the orbital debris environment is modeled as highly changing both
over time and with spacecraft inclination. The higher inclinations possess a much higher
population of debris particles. The debris env1ronment is con51dered to be increasing with time,
with the small particle population i mcreasmg faster (at a compound rate of ~2% per year) than the
populatlon of the much larger trackable particle (which increase at a linear rate of ~5% per
year). Both the meteoroid and debris environments increase with altitude, although the current
models of the debris environment show the flux decreasmg at altitudes above ~1000 km. This
may change as the elliptical orbits of the debris are included in future models.

The debris object flux is an important and growing problem at low altitudes, and is not
negligible at geosynchronous altitudes. A single debris object impact can destroy a spacecraft, so
a large spacecraft at low altitudes can only expect to operate for a calculable time before its
probability of being hit exceeds a specified limit. Thus, the LEO spacecraft should be designed to
survive small object hits. The MEO spacecraft should also be designed so it can withstand hits by
small objects or not contribute additional debris objects (i.e., avoid surface materials that shatter
upon impact). The same effects may be observed at geosynchronous orbit so similar design
changes should be considered.

The flux and size distribution of micrometeoroids is almost independent of altitude, so design
changes to limit the effects of abrasion (by <106 g micrometeoroids) and punctures (by >10-6 g
micrometeoroids) may be necessary for all spacecraft.

1-47



1.2.7.4 Spacecraft-Micrometeoroid/Debris Interactions

Impact damage can degrade the performance of exposed spacecraft materials and, in some
cases, destroy a satellite’s ability to perform or complete its mission. For both micrometeoroids
and debris, the particles can range in size from sub-microns to many centimeters. Both
components display a power law of number versus size, with the smaller particles being far more
numerous than the larger ones.

The different phenomena observed with hypervelocity impacts in materials depend on several
factors: the impact velocity; the relative sizes of the impactor and target; and the material
properties of the target. The physical response of any target to a micrometeoroid and debris
impact depends on the material, induced stress level, material temperature, number of projectiles
and the system configuration. These phenofnena may be enhanced by subsequent exposure of
underlying layers to the UV, atomic oxygen, charged particles, and thermal cycling. This
subsequent exposure can modify a material and thus enhance cracking and delamination regions.
Also, material embrittlement, erosion and other property degradation can occur to either the
surface or exposed underlying material. For example, AO can creep under locally delaminated
regions causing greater damage, or previously protected materials may become exposed to UV
through small cracks or fissures. In short, the synergistic environment can lead to accelerated
damage rates and a significant increase in the damage zone.

A more detail discussion on the effects of micrometeoroid and debris impact on materials and
optical components is presented in Chapter 2, Sections 2.3.6. and 2.3.7.
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1.2.8 Thermal Environment

1.2.8.1 General Discussion

A vehicle in LEO will receive radiant thermal energy from three primary sources: the
incoming solar radiation (described by the solar constant), reflected solar energy (Earth albedo
energy), and outgoing longwave radiation emitted by the Earth and atmosphere. Portions of this
energy will be reflected by the vehicle, and the vehicle radiates energy into the cold sink of space
at 3 K. Spacecraft surfaces will tend toward a temperature which balances these energy fluxes
with any energy produced internally within the vehicle. A similar thermal balance process applies
to the Earth itself. In contrast, a vehicle in GEO will not be affected by the albedo and emitted
radiation.

LEO and GEO experience different eclipse periods. A spacecraft in LEO moves in and out
of eclipse once every orbit, as often as every 90 minutes. A spacecraft in GEO remains in
continuous sunlight during most of the year. Twice per year, during the spring and autumn, it is
in eclipse once a day for about 45 days. These differences in orbital characteristics impose
different requirements on the design of the thermal control system.

1.2.8.2 Spacécraft-Thermal Interactions

The energy absorbed by a spacecraft depends on the thermal characteristics and area of its
outer surface, its orientation to the source of thermal radiation, and the characteristics of that
source. Geometric considerations determine in part how much energy is absorbed on the outer
surface due to area size and spacecraft orientation. However, radiation source characteristics and
thermal surface properties are interrelated and require some amplification.

External radiation sources of importance are the sun, albedo (planetary reflection), and Earth
emission. The intensity of solar radiation - parallel sun rays are assumed at these distances -
varies with the distance from the sun according to the inverse square law. The intensity also
varies spectrally, i.e., according to the wavelength spectrum, with approximate distribution of
energy as follows:

o Ultraviolet (wavelength less than 0.38 micrometers): 7%
o visible (wavelength between 0.38 and 0.76 micrometers): 45.5%
. Infrared (wavelength greater than 0.76 micrometers): 47.5%

The Earth's albedo is almost diffuse, which means that from any fixed point on Earth, the
intensity of reflected radiation is almost uniformly distributed out from that point and is not
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dependent upon the angle of incident radiation. The Earth's albedo is not a fixed value but varies
considerably with local conditions such as cloud cover. The spectral dlstnbutlon is approxrmately
the same as the source (the sun).

The Earth emission, on the other hand, is based on an apparent “black body" temperature of
the Earth and its atmosphere (A black body emits the maximum amount or radiant energy ata
given temperature and wavelength.) A temperature of 450°R is commonly assumed, with the
emission considered to be diffuse.

- The spectral distribution of the energy source is particularly important in spacecraft thermal
design since spacecraft coating sand surfaces are spectrally responsive to the radiation source. A
black coating absorbs almost all of the impinging solar energy and has a flat spectral response, i.e.,
the same response to all wavelengths. A second surface mirror, on the other hand, reflects most
of the solar radiation and shows a marked change over the spectrum, except for a flat response in
the solar band. Other coatings, in general, have surface characteristics that vary between those of
black bodies and second surface (A more detailed discussion on thermal control systems can be
found in Chapter 10).

The solar absorptance of spacecraft materials will, in general, increase over the lifetime of a
mission - the longer the mission, the larger the increase.’ The magnitude of this increase cannot be
precisely determined, but must nevertheless be considered in all spacecraft thermal desrgn
Absorptance changes can be induced by the ultraviolet spectrum of solar radlatlon by energetlc
particles, by contammatlon from matenals outgassing dunng the various mission phases and by
other factors such as high temperatures and. the vacuum of space
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1.3 SPACECRAFT SUBSYSTEMS

In selecting surface materials for spacecraft applications, the functions of the exposed

components which are fabricated from these materials must be considered. While many

components can do their jobs in the interior of the spacecraft, other components (by the nature of

their functions) must be exposed. These necessarily exposed components include radio frequency

(RF) antennas, optical sensor windows and/or mirrors, thermal control radiators, propulsion and

attitude control rocket nozzles and solar cells. These exposed components are the eyes, ears, and

arms (or legs) of the spacecraft.

Table 1-4 lists the spacecraft subsystems, the exposed spacecraft components, their

functions, the critical material properties necessary to perform these functions, and some of the

materials often used. For example, electrical conductivity is the critical property for RF antennas,

therefore aluminum, copper, or silver (often as plating) are used. Materials transparent to infrared

wavelengths are used for navigation Earth sensors and infrared (IR) laser communication

transmitters and receivers. Selenium, germanium, and cesium iodide are often used in these

applications. In addition, mirrors to collect infrared or visible optical radiations are used for

communication, navigation, or surveillance purposes. Polished aluminum, nickel, silver, and

osmium make good mirror surfaces.

Table 1-4.  Spacecraft Subsystems, Exposed Components, and Materials
Subsystem Component Critical Property Candidate Materials

Communication RF Antenna Electrical Conductivity Al, Cu, Ag

Sensors Optical Window Optical Transparency (IR) Se, Ge, Csl
Optical Mirrors Optical Reflectivity Al, Ni, Ag

Thermal Control Radiators o/e Ratio White Paints
Thermal Blankets Black Paints
Heat Pipes

Attitude Control Rocket Nozzle High Temperature Mo, Ta, W,C

Strength

Power Solar Cells Efficiency at Temperature Si, GaAs, InP
Batteries
Optical Windows Optical Transparency (Visible) LiF, SiOy

Avionics Electronic Devices

Structures Bus Structure Strength Polymeric composites
Deployable Booms Metals, Ceramics
Gimbals Stiffness
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Thermal control involves keeping the interior of the spacecraft within acceptable temperature
limits (typically 0°C to 50°C for electronics, but since hydrazine freezes at ~3°C temperature
limits of 10°C to S0°C are often specified). Since radiation is the only passive heat transfer
mechanism to and from the spacecraft, white and black paints are often used. White paints have a
low solar absorption ag (typically < 0.2) coupled with a high emissivity € (typically 0.8), while
black paints have high values (0.9) for both solar absorption and thermal emissivity. Bare metals
usually have an og/e ratio of ~1.

Propulsion (almost always) and altitude control (often) is accomplished by mass-expelling
rockets. The nozzles of these rockets, which must be exposed, are made of high-temperature
metals. These refractory metals are typically alloys of molybdenum, columbium (niobium),
tantalum, and tungsten. The interior of rocket nozzles are often lined with a form of carbon that
can withstand the extreme pressures and temperatures involved.

Solar cells are the usual source of spacecraft electrical power, with solar cells being relatively
exposed. Solar cells are typically silicon, gallium arsenide (new) or indium phosphide
(experimental). Silicon dioxide (Si02) is used to protect solar cells from low-energy proton
damage, often being in turn protected by a quarter-wavelength-thick LiF anti reflection coating.
Thus, the LiF is the only material in the solar cell stack really exposed to the ambient
environment, with the SiO2 cover slide and the Si solar cell being behind it. Even if solar
concentrators (mirrors or lenses) are used, the solar cells will be protected this way.
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1.4 FLIGHT EXPERIMENTS

More than 1000 materials have been evaluated during several space shuttle flight experiments

and recovered satellites (e.g., LDEF, Solar Maximum Mission, MIR). A summary of the

comparative altitude, exposure time and the atomic oxygen fluence level is provided in Table 1-5.

Table 1-5.  Flight Experiments and Recovered Satellites Mission Summary
Flight Altitude (Inclin.) Exposure Time Atomic Oxygen Fluence
atoms/cm’
(Attitude)
STS -5 222 km (28.5°) 44 hours 1 x 10° (VAR)
STS-8 222 km (28.5°) 41.75 hours 3.5 x 10%° (ram)
STS - 41G 225 km (57.0°) 38 hours 3 x 10% (ram)
STS-46 EOIM-3 230 km (28.5°%) 42.25 hours 2.0 - 2.5 x 10%° (ram)
STS-46 LCDE 425® - 230 km (28.5°) 41 - 58.55 hours® 2.0 - 2.7 x 10* (ram)
Solar Max 574 - 491 km (28.5%) 50 months 2 x 10 (VAR)
COMES/MIR 425 - 350 km (51.6°) 13 months 2 days 1.2x10'® - 5.8x10%
LDEF 479 - 324 km (28.5%) 69 months 10® - 9.0x10%' (wake to ram)
EURECA 515km 10 months TBD

(a) 16.55 hours at 425 km during EURECA deployment
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1.4.1 Long Duration Exposure Facility (LDEF)
1.4.1.1 Mission Information

The Space Shuttle STS 41-C deployed the Long Duration Exposure Facility (LDEF) carrying
57 different experiments on April 6, 1984 for a planned 10 month to 1 year mission. The LDEF
spacecraft flew in a 28.5 degree inclination circular orbit with an altitude in the range from 324 to
479 km (175 to 258.5 nautical miles). It was gravity-gradient stabilized and oriented so that one
side always pointed along the velocity vector. The LDEF was a 12-sided, 4.3-m (14-ft) diameter,
9.1-m (30-ft) long aluminum open frame. The structure was configured with 72 equal-size
rectangular openings on the sides (six on each side) and 14 openings on the ends (six on the
Earth-facing end, and eight on the space-facing end) for mounting experiment trays. The LDEF
total weight with experiments was approximately 9,720 kg (21,400 Ibs). LDEF exposed a total
surface area of about 130 m” for 69 months.!

The orientation of the spacecraft with respect to the Earth during its 5.8 years flight is shown
in Figure 1-18. The location of a specific experiment is described by referencing a row (1-12) and
a column (A-F) as shown in Figure 1-18. Values of key parameters of the low Earth orbit
environment which LDEF encountered are listed in Table 1-6. The remarkable flight attitude
stability of LDEF (within less than 1° of movement in yaw, pitch, or roll) enables specific analyses
of various individual and combined effects of LEO environmental parameters on identical
materials and systems on the same space vehicle.

The LDEF experiments ranged from the study of the LEO environment to determining the
effect of long-term space exposure on tomato seeds. Most of the experiments were passive with
the majority of the data resulting from post-flight analysis. Because of schedule changes and the
loss of the Space Shuttle Challenger, LDEF was not retrieved until January 12, 1990 after
spending 69 months in orbit. During these 69 months, LDEF completed 32,422 orbits of Earth
and traveled almost 750,000,000 nautical miles. Post-flight analysis of the LDEF generated a
wealth of data on the interaction of materials and system with the LEO environment. These data

have been presented at three post-retrieval symposiums® > .26

27,28

and two materials workshops,
and integrated into several data bases.
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Figure 1- 18. LDEF Orientation
Table 1-6.  LDEF Exposure Conditions

Environment Conditions
High Vacuum 10® to 107 torr -
UV Radiation = 100400 nm
4,500 to 14,500 equivalent sun hours -
Electron and Proton Radiation ~2.5 x 10° rads surface fluence
Atomic Oxygen b , ~10° t0 9.02 x 10* atoms/cm®
‘ (wake- to ram-facing) _
Meteoroid and Debris Impacts . . >36000 particles from 0.1 mm to "2.5 mm.
' High fluence on ram-facing surfaces
Cosmic Radiation o R fad_s =20 tracks Thorium and Urahiixin
.Thermal Cycling . ~34,000 cfcles ‘ |

-29°C (-20°F) to 71°C (160°F), £11°C (+20°F)
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Figures 1-19” and 1-20*° summarize the results of calculations of atomic oxygen (AO)
fluence and equivalent sun hours of UV radiation, respectively, at the end of the mission on each
LDEF tray location. Examination of these figures reveals the many combinations of AO/UV
exposure conditions available on LDEF, attributable to the remarkable attitude stability during the
5.8-year flight. Figure 1-19 shows that the highest AO fluence was 9.02 x 1021 atoms/cm2 on
the LDEF leading edge, about 8.1° from row 9 (towards row 10). Experiment trays on the side
rows experienced different AO fluences because of the 8° ram vector angle. The Earth and space
end AO fluences were more than one order of magnitude lower than the ram fluence. The lowest
AO fluence on LDEF was 2.66 x 103 atoms/cm? between rows 3 and 4. During the LDEF flight,
the total fluence for rows 2 through 4 was in the same order of magnitude as the lowest fluence
listed in Figure 1-19. However, during the retrieval mission, after LDEF was safely clamped in
the shuttle payload bay, LDEF rows 1 through 3 (which faced out of the bay) were inadvertently
subjected to atomic oxygen at the retrieval altitude for approximately 15 minutes. This
inadvertent exposure raised the AO fluence from the 10° to the 10" atoms/cm?2 order-of-
magnitude for the experiment trays on those rows.

Figure 1-20 shows the cumulative equivalent sun hours exposure of total direct solar and
earth reflected radiation as a function of LDEF row position. The high vacuum ultraviolet (VUV)
fluences were 14,500 equivalent sun hours (esh) on LDEF space-end experiment trays, with
intermediate values of 11,100 to 11,200 esh on leading and trailing edge trays and 6,400 to 6,800
esh on side trays. The lowest VUV fluence was 4,500 esh, received by the Earth-end trays.

The results from LDEF show that past atomic oxygen fluence models do not account for
atomic oxygen impingement rates at grazing angles to the spacecraft (see Figure 1-21), and
therefore do not include the thermal molecular velocity contribution. Because of the Maxwellian
distribution of the atomic oxygen molecular velocity, the atomic oxygen flux on a surface is not
simply the atomic oxygen density times the magnitude of the flow velocity times the cosine of the
angle between the flow velocity and the surface normal. Hence, LDEF surfaces parallel to the
ram direction and also surfaces with incident angles slightly greater than 90 degrees received some
atomic oxygen. Using a modified AO fluence model to account for the thermal velocity
distribution of the atomic oxygen atoms in LEO, Figure 1-22 shows the higher AO fluences at AO
incidence angles to LDEF from 95° t0 110° in companson with that predicated with the MSIS-86
model that excludes the thermal molecular velocity.>*
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Figure 1- 20. Equivalent Sun Hours at End of Mission for Each LDEF Tray Location
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Figure 1- 21. Incidence Angles for LDEF Tray and Longeron Location.
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Figure 1- 22. Effect of Thermal Molecular Velocity on Atomic Oxygen Fluence.
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1.4.1.2 Thermal Environment

The thermal control of the LDEF was totally passive by design, thus relying on internal
radiation heat transfer, heat conduction paths, and the external surface coatings (ovg) for facility
temperature control. Over 90% of the interior structure and tray surfaces were coated with
Chemglaze Z306 high emissivity black paint (€=.90) to minimize any circumferential thermal
gradients and to maximize the radiation heat transfer across the facility. To minimize conduction
heat transfer from the structure, the experiment trays were attached to the LDEF structure by
eight 2-in x 5-in aluminum clamps along the tray perimeter. The tray mounting scheme minimizes
the contact conduction area through which heat can be transferred between the facility and the
experiment trays. The passive thermal control of the LDEF results in a variation in the
experiment’s structure boundary temperature due to the orbiting nature of the spacecraft.

A thermal analysis of LDEF’s flight experiments was conducted by Berrios et al.**** Three
heat sources were considered for the thermal analysis of the LDEF experiments: the solar
irradiation; the Earth reflected solar irradiation (albedo); and the Earth emitted energy (planetary
infrared). LDEF lacked any internally generated heat resulting from electronics or heaters.
Figure 1-23 defines the LDEF principal sources of heat. The angle B is defined as the angle
between the spacecraft’s orbit plane and the Sun’s illumination rays and its minimum and
maximum amplitudes are calculated by adding the declination of the Earth’s equator (+23.5°) with
the inclination of the'spacecraﬁ’s orbit plane (+28.5°). -The Thermal Radiation Analyzer System
(TRASYS) computer code® was employed to calculate the albedo, solar, and planetary incident
heat fluxes. A TRASYS model of the LDEF spacecraft was constructed which represented a 12
side polygon closed on both ends. Program inputs consisted of the LDEF spacecraft orientation,
orbit B angle, and altitude. Transient orbital heat fluxes were calculated for 10° beta angle
increments within the range from -52" to +52". The mission incident surface fluxes were
calculated by time averaging the orbital heat flux over one complete orbit and tabulating the
average flux versus orbit B angle, as summarized in Table 1-7. The results show that for the row
6 location, the peak heat flux occurred at a B angle of -52° and the minimum heat flux isatap of

-+52 .
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Beta Angle:
B = Angle between the plane of the orbit and the sun illumination vector
Range = -52 < B > £52°, calculated by adding the declination of the Earth (£23.5°) to
the inclination of the orbit plane (+28.5°)
Principal Heating Sources in Space:
Solar Incident Flux = Heat due to the direct illumination from the sun (Watts/M 2)
Albedo = Heat due to the.portion of the solar incident energy reflected from the planet
on to the LDEF (23%-32% from this type of orbit, Watts/M2)
Planetary = Heat emitted from the planet (Watts/M 2) O1M 94,013,125
Figure 1- 23. LDEF Principal Heating Sources
Table 1-7. LDEF Average Incident Heat Flux (Solar + Albedo)
BTU/Hr-Ft’ by Beta Angle
Row -52 -40 -30 -20 -10 0 10 20 30 40 52
6.03 7.99 9.37 10.47 23.86 43.76 68.27 98.82 | 141.04 | 182.52 | 234.22

6.38 19.54 35.49 51.88 67.19 83.99 99.09 | 112.30 | 125.46 | 138.73 | 162.39

53.69 69.99 81.70 91.34 98.79 | 103.88 | 106.94 | 107.54 | 105.96 | 102.14 95.95

116.22 | 115.85 114.58 | 111.62 | 106.70 99.38 90.54 79.48 66.76 52.48 33.48

191.95 | 149.94 127.50 | 108.49 90.03 71.67 53.83 36.49 20.34 7.96 6.06

245.39-] 190.93 147.40 | 103.11 57.70 27.90 11.17 10.37 9.27 7.89 5.90

234.92 | 183.04 141.58 99.36 68.72 44.11 20.91 10.47 9.37 71.99 6.01

163.42 | 139.81 126.43 | 113.22 99.21 84.47 68.62 52.37 35.81 19.79 6.47

96.72 | 103.04 106.87 | 108.55 | 107.89 | 104.84 99.59 92.07 82.29 70.61 53.92

33.65 51.93 67.30 80.10 | 91.26 | 100.32 | 107.55| 112.51 | 115.39 | 116.79 | 116.70

6.08 7.97 20.46 36.77 54.25 72.32 90.71 | 109.28 | 128.30 | 150.81 | 192.24

oy =4I I BRI N (I EN (2 ()

5.93 7.89 9.27 10.37 11.17 28.08 58.02 | 103.40 | 147.61 | 191.19 | 245.15

Space 84.82 | 105.56 119.34 | 129.49 | 135.71 | 137.80 | 135.71 | 129.49 | 119.34 | 105.56 84.82

Earth 39.82 42.10 44.28 46.14 47.34 47.79 47.34 46.14 44.28 42.10 39.82
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Actual internal flight temperatures were recorded at intervals of approximately 112 minutes
for the first 390 days of LDEF's mission. Temperatures were taken using five copper-constantant
thermocouples, one suspended radiometer, and two thermistors were used for reference
measurements. The actual recorded temperature range for all seven locations was from a low of
39°F to the maximum of 134°F. Table 1-8 compares the measured flight temperatures with the
post-flight calculated temperatures.****  Also included are the design temperataures which were
maintained throughout the mission. The calculated temperatures and thermal gradients derived
from the thermal model calculations were found to be accurate with the flight temperature data
from LDEF.

Table 1-8.  Comparison of LDEF Temperature Ranges

LDEF Location Measured Post-Flight Calculated Design Limits

OC (OF') OC (OF) OC (OF')

Internal Average Temperature 11-32 14--32 -12-50
(52 - 89) (58 - 89) (10 - 120)

Structure 2-57 4-58 -23 - 65
North/South (Rows 6/12) (35-139) (39 - 136) (-10 - 150)

Structure 12-38 23 -65
East/West (Rows 3/9) N/A (53 - 100) (-10 - 150)

Earth End Structure 14 -39 14 - 40 -12-57
(56 - 103) (57 - 104) (10 - 135)

Space End Structure 16 - 32 18 - 36 -12 - 57
(60 - 90) (64 - 96) (10 - 135)
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1.4.1.3 Ionizing Radiation

LDEF was well-instrumented with ionizing radiation dosimeters, including
thermoluminescent dosimeters (TLD’s), plastic nuclear track detectors (PNTD’s), and a variety of
metal foil samples for measuring nuclear activation products. In addition, the induced
radioactivity produced in various spacecraft components provided information on the radiation
exposure. The estimated radiation fluence exposure in the LDEF orbit provided input into
transport calculations codes (e.g., High Energy Transport Code) to develop scaling relations for
predicting the radiation environment for other missions (e.g., Space Station, Space Observatories)
and to assess the accuracy of current models.

Because the LDEF orbit altitude was well below the Earth's Van Allen radiation belts, except
at the small region of the belt that is generally referred to as the South Atlantic Anomaly, the
LDEF and the onboard experiments were exposed to only modest levels of ionizing radiation.
The penetrating ionizing radiation that the LDEF did received resulted primarily from protons
trapped in the South Atlantic Anomaly Region of the Van Allen belts, and to a much lesser
degree, galactic protons and albedo neutrons and protons emanating from the Earth’s atmosphere
due to galactic cosmic rays bombardment. Table 1-9 summarized the energy range for the
different sources. Figure 1-24 shows the cumulative ionizing radiation of these penetrating
particles striking LDEF. The predicted trapped proton integral fluence for the LDEF is presented
in Figure 1-25.

Figure 1-26 shows the depth dependence of proton and neutron fluences over all energies
produced by trapped proton, galactic proton, albedo proton, and albedo neutron environments
during the LDEF mission time.*” The spatial dependence of the results are in terms of the areal
density depth in aluminum from 0 to 100g/cm®. To roughly relate these thicknesses to LDEF, the
spacecraft diameter is 32 g/cm’, and the length is 68 g/cm®. (This is based on an average density
obtained from the overall dimensions of 14 ft. diameter x 30 ft. long, a spacecraft structure weight
of 8,000 Ib., and a weight of 13,400 1b. for the experiments.)

Table 1-9. LDEF Sources of Ionizing Radiation™

Minimum Incidence | Maximum Incidence Fluence Range of Angular
Source Energy Energy an’ Distribution
Trapped Protons 15 MeV 600 MeV 4.3x10° 4an
Galactic Protons 3.2 GeV 100 GeV 2.8x10’ 2n
Albedo Protons 15 MeV 3.5 GeV 2.3x10’ 4n
Albedo Neutrons 1 keV 3.0 GeV 7.4x10’ 1.3n
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Figure 1- 24, LDEF Exposure to Ionizing Radiation
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Figure 1- 25. Predicted Integral Fluence of Trapped Protons Striking LDEF Surfaces
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The geomagnetically trapped electrons are of low energy and produced effects only very near
the spacecraft surface. The predicted integral fluence of trapped electrons striking the LDEF
surface varied from 1x10° to 1x10"2 electrons/cm? at energies between 0.1 and 3.7 MeV. The
trapped electrons are of such low energy that they contribute significantly to the dose only at
small penetration depths (< 0.5 g/cm’) and do not contribute at all to radionuclide production.
The integral fluence of the trapped electrons on the LDEF is presented in Figure 1-27.
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Figure 1- 27. Predicted Integral Fluence of Trapped Electrons Striking LDEF Surfaces
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1.4.1.4 Micrometeoroid and Debris

LDEF provided a huge collection of impact data that cover a wide size range of impact
craters from below 0.01 mm (10 pum) to 5.25 mm. The LDEF Meteoroid and Debris Special
Investigation Group (M&D SIG) has catalogued all meteoroid and space debris impacts on
LDEF. All exposed surfaces including the experimental trays and all of the exterior surfaces have
been optically scanned for impact features. Target materials range from the aluminum 6061-T6
frame components to glasses and ceramics, composites, polymers, electronic materials, and paints.
Large area surfaces that were studied included the experiment power and data system (EPDS)
sunshields, the environment exposure control canister (EECC) sunshields, and the M0003 signal
conditioning unit (SCU) covers. The EPDS sunshields are aluminum panels painted with A-276
white thermal control paint, the EECC sunshields are chromic acid-anodized aluminum, and the
SCU covers are aluminum painted with S13G/LO white thermal control paint. The data have
been reduced to the form of impact fluences (hits per unit area, or the integral of the crater
production rates) versus crater diameter for various surface orientations. Detailed results of this
investigation can be found in several references by See et al,****° ME. Zolensky et al.,*! M.J.
Meshishnek el al.,** M. Allbrooks and D. Atkinson,® C. Coombs et al,* A. Watts el al,** and
JM. Zwiener and MM. Finckenor.*

Overall, 34,336 impacts were found on the LDEF surfaces, of which ~4000 of these impact
images have been stored on laser disc.f The largest impact crater was 5.25 mm in diameter.
Distribution of impact according to surface types are summarized in Table 1-10.*’

Table 1-10. Distribution of Impact Features on LDEF

Size Bolts, Shims Tray Experimental LDEF Thermal
(mm) Clamps Flanges Surfaces Frame Blankets Totals
<0.3 NA NA 158 NA 28311 3069
>0.3 NA NA 172 NA 6252 797
<0.5 1318 1923 14171 5171 NA 27385
>0.5 161 419 2106 432 NA 3118
Totals 1479 2342 16687 5603 3456 34336
1. Count is incomplete; the <0.3 mm diameter features from F02, C0S, C06 and D07 not included.
2. Count is incomplete; the > and =0.3 mm diameter features from F02 are not included..

fThe total number of impact features has increased with the discovery .of numerous smaller impacts and the
continued analysis of the approximately one-fourth of the experiment trays designed for meteoroid/debris
investigation. However, these smaller impacts have no significant damage to material surfaces which could affect
the design of spacecraft and selection of spacecraft materials.
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Impact data were evaluated for impact craters having diameters from 0.1 mm to less than 3
mm in order to determine the flux as a function of crater diameters versus the angle from the
velocity vector. A summary of the crater impact data of diameter > 0.1 mm reported in each row
by surface type is provided in Table 1-1 1. The count column lists the total number of craters,
the area column lists the area (square meters) used to calculate flux values. The flux column
provides the reduced counts of impact craters per square meter per year, for each type of surface.
The angle “Beta” is the angle from the velocity vector (or ram) to the normal to each row. Note
that Beta increases with increasing row number in a positive value up to 180 degrees. Negative
values mean the direction is decreasing with row number up to a -180 degrees. As an example,
row 9 is -8 degrees.*

Table 1-11. Crater Impact of Diameter > 0.1 mm

Row No. Experiments & Trays LDEF Structure Thermal Panels

Count Aro;a Flux Count Arga Flux Count Arga Flux Angle

m m m Beta
1 622 6.58 16.43 112 1.22 15.95 46 0.316 25.33 +122°
2 126 6.58 3.33 68 1.22 9.68 36 0.316 19.83 +142°
3 399 6.58 10.54 74 1.22 10.54 10 0.316 5.49 +172°
4 311 6.58 8.22 96 1.22 13.67 15 0.316 8.26 +158°
5 846 6.58 22.36 184 1.22 26.20 29 0.316 15.97 +128°

6 915 6.58 24.15 442 1.22 62.94 12 0.316 6.60 -98°

7 2108 6.58 55.711 572 1.22 81.46 170 0.316 93.62 -68°
8 3289 6.58 86.92 939 1.22 133.72 175 0.316 96.37 -38° -

9 3077 6.58 81.40 924 1.22 131.59 246 - 0.316 117.53 -8°

10 3118 6.58 82.40 652 1.22 92.85 204 0.316 112.34 +22°

11 2435 6.58 64.35 493 1.22 70.21 168 0.316 92.52 +52°

12 1620 6.58 42.81 321 1.22 45.71 132 0.316 72.56 +82°
Space End 112 5.966 3.26 79 — — 165 4.65 6.16 -90°
Earth End 1095 5.966 31.92 649 — — 1200 4.65 44.82 -90°

Approximately 10 times more impact craters occurred on the leading edge (ram) of LDEF
compared to the trailing edge (e.g., compare Rows 9 and 3). Apparent flux variations occurred
within the same row for different materials. Flux values derived from impacts on experiment
surfaces are normally lower than those from the structure or thermal panels. Each experiment
was composed of a variety of different materials. Impacts on some surfaces exhibited excellent
contrast making identification for counting fairly easy, while other materials, such as composites,
exhibited very poor contrast making it much more difficult to identify impacts. The LDEF
structure and thermal panels had smaller exposed areas than the experiment surfaces, but each
consisted of the same type material and coating resulting in a more reliable and consistent count.
During the 5.75 year mission LDEF experienced a maximum of approximately 140 significant
impact craters/m*/yr.
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Some of the most salient findings concerning the separate meteoroid and debris impact
populations, and their directionalities, that have been derived from LDEF investigations are
summarized below.

Micrometeoroid versus Debris Impacts. Both orbital debris and meteoroids impacted
LDEF. Separation of the two populations is determined by the composition of the residue, if any,
in the impact craters. Most spacecraft debris particles consist of aluminum fragments of
spacecraft structures, of aluminum oxide from the burning of solid rocket fuel, or of paint
particles (shown by the elements zinc, titanium, and aluminum, whose oxides commonly provide
the white pigments in thermal paints). Below 50 microns in diameter, orbital debris appeared to
dominate the crater populations on leading-edge LDEF surfaces. For impact craters smaller than
about 100 microns in diameter, orbital debris impacts started to become more numerous than
meteoroid impacts on aluminum surfaces at about 50 degrees from the leading edge.*

Temporal Variations of Impacts. The Interplanetary Dust Experiment (IDE) on LDEF
discovered the temporal nonuniformity in the impact rates.! This active meteoroid experiment
electrically recorded when each impact occurred that penetrated one of many MOS detectors
placed around LDEF. This experiment recorded over 15,000 impacts that penetrated either 0.4
mm or 1.0 mm thick dielectric layers of MOS capacitors. The IDE data has shown that LDEF
encountered significant amounts of orbital debris in the form of small particles concentrated in
clouds or rings, where the impact rate would greatly increase for a few minutes on every orbit.
IDE also detected, "beta meteoroids", which are dust grains that are leaving the solar system on
hyperbolic orbits to become interstella grains, and their apparent flux should be at a maximum
when a sensor faces toward the Sun. The beta's were best, and most clearly, detected by
rearward-facing IDE sensors when they faced the Sun.

Spatial Density Dependency of Impacts. The spatial density of impact craters is much
greater on surfaces close to the leading edge of LDEF than it is on surfaces near, or at, the trailing
edge. Directional dependence of meteoroid/debris impacts as a function of the angle from the
velocity vector can be seen from the count and flux data listed in Table 1-11, which is plotted
graphically in Figure 1-28. D. Humes has shown the significant dependence of meteoroid/orbital
debris flux vs. angle from velocity vector as derived from model calculations and from the LDEF
experiment S0001 data.*> Note that the flux data for the structure surfaces is skewed from
velocity vector zero degree reference. This skewing resulted from assuming the longerons
pointed in the same direction as the rows, and combining their count data with that for the
intercostals (which do face in the same direction as each row). The offset in angle is 15 degrees
would restore part of the symmetry. Leading edge-to-trailing edge ratios of spatial densities of
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craters depended on crater size and ranged from about 10 for craters smaller than about 50

microns in diameter’® to about 20 for impact craters larger than about 500 micron in

diameter.>***
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Figure 1- 28. Directional Dependence of Meteoroid/Space Debris Impact Craters.

A simple function, defined as the “baseline,” encompasses all of these curves as a worst case
value. A simple relationship for the total number of impacts is approximated by the following
equation which is also plotted in Figure 1-28.

Flux f{Beta) = a + b cos’(Beta/2)

where: a= 15
b=125
Beta = degrees from velocity vector or ram direction.

Size Dependency of Impact Craters. A relationship between total number of impacts per
crater diameter was determined by summing all of the impacts on LDEF for each crater diameter.
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Table 1-12 lists impacts summed on each row for diameters between 0.1 mm up to 2.5 mm. This
count includes impacts on experiments, trays, clamps, structures, and thermal panels. The total
count for each diameter was summed for all rows and plotted in Figure 1-29. This size

distribution can be approximated by the following relationship giVen by the following equation
which is plotted in Figure 1-29.

Ln (d) = C1 + (C2*N)

where: N = number of impacts craters
Ln  =natural logarithm
d = diameter of crater in mm.
C1 =+8.693612
C2 =-3.532209

This approximation permits an estimation of the actual number of impacts below 0.5 mm
where incomplete counting occurred. A summation was made using this relation for all diameters

between 0.1 mm and 3.0 mm. The total sum was used to normalize the size distribution data into
a fractional distribution.
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Table 1-12. Impact Crater Size Distribution
Total Number of Impact Craters Per Row and Per Diameter

Diam | 0<.1]| 05 06 |07 |08 [09 | 1.0 [1.1 [12 [1.3 |14 |15 [1.6 |17 [1.8 |19 [2.0 [2.1 [22 23 [24 [ >25
(mm)
Row #
1 |10 |32 |38 |25 |25 [13 |15 |5 Jo |1 |2 [o Jo Jo o Jo o J1 Jo |1 Jo Jo
2 25 25 |7 10 | 12 BE 2 1 1 1 0 o [o 1 0o |o o o |o o Jo
3 22 9 13 |9 10 |4 |3 2 |2 1 0 |2 1 0 |2 1 1 0 o Jo |o 1
4 |20 |20 |11 |5 |7 |2 |2 [6 [2 Jo [o |1 o Jo [o Jo o Jo Jo Jo o Jo
5 |29 |29 |21 |13 |15 |5 |4 |4 |2 Jo |1 |3 |1 |1 Jo o Jo Jo [o Jo Jo Jo
6 68 45 43 33 19 16 15 5 2 4 2 3 2 0 0 0 0 0 0 0 0 0
7 65 106 |72 |61 [32 |28 [15 [ 11 |3 2 |2 |4 |2 1 0o |2 |o Jo |2 1 0 1
8 85 13297 |75 |42 |29 |22 |9 13 |13 |5 6 1 1 0 1 0o |o |o 1 0o |4
9 00 | 125]95 |75 | S1 |24 |22 |27 |15 |9 10 [8 |6 1 s o |o 1 0 1 o [7
10 124 | 149 | 107 | 79 |51 |24 [30 |20 |15 |11 |4 |7 |5 1 5 |2 |7 |4 1T |2 0 |6
11 66 106 | 83 | 109 | SS |22 [22. [ 9 12 3 3 6 |2 |2 |o [o 1 0 1 1 |5
12 65 |51 |46 |54 [33 [11 {18 [4 |9 [1 [2 |4 [2 [2 [1 Jo Jo Jo J2 Jo o |3
Totals 688 829 | 629 | 548 | 352 | 178 | 171 104 | 76 56 32 41 26 9 16 6 8 6 5 7 1 27
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Figure 1- 29. Size Dependence of Impact Craters.
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1.4.1.5 Contamination Effects

Most of the particulate contaminants present in orbit were deposited on the surface of LDEF
during ground exposure or during the launch.”® The particles were characteristic of fabrication,
assembly, and integration activities, with some of the distributions suggesting launch redistribution
or cross contamination. Particulate contaminants effect systems both mechanically and optically.
Particles optically obscure, scatter, refract, diffract, and reflect light. They may also become
infrared emitters when heated by solar radiation. Scatter, refraction, diffraction, and reflection all
change the path of a ray of light. The effect is to introduce unwanted energy causing a decrease
in the signal-to-noise ratio in an optical system, thereby decreasing the device's sensitivity. The
cleanliness level of LDEF when it entered orbit was approximately a MIL-STD 1246B Level 1000
for particles smaller than 250 micrometers or a Level 2000 for particles smaller than 750
micrometers.

The amount of molecular contaminants in the form of nonvolatile residues averaged over the
surface of LDEF at launch has been estimated at about 2.5 ugm/cm2. This corresponds to a
MIL-STD 1246B Level C. This may have been sufficient to degrade some systems, but its effects
were largely hidden by the far greater amount of outgassing materials deposited on the surface of
LDEF during orbit.

In orbit, additional particulate contaminants accumulated as a result of impacts with
meteoroids and space debris. These contaminants tended to be deposited very close to the
impact, with concentration dropping off with the square of the distance from the impact, as would
be expected. Impacts with surfaces projecting radial from the surface of LDEF, such as tray
sdges or bolt heads, resulted in the greatest amount of material being deposited on the surface of
LDEF. The concentration of such debris could be very detrimental to optical systems within a
‘ew inches of the impact.

The most detrimental contamination event in orbit was the outgassing and redeposition of
nolecular contaminants on the surface of LDEF. The brown discoloration caused by a
sontaminating molecular film on the surface of LDEF was evident through the windows of the
Space Shuttle Columbia as it approached LDEF. This brown film was widely dispersed over the
railing rows of LDEF and at the space and Earth ends. Closer examination in Spacecraft
Assembly and Encapsulation Facility (SAEF-2) following recovery permitted a much more
letailed analysis of the film and its distribution. Large areas of the exterior surface were covered
with a film a few hundred nanometers thick. In some areas it was as much as a few hundred
micrometers thick and completely opaque. Analysis of the film indicated it was a polymer
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consisting of a combination of silicones and hydrocarbons. The ram facing trays appeared clean
but surface elemental analysis of ram surfaces indicated a silica residue remaining from atomic
oxygen attack of the brown film. An infrared analysis of the film and possible sources indicated
that two systems had sufficient mass to be major contributors to the film; the thermal control
paints and the silicone adhesives used with both fasteners (to enable fastener assemblies to survive
vibration testing without a decrease in installation torques) and the bonding of velcro to LDEF
and/or experimenter hardware.

The local thermal loading caused by the molecular film created a variety of detrimental
effects. . The film was a relatively effective absorber and resulted in significant heating of some
surfaces. The delamination of thin films in optics and metal-plated composite surfaces has been
attributed to the combination of poor coefficient of thermal expansion matching between the
delaminating surfaces and the thermal cycling extremes due to the presence of this contaminating
film. The film increased the thermal loading over many areas of the satellite but seemed to have
relatively little effect on the anodized aluminum surfaces of the tray clamps. The ratio of
absorptance to emissivity for the tray clamps was about 2.27 for both leading and trailing edge
clamps. A276 white thermal control paint buttons on many of the clamps did, however,
experience a change. Paint buttons on the leading rows had an o/e ratio of approximately 0.32
while those on the trailing edge were about 0.63. The brown discoloration on trailing edge
buttons was largely due to the modification of the top organic layer of the paint as a result of
ultraviolet exposure.

A decrease in the transmission through some optics was noted and has been attributed to the
molecular film. A change in some of the wavelength characteristics of coated optics was noted
and has been attributed to the effect of an added contaminant thin film. Elemental analysis of the
surface of some of these optics on the ram side of LDEF indicated a silica residue was present
from the atomic-oxygen-degraded molecular film. Other optical effects included selective
reflection due to submicron droplet size, decreased signal-to-noise ratio broadband, and increased
background in the infrared.

The recovery operation redistributed LDEF contaminants that were presumably stable in
orbit. These contaminants included thin metal foils the remained after the organic film on which
they had been vapor deposited had been removed by the atomic oxygen exposure. Fragments of
partially eroded polymers were also widely distributed. Paint pigments, ash from a variety of
composites, fragments of thick molecular film deposits, and both glass fibers and graphite fibers
freed from atomic oxygen eroded composite materials completed the compliment of redistributed
LDEF materials. Materials from the Space Shuttle were also transported to the surface of LDEF.
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The materials from the Space Shuttle included liquid droplets containing hydrocarbons as well as
solid particles, and glass from tile material and from the bay liner. This redistribution of
contaminants existed through the final removal of LDEF from the Shuttle Bay.

The exposure to contaminants continued during the deintegration in SAEF-2. Automatic
airborne particle count data indicated a controlled class 100,000 clean room environment in
SAEF-2, but pollens, natural minerals, clothing fiber, paper fiber, etc., accumulated on the surface ‘
of LDEF during its exposure.

In summary, the systems most susceptible to contamination were thermal control surfaces as
shown in Figure 1-30.” The systems most likely to be a source of contamination were thermal
control paints, silicone adhesives, polymeric films, and carbon-based sheet materials.

TRAYS

CONTAMINATION ON
KAPTON SIDE

ESEE CONTAMINATION ON
ALUMINUM SIDE

— 125 pym KAPTON FOIL

ROW CROSS SECTON OF LDEF

VIEWED FROM EARTH END RAM

. DIRECTION

125pm Ag FEP/TEFLON FOIL
+ CHEMGLAZE Z306 BLACK
PAINT

OIM 94.013.237

Figure 1- 30. Contaminated Thermal Surfaces on LDEF

1-74



1.4.1.6 Vacuum Exposure

Neglecting the contribution from LDEF-generated contamination, the molecular density
adjacent to individual LDEF surfaces at any given time was dependent on the LDEF orbital
altitude, the solar activity, and the orientation of the surface with respect to the LDEF velocity
vector. The density increased as the altitude decreased and as the solar activity increased. The
density also built up adjacent to leading surfaces as a result of ram effects, and it diminished
adjacent to trailing surfaces as a result of wake shielding effects.®

The ambient molecular density along the LDEF orbit was lowest early in the mission while
the LDEF orbital altitude was above 250 nautical miles and the solar activity was near minimum.
The predominant molecular species were atomic oxygen (approximately 1.86 x 10’ molecules per
cubic centimeter) and nitrogen (Second in abundance with a density several orders of magnitude
lower than the atomic oxygen).

The ambient molecular density along the LDEF orbit was highest (approximately 6.58 x 10°
molecules per cubic centimeter) late in the mission when the orbital altitude had decayed to
approximately 179 nautical miles and the solar activity had increased to near-record highs. The
predominant molecular species at that time was still atomic oxygen (5.42 x 10° molecules per
cubic centimeter) and nitrogen was still second in abundance (1.06 x 10° molecules per cubic
centimeter).

The ram effects made the molecular density adjacent to surfaces on the leading side of the
LDEF approximately an order of magnitude higher than the ambient density. The wake shielding
effects reduced the molecular density adjacent to surfaces on the trailing side of LDEF more than
an order of magnitude. The molecular densities presented above were calculated using the model
described in the Smithsonian Astrophysical Observatory Special Report 375.

1.4.1.7 Gravity/Accelerations

The LDEF experiments were exposed to very low accelerations during the mission since the
facility was passively stabilized and there were no systems on board to generate vibrations or
shocks. The acceleration level at the center of the LDEF remained less than 1E-7 g's throughout
the mission.” 4 ’
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1.4.2 The COMES Experiment on Mir

The experiment COMES was installed outside of the MIR space station during an
extravehicular activity. On January 11, 1990, the COMES experiment unit was refolded during
an extravehicular activity of cosmonauts after having spent 392 days (13 months and 2 days) in
space outside of the MIR; then it was stored aboard the station until February 19, 1990, at which
date it was returned to Earth.** During the flight, the MIR station followed an orbit located
between 350 and 425 km in altitude, inclined at 51.6°.

The COMES experiment consisted of four panels which were deployed by a cosmonaut in
space outside of MIR with the possibility of exposing samples on both sides, conventionally
identified as "V" and "R", to vacuum, O-atoms and UV radiation for 1.1 year. Table 1-13
summarizes the exposure conditions for the COMES experiment. Differentiation of the effects of
UV-radiation and oxygen atoms was possible due to the differences in exposure conditions and
the use of transparent filters protecting some on the samples.

Table 1-13. Space Environment Exposure Conditions for the COMES Experiment

COMES-MIR
"FACEV FACER
Oxygen atoms cm™2 1.2x1018 t0 7.5x1019 (1) | 3.5x1020 to 5.8x1020 (2)
Solar UV (esh) 2850(2) 1900(2)
Temp. Cold case (°C) -60 to -70 -60 to -70
Temp. Hot case (°C) +10to +30 +50 to +60

(1) Estimated from data of experiment calorimeter
(2) Estimated from AO reactivity erosion of Kapton (3.0 ){‘10‘24 cm3atom™1)and
Terphane (PET) (3.0 x 1024 cm3atom'1) samples

A description of the V and R modules are provided below.

V Side. A total of 113 samples (20 x 20 mm squares or circles of 25 mm in diameter)
had their central areas exposed to the space environment, without mechanical stress
(20 mm in diameter). Among them, 8 groups consisting of 4 identical samples of the
same material were used to distinguish the effects of different space environment

constituents.
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* Exposure to all of the parameters (UV, atomic oxygen, vacuum, temperature).

e Exposure behind a 1 mm thick silica filter transmitting solar radiation with a
wavelength greater than 190 nm (thus including most of the solar ultraviolet
radiation).

e Exposure behind a 1 mm thick optical filter only transmitting wavelengths greater
than 360 nm.

¢  Exposure behind a metal disk, painted white and protecting the sample against the
effects of atomic oxygen and UV radiation.

In addition, six samples of polymeric films were exposed to the space environment while
maintained under traction by a spring and six samples of composite materials with an organic
matrix underwent bending stress.

R Side. Thirty-two samples were exposed without mechanical stress.

As the Russian team of the experiment had not provided much information on the altitude of
the station during exposure of the COMES experiment, it is difficult to ascertain exactly the
amount of sunlight received by each side of the experimental unit. However, after analysis of the
data from the "Microcalorimeter" experiment, also mounted on the COMES panels, it may be
estimated that the V side received a solar UV dose of 2850 esh and the R side 1900 esh. For the
same reasons, it was not possible to calculate, by means of the MSIS-86 environment model, the
fluence of oxygen atoms accumulated by each of the two sides of COMES during the mission.
Nor was it possible to determine whether the oxygen atoms had been received more for a
particular inclination to the surfaces. On the basis of the erosion measured on samples of Kapton
polyimide and Terphane polyethylene terephtalate arranged over the surface, it may be estimated
that the fluences received were probably between 3.6 x 1020 and 5.9 x 1020 atoms/cm2 on the R
side, and between 3.7 x 1018 and 7.3 x 1019 atoms/cm? on the V side. It should however be
pointed out that; (a) whereas the fluences appear to be rather uniform on R, this is probably not
the case on V, (b) these values have probably been underestimated, since a strong contamination,
in particular by silicones, was detected on the samples on both sides; this must have protected the
surfaces, at least partially, against atomic oxygen. The temperature estimates of the sample-
holders on COMES, determined using thermal modeling, indicated that, in the case of the hottest
exposure, the average temperature of the sample holders on the V side is probably of the order of
+10 to -30°C and that of the R side of the order of +50 to +60°C; in the case of the coldest
exposure (experiment unit in the shadow of the station), the temperature was determined for both
sides to be between -60 and -70°C.
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"1.4.3 The Removable Cassette Container Experiment (RCC-1) on Mir

The Removable Cassette Container experiment, (RCC-1), which was flown on the Mir
Orbital Station from 11 January 1990 to 26 April 1991, evaluated several thermal control coating
materials. During the flight the Mir was in LEO with an apogee in the range 380 - 430 km,
perigee in the range 360 - 390 km, and an inclination of 51.6 degrees. The results confirmed that
zinc oxide and zinc oxide orthotitanate white thermal control paints in metasilicate binders are the
most stable upon exposure to the space environment.*

The RCC-1 experiment took place during the solar maximum. In contrast, the LDEF was
launched just before solar minimum and remained in orbit until just before solar maximum. The
RCC-1 solar exposure is estimated at no more than 20 - 25 equivalent solar days, 480 - 600
hours, at least one full order of magnitude less than the LDEF. The sun exposure is a significant
measure of a materials stability in that photons having energy in the range 5 - 10 eV, the solar
UV, are capable of severing molecular bonds and altering materials properties.

The integrated fluence of AO to the RCC-1 was estimated at 5.36 x 102 cm, which is based
on a total exposure time of 188 days, a mean value of cos o of 0.051, and a Fyo value of 267.5.
This AO fluence exceeds the exposure of any LDEF surfaces by at least a factor of five.
However, using the AO density values predicted by the MSIS model at Fyq7 = 200 would reduce
the AO fluence by more than a factor of 5, whcih would bring the RCC-1 fluence into general
agreement with the exposure seen by rows 9 and 10 on LDEF.

Because of its low altitude, the RCC-1 was below most of the trapped radiation belts save for
the region referred to as the South Atlantic Anaomaly. As with LDEF, this phenomena provided
most of the ionizing radiation that the RCC-1 was exposed to as the Earth's magnetic field
effectively screened the majority of the solar protons and galactichcosmic rays. Figure 1-31
compares the proton and electron belt fluence predictions for the LDEF and RCC-1 experiments.
Note that even though the RCC-1 mission was significantly shorter than that of the LDEF its
fluence is greater because of its higher orbital inclination. The LDEF radiation dose values are on
the order of 3 x 10* rads whereas the radiation dose absorbed by the RCC-1 samples was
estimated at 8 x 10 rads, which includes 2.7 x 10° rad of trapped protons and 5.3 x 10° rad of
trapped electrons.
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Figure 1- 31. Proton and Electron Belt Fluence Predictions for the LDEF and RCC-1

Experiments

Table 1-14 compares the LDEF and RCC-1 orbital exposure conditions. As shown, the
RCC-1 AO fluence is approximately equal to that seen by rows 9 - 10 of LDEF when determined
using U.S. models. The RCC-1 UV exposure is only about 1/20th of rows 9 and 10 of LDEF and
the RCC-1 radiation dose is a factor of 25 higher. As a result, the RCC-1 experiment would not
be expected to witness UV degradation in materials if the time scale associated with the
degradation process were longer than ~500 hours. Conversely, the RCC-1 materials would be
more susceptible to radiation damage. However, since these levels of radiation are not close to

the usable limits for most materials, the main difference will be the UV exposure value.

Table 1-14. Comparison of the RCC-1 and the LDEF Environmental Exposure

Conditions
Space Environment LDEF RCC-1
Row 9 Row 10 Russian Models U.S. Models
UV esh 11,200 10,700 ~600
AO Fluence 8.99 8.43 53.6 ~10
10% atoms cm™
Dose, krad 30 30 800
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1.4.4 Solar Maximum Mission

The Solar Maximum Mission (SMM) spacecraft, built at the Goddard Space Flight Center,
was launched in February 1980 with solar flare research its primary objective.* Launched near
the peak of the 22-year solar cycle, the SMM was put in a 310 nautical miles, nearly circular orbit
with 28.5° inclination. The spacecraft’s longitudinal axis was pointing at the Sun in a 3-axis
stabilized mode, so that the seven instruments aboard the spacecraft could monitor the activities
of the Sun. Some of the instruments required very fine pointing accuracy and stability to obtain
high-resolution data. During the initial period, the pointing accuracy of the SMM was better than
2 arc-sec with stability less than 1 arc-sec.

The Solar Max spacecraft was the first spacecraft designed to be serviced and repaired in
space by the Space Shuttle crew. The Solar Maximum Repair Mission (SMRM) was performed
during STS flight 41-C in April 1984, which also was the LDEF deployment mission. By this
time the SMM orbit altitude had decayed to 265 nautical miles. After replacement of faulty
equipment, the SMM was checked out and deployed to provide more data near the Sun’s least
active solar flare period. The Orbiter landed two days later on April 14, 1984.

Laboratory analyses were performed on materials retrieved from the Solar Max thermal
control system, as well as on various impact particles that were embedded in the thermal control
materials. The materials analyzed were aluminized Kapton and Mylar, and Dacron netting from
the multilayer insulation (MLI) blankets, and silver Teflon used on a thermal radiator and as trim
on louver assemblies. MLI is used to thermally insulate various spacecraft components. The
portions of the MLI returned to Earth were primarily from the blankets used to insulate the
Modular Attitude Control System (MACS) module and the Main Electronics Box of the
Coronagraph/Polarimeter. Materials from the blankets included aluminized Kapton used as the
top layer of the MLI as well as the other layers of the MLI, such as aluminized Kapton or
aluminized Mylar separated by Dacron netting. Silver Teflon, used on spacecraft components to
increase the thermal radiation performance of exposed surfaces, was removed from the thermal
louver assembly of the MACS.

Kapton films (0.005-in) exhibited up to a 40% loss of thickness as a result of exposure to
approximately 2x10>' atoms/cm? during 50 months on-orbit. Silver/Teflon material exhibited
obvious degradation, especially in regions exposed both to AO and solar radiation. A summary of
these analyses can be found within the appropriate sections of this guide.
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1.4.4 The Effects of Oxygen Interaction with Materials (EOIM) Experiments

1.4.4.1 STS-5S EOIM Experiments

The STS-5 EOIM experiment, flown in November 1982, exposed a rather limited set of
materials to an estimated AO fluence of nearly 10%° atoms/cm®. Results from this early
experiment have been summarized by Leger, et al. in ATAA Paper 83-2361 (1983),%* and will be
discussed in later sections.
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1.4.4.2 STS-8 EOIM Experiments

A flight experiment was performed on STS-8 (August 1983) mission to measure reaction of
surfaces with atomic oxygen in the low Earth orbital environment. The objectives of the STS-8
mission were (1) to obtain a larger quantitative reaction rate data base in comparison to the STS-
5 mission, (2) to confirm reaction rate temperature dependence, (3) to determine whether mass
transfer from surface to surface occurs as a result of the interaction, (4) to evaluate solar radiation
effects on reaction rate, and (5) to determine the importance of atmospheric electrically charged
species on reaction rate.

The basic experimental approach consisted of exposing samples to the LEO environment and
then returning them for ground-based laboratory analysis. More than 360 samples were supplied
and analyzed by the participating organizations. Most of these samples were exposed in disc form
(2.54 cm diameter); however, film strips, woven cables, and fabrics were also used.

The STS-8 exposure provided the largest atomic oxygen fluence of any experiment to date.
The high fluence was achieved by lowering the vehicle altitude to 225 km and maintaining the
payload bay pointing into the velocity vector, nose to the Earth, for a total of 41.75 hour.during
three exposure periods of approximately 14 hr each. This attitude provided 86 percent of all the
mission atomic oxygen fluence; therefore, essentially all of the impingement was normal to the
exposure surfaces for the first time. It can be assumed that the remaining fluence (14 percent)
was provided under conditions which resulted in an atomic oxygen beam sweeping relative to the
sample surface. Using atmospheric density as derived from the mass spectrometer and incoherent
scatter (MSIS) model for the specific mission flight period, total atomic exposure fluence was
3.5x10% atoms/cm?.

A detailed review of several key investigations for these experiments was compiled by James
Visentine (NASA/JSC) in the three-volume NASA Technical Memorandum 100459.%* A more
complete description of AO related research (flight experiments, chemical mechanisms, ground
simulations, etc.) may be found in the “Proceedings of the NASA workshop on Atomic Oxygen
Effects” (JPL Publication 87-14), edited by D.E. Brinza.*’
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1.4.4.3 STS-41-G EOIM Experiments

Experimental packages flown on Space Shuttle mission STS-41G was designed to investigate
the effect of atomic oxygen in low Earth orbit on metallizations, silicone coatings, FEP Teflon,
and polymeric-based spacecraft materials.*®**’ Materials were configured into 2.54 cm diameter
(1-in diameter) disc-type specimens or into thin foils. These materials specimens were attached
directly to the lower arm boom of the Space Shuttle remote manipulator system and positioned
normal to and in the direction of flight for a total of approximately 38 hours of equivalent normal
exposure at 225-km altitude to obtain a total atomic oxygen fluence (mass spectrometer and
incoherent scatter model calculations for a ram surface at 120 nm) of 2.45x10? atoms/cm’.
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1.4.44 STS-46 EOIM-3 Experiments

The STS-46 shuttle mission was launched on July 31, 1992 and landed on August 8 at
Kennedy Space Center, Fla. The STS-46 contained three payloads with material exposures to the
space environment. These included the Evaluation of Oxygen Interaction with Materials ITT
(EOIM), the Long Duration Candidate Exposure (LDCE) experiments (see section 1.5.5), and the
Consortium for Material Development in Space Complex Autonomous payload (Concap)
experiments that studied materials processing in addition to investigating samples for exposure to
atomic oxygen. Another primary payload on STS-46 was the European Space Agency (ESA)
EURECA-1 (see Section 1.5.6).

The NASA Evaluation of Oxygen Interactions with Materials (EOIM) experiments are an
evolutionary series of investigations based on limited duration exposure of materials to substantial
fluences of atomic oxygen in the low Earth orbital environment. These low altitude shuttle-borne
experiments are able to subject test materials to AO fluences equivalent to several months or even
years of exposure at higher orbital altitudes. For example, EOIM-III bombarded materials with
approximately 2.5x10” oxygen atoms per cm” during a 42-hour period. This is nearly the same
fluence encountered by the Long Duration Exposure Facility (LDEF) after its first year on orbit.

Key observations in prior flight experiments were that material recession was essentially
proportional to AO fluence, which allows the establishment of material-specific “reaction
efficiency” parameters, the development of textured surfaces similar to the erosion morphologies
witnessed in directed-beam sputtering targets, and changes in the chemical composition of
exposed surfaces due to oxidation. Reaction efficiency parameters allow an estimation of the
recession in a given mission to be made for a material by multiplication with the anticipated
mission AO fluence. Table 1-15 provides a few representative reaction efficiencies determined in
prior EOIM experiments.
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Table 1-15. Atomic Oxygen Reaction Efficiencies for Several Materials

Material Reaction Efficiency
(x10* cm®/atom)

Kapton 3.0
Tedlar 3.2
Mylar 34
Polyethylene 3.7
Carbon/Epoxies:

T300/5208 2.6

1034C 2.1
Carbon (various forms) 0.5-1.3
FEP Teflon (EOIM) <0.05
FEP Teflon (LDEF) 0.25
Silicones:

RTV-560 0.02*

DC6-1104 0.02%

*  Units of mg/cm?, loss assumed to occur in early part of exposure on
STS-8 mission
The discrepancy in reaction efficiencies of the fluorocarbon FEP in LDEF and EOIM
exposures is attributed to the synergistic interaction of the solar vacuum ultraviolet radiation and
AO on LDEF which dramatically increases the susceptibility of fluorocarbons to AO attack.
Silicones are known to form a self-protective SiOy glass-like film which resists AO attack. For
this reason, the EOIM experiments are quite sensitive to contamination, especially from silicone
or fluorocarbon oils, greases, and release agents. Special attention is required to prevent
contamination effects from invalidating test results.
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1.4.5 LCDE (Limited Duration Space Environment Candidate Materials Exposure)
Experiments

The Long Duration Candidate Exposure (LDCE) experiments on STS-46 consisted of three
separate payload elements identified as LDCE-1, LDCE-2 and LDCE-3. The three assemblies
held an aggregate total of 356 specimens. The LDCE-1 and -2 sample holder trays were each
mounted inside the top of a Complex Autonomous Payload (CAP) canister that was equipped
with a Motorized Door Assembly (MDA). The MDA was only open during those specific
periods of the mission when the payload bay was pointed toward the direction of travel in orbit
(the velocity vector). In other times and when water dumps, thruster firings and Orbiter
operations that may cause contamination occurred, the MDA was closed. This restricted the
exposure of the samples to ram atomic oxygen (samples facing the velocity vector) and limited
contamination. LDCE-1 and -2 were mounted on the port side of the Orbiter cargo bay.

The LDCE-3 sample tray was mounted on top of Concap II. This was one of the two CAP
payloads mounted on the starboard side of Bay 13. The LDCE-3 sample tray and its specimens
were continuously exposed throughout the mission. This provided comparative data for limited
ram as received by samples on LDCE-1 and -2 vs. extensive exposure to all phases and activities
during STS-46 flight as represented by LDCE-3.

In order to expose the material specimens to atomic oxygen at the planned 124 nautical miles
altitude, the Space Shuttle Orbiter was oriented with the payload bay towards the velocity vector.
The MDA doors were opened on LDCE-1 and -2. A total of 43 hours of direct exposure was
obtained. Upon completion of the exposure the doors were closed. Other than opening and
closing of the MDA'’s, the LDCE payload operations were completely passive. The effect of low
Earth orbit environment on LDCE materials was based on p(;st-ﬂight analysis of the specimens.
Table 1-16 summarizes the exposure conditions.

Table 1-16. Space Exposure Conditions for LDCE Experiments

Altitude 231/124 nautical miles (circular orbit)

Duration: LDCE-1, -2 41 hours at 124 nm (230 km)

Duration: LDCE-3 42 hours of ram at 124 nm (230 km)
16.55 hours of ram at 231 nm (425 km) during EURECA
operations

Total Fluence LDCE-1,-2: 2x10% atoms/cm?
LDCE-3:  2.7x10% atoms/cm®
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1.4.6 Lockheed Space Flight Experiment

This Lockheed Space Flight Experiment investigated the material stability of four polymer
materials in a relatively high fluence atomic oxygen environment of approximately 2.0 x 102
atoms/cm?, accumulated over at least 100 days.®® The materials investigated included: (1) 0.052
mm aluminized Kapton; (2) aluminized Kapton with a 0.0076 mm coating of siloxane (IITRIRTV
602/LO dimethyl silicone; (3) 0.0254 mm aluminized FEP Teflon; and (4) 0.127 mm carbon-filled
PTFE impregnated fiberglass. The flight data results confirmed that there are two mechanisms of
degradation in process in the LEO environment: (1) a fast surface oxidation; and (2) a slower,
diffusion limited bulk oxidation. The results support a non-linear fluence Idependence for the
degradation effects on certain materials (i.e., Teflon). Both laboratory and flight experimental
data verified the stability of a siloxane coating in order to achieve protection of reactive substrates
in the LEO oxygen environment.
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1.4.7 European Retrievable Carrier (EURECA)

The European Space Agency (ESA) EURECA-1 was a primary payload on STS-46 which
was launched on July 31, 1992 and returned on August 8. After deployment EURECA ascended
to its operational orbit of 515 km using its own propulsion system. EURECA is a retrievable,
reusable satellite built by the ESA and designed to be maintained during its long-term mission by
ground controllers at ESA’s Space Operations Center in Darmstadt, Germany. After 9 month
EURECA was moved to a lower orbit for retrieval by another Shuttle in late April 1993. Aboard
EURECA-1 were 15 experiments devoted to researching the fields of material science, life
sciences and radiobiology, all of which required a controlled microgravity environment.
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2. SPACECRAFT DESIGN CONSIDERATIONS FOR THE SPACE ENVIRONMENT

Each of the natural space environments acts on materials in a distinct way, with some materials
being more vulnerable than others. This section presents an overview of these effects and the types
of materials which are especially sensitive to each environment.

2.1 ATOMIC OXYGEN EFFECTS

2.1.1 Introduction

The major gas in LEO is atomic oxygen, which erodes organic materials and some oxides of
other materials on the ram side of the spacecraft. Materials being considered for spacecraft and
commercial satellites need to be reviewed for susceptibility to atomic oxygen interactions which
produce surface erosion or degradation in optical and thermal properties that may result in failure
of spacecraft systems to achieve mission goals. As the degree of surface degradation is directly
proportional to atomic oxygen fluence (total integrated flux), and fluence, in turn, is determined by
such parameters as spacecraft altitude, attitude, orbital inclination, mission duration and solar
activity conditions, materials deemed acceptable for one application may not be acceptable for
other applications. Consequently, rather than listing materials acceptable for spacecraft systems
under varied sets of operational circumstances, this section will:

1. Establish guidelines to aid spacecraft designers in materials selection

2. Provide a nomograph for estimating atomic oxygen fluence and, consequently, the
degree of surface erosion the spacecraft material will experience over its lifetime.
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2.1.2 Atomic Oxygen Effects on Surface Recession

2.1.2.1 Material Atomic Oxygen Reaction Efficiency Data

Most of the data related to the behavior of materials in the atomic oxygen environment were
obtained from Space Shuttle flight experiments. These flights provided limited exposure of
materials typically used in spacecraft construction to both sweeping impingement and atmospheric
ram conditions.' 2467821011 T aisitudes selected for these experiments (220 and 300 km)
and the duration of exposure time (40 hours) produced high levels of fluence (1.0x10%t03.5x
10% atoms/cm?) which are typical for future spacecraft operating at higher altitudes (500 to 600
km) during nominal solar activity conditions for periods of one year or more.

LDEF clearly demonstrated in long-term flight that LEO atomic oxygen will erode all
polymeric materials that are flown, which includes all those commonly used on spacecraft for
thermal and electrical insulation, as paint vehicles, and as composite matrices. Rates of erosion
vary in different materials and appear to change with length of exposure for some polymers. Thus,
results of short-term LEO-exposure test'> may not provide data which can readily be extrapolated
to predict long-term erosion rates. Fortunately, this erosion was found to be completely
preventable with even extremely thin coatings of metals such as aluminum and oxides such as silica,
many such coatings also adhered well to the polymer or comp051te substrate specimen surfaces in
spite of thermal cycling during each orbit.

Material samples exposed under the conditions described above (e.g., Space Shuttle and LDEF
flights) were studied post-flight for property changes. Since the exposures resulted in significant
loss of material (organic specimens experienced thickness losses as much as 12 um or ~0.5 mil),
mass change measurements of the flight samples provided an excellent assessment of material
reactivity in the environment. Most of the data obtained are reported in terms of a reactivity
parameter that quantifies the susceptibility of a material to erosion by atomic oxygen, known as the
“erosion yield” or the “reaction eﬁicienéy” (Re). This parameter is defined as

R. = Volume of Material Lost (cm3/atom)
Total No. of Incident O Atoms.



R, can be calculated using the relation:

R, = Am/p
ot A
where Am  =mass loss (g)
p = material density (g/cm’)
¢ = incident AO Flux (atoms/cm’-s)
t = exposure time (s)
A = exposed surface area (cm?)

Note that ¢t =F, where F is the total fluence of oxygen atoms, which is obtained from
atmospheric models, spacecraft velocity, and exposure history. Consequently, the reaction

efficiencies derived from previous Space Shuttle flights (see below) can used in computing surface

recession for materials subject to the orbital environment by the following equation:
Ax =FrxR,
where Fr is accumulated fluence, R, is reaction efficiency, and Ax is surface recession.

Hence, the property reaction efficiency can also be defined as thickness of material lost
normalized to total oxygen fluence.

Table 2-1 presents a classification of the reaction efficiency data.”® A general assessment of

the deleterious effects on spacecraft surfaces are as follows:

1. Unfilled organic materials containing only C, H, O, N, and S react with approximately

the same reaction efficiency (2 to 4 x 10-24 cm3/atom).

2. Prefluorinated carbon-based polymers and silicones have lower reaction efficiencies by

a factor of ten or more than organics.

3. Filled or composite materials have reaction efficiencies that are strongly dependent

upon the characteristics of the fillers.

4. Metals, except for silver and osmium, do not show macroscopic changes. Microscopic
changes have, however, been observed and should be investigated for systems very

sensitive to surface properties. Silver and osmium react rapidly and are generally
considered unacceptable for use in uncoated applications.

5. Magnesium fluoride and oxides in various forms show good stability.

6. Copper forms a protective oxide which adversely affects optical and thermal
properties.

2-3



Table 2- 1. Classification of AO Reaction Efficiencies (10'24 cm3/atom) Data

0.01-0.1 .1-.9 1.0-1.9 24 >4
Al,0, (<0.025) Polysiloxane/ Various forms of Kapton H Polyimide Silver
. Kapton (0.3) Carbon (0.5-1.3) (3.0
Al/Kapton (0.1) Siloxane Epoxies (1.7) Polycarbonate Resin
/Polyimide (0.3)
Diamond (0.021) Polysilane/ Polystyrene Polyester
Polyimide (0.3) ‘
ITO/aluminized 401-C10 Polybenzimidazole Polysulphone
Kapton (0.01) (flat black)
SiOx/aluminized Z-306 Kevlar/Epoxy Mylar
Kapton (0.01) (flat black) ‘
Al O, 700A on LDEF Carbon/Epoxy | Polyethylene
Kapton H (<0.02) (C1.0)
Silicones Apiezon Grease Tedlar, clear
3.2)
Fluorpolymers Tedlar (white) Z-302(glossy black)
Teflon FEP Osmium (bulk) STS Carbon/Epoxy
(2.1-2.6)
MgF, on Glass
Mo (0.006)
S Glass/Epoxy
(0.14)

The major limitation of the current reaction rate data base is that atomic oxygen fluence to

which the recession rates are normalized are not precisely known. Atomic oxygen number densities

used to compute fluence for previous space flight missions were obtained using thermospheric

models to predict atmospheric constituent concentrations as functions of altitude, time of year,

Earth latitude and longitude, local solar time, and solar activity conditions. Typically, errors of as

much as 25 percent or more can be expected for the density estimations, and since they are used to

compute fluence, these errors also appear in the surface recession rates for satellite materials. To

improve the database, ambient density measurements need to be made simultaneously with

recession measurements during future flight experiments.

A summary of data obtained from space flight experiments conducted to date are shown-

quantitatively in Tables 2-2 to 2-6.




Table 2- 2. AO Reaction Efficiencies of Polymeric Materials in Low Earth Orbit

Material Reaction Efficiency, Flight Reference
x10™“% cm”/atom Experiment

Fluoropolymers:
. FEP Kapton 0.03 14
e  Kapton F <0.05 15
o  Teflon, FEP 0.037 16
e Teflon, FEP <0.05 17
o Teflon, TFE <0.05 15,17
e Teflon, FEP and TFE 0.0 and 0.2 ~ STS-5 18,19
e Teflon, FEP and TFE 0.1 STS-5 18
e Teflon 0.109 14
e Teflon 0.5 STS-5 18
e  Teflon 0.03 STS-5 18
e Teflon <0.03 20
Mylar 3.4 STS-5 17
Mylar 2.3 STS-5 18,19
Mylar 3.9 STS-5 18,19,20
Mylar ) 1.5t03.9 - 18
Mylar A 3.7 14
Mylar A 3.4 : 15,21
Mylar A 3.6 15
Mylar D . 3.0 15
Mylar D 2.9 21
Mylar with Antiox Heavily attacked 22
Polybenzimidazole 1.5 STS-5 17,23
Polycarbonate 6.0 24
Polycarbonate resin 2.9 25
Polyester-7% Polysilane/93 % Polyimide 0.6 17
Polyester Heavily attacked STS-5 17,22
Polyester with Antioxidant Heavily attacked STS-S 17,22
Polyethylene 3.7 17,18,21, 26
Polyethylene 3.3 14,15
Polyimides
° Kapton (black) 1.4102.2 STS-5 18,27
o Kapton (TV blanket) 2.0 STS-5 18
o Kapton (TV blanket) 2.04 19
e Kapton (OSS -1 blanket) 2.55 STS-5 18
e Kapton (OSS -1 blanket) 2.5 STS-5 18
e  Kapton H : 3.0 STS-5 15,17,18,19,20,28
e  Kapton H 2.4 STS-5 - 18,19
e  Kapton H 2.7 STS-5 14,18
e Kapton H 1.5t102.8 STS-5 18
° Kapton H ) 2.0 ) 14
o Kapton H 3.1 14
e Kapton (uncoated) .1 and .06 STS-8 29
Polymethylmethacrylate 3.1 26
25% Polysiloxane/45% Polyimide 0.3 STS-5 17
7% Polysilane/93 % Polyimide 0.6 STS-5 17
25% Polysiloxane 0.3 20
Polystyrene-Polyimide 1.7 17,20,26
Polysulfone 2.4 STS-5 17,26
Polyvinylidene fluoride 0.6 20
Siloxane polyimide (25% Sx) 0.3 23
Siloxane polyimide (7%) 0.6 23




Table 2- 3. AO Reaction Efficiencies of Therma_l Control Materials in Low Earth Orbit

Material Reaction Efficiency, Flight Reference
x10-24 cm3/atom Experiment
Black paint Z306 0.3-0.42 STS-8 30
White paint A276 0.3-0.42 STS-8 30
Black paint Z302 - 2.033 STS-8 30
Teflon, TFE <0.05 STS-5 17
Teflon, FEP <0.05 STS-5 15,17
TiO,, (1000 A) 0.0067 16
Tedlar (clear) 1.3 STS-5 18
Tedlar (clear) 3.2 STS-8 14,15
Tedlar (white) .4 and .6 18
Tedlar (white) 0.05 STS-5 18
Tedlar (white) 0.29 LDEF 31

(a)Units of mg/cm” for STS-8 mission.
assessment of efficiency can be made.

Loss is assumed to occur in early part of exposure; therefore, no

Table 2- 4. AO Reaction Efficiencies of Composites in Low Earth Orbit

Material Reaction Efficiency, Flight Reference
x10-24 cm3/atom Experiment

T300 Carbon/1034C Epoxy 2.1 STS-5 17
T300 Carbon/5208 Epoxy 2.6 STS-5 17
Epoxy 1.7 STS-5 17,26
Carbon (various forms) 0.5-1.3 STS-5 17
Carbon 1.2 20,23,24,32
T300/934 Epoxy 0.99 LDEF 33
T300/934 Epoxy 1.35 LDEF 34
T300/934 Epoxy 1.25 LDEF . 35
AS-4/3501-6 Epoxy 0.8 LDEF 33
C6000/PMR-15 Polyimide 0.9 LDEF 33
HMS/934 Epoxy 1.0 LDEF 36
P755/934 Epoxy 1.0 LDEF 35




Table 2- 5. AO Reaction Efficiencies of Lubricants and Coatings in Low Earth Orbit

Material Reaction Efficiency, Flight Reference
x10-24 cm3/atom Experiment

Silicones

e DC1-2577 0.055 21
e DC1-2755-coated Kapton 0.05 STS-5 18
e DC1-2775-coated Kapton <.5 STS-5 18
e DC6-1104 0.515 37
e Grease 60 mm Intact, but oxidized 38
o  RTV-615 (black, conductive) 0.0 32
o RTV-615 (clear) 0.0625 16
e RTV-560 0.022 34
e DC6-1104 0.022 34
o T-650 0.022 34
e DC1-2577 0.022 39
e RTV-670 0.0 31
e RTV-S695 1.48 40
e RTV-3145 0.128 31
Apiezon grease 2 mm >0.625 16
ALO, <0.025 41
SiO, (650 A) on Kapton H <.0008 28
Si0, (650 A) with <4% PTFE <.0008 28
SiO,/Kapton (aluminized) 0.01 STS-8 29

(a)Units of mg/cm2 for STS-8 mission. Loss is assumed to occur in early part of exposure;
therefore, no assessment of efficiency can be made.
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Table 2- 6. AO Reaction Efficiencies of Selected Metals in Low Earth Orbit

Material Reaction Flight Reference
Efficiency, Experiment
x10-24 cm3/atom
Aluminum (150 A) 0 31
Chromium (123 A) partially eroded 42
Copper (bulk) 0 25
Copper (1,000 A) on sapphire 0.007 26
Copper (1,000 A) 0.0064 37
Gold (bulk) 0 25
Gold appears resistant 22
Iridium Film 0.0007 25
Lead 0 30,31
Magnesium 0 30,31
Molybdenum (1,000 A) 0.0056 28
Molybdenum (1,000 A) 0.006 18,26
Molybdenum 0 30,31
Nichrome (100A) 0 31
Nickel film 0 25
Nickel 0 24,30
Niobium film 0 25,31
Osmium 0.026 STS-5 17
Osmium heavily attacked 32
Osmium (bulk) 0.314 25
Platinum 0 30,31
Platinum appears resistant 32
Platinum film 0 25
Silver 10.5 STS-5 16
Tantalum appears resistant 32
Tungsten 0 24,30
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2.1.2.2 Surface Recession Predictions

As discussed earlier, the amount of surface recession for a material of known reactivity is
directly proportional to atomic oxygen fluence, or the total number of atoms impinging on each
square centimeter surface area during the duration of the intended mission. Fluence, in turn, is
dependent on such parameters as spacecraft altitude, surface attitude relative to the spacecraft
velocity vector, orbit inclination, duration of exposure, and solar activity conditions during the
lifetime of the spacecraft (as atomic oxygen is produced by the photodissociation of molecular
oxygen initiated by the absorption of solar near-ultraviolet radiation, its concentration is known to
change as sun spot activity varies during the 11-year solar cycle).

To aid the spacecraft designers in estimating the atomic oxygen fluence effects on specific
surfaces under question, a parametric study was performed to evaluate the effects of altitude,
inclination, and solar activity on atomic oxygen fluence,* and its attendent changes in surface
recession. Altitudes and inclinations selected for this study ranged from 150 to 900 km and from 0
to 89°, respectively. Solar activity parameters used in the computations represented low, medium,
and high activity conditions. In addition, as fluence is also strongly influenced by surface
orientation, seven surfaces were selected for analysis as these parameters were varied. These
surface orientations included three E surfaces (ram and oblique effects), two I surfaces (solar and
antisolar), and two B surfaces (deep-space and Earth-viewing)." The results of this analysis
comprise a generalized description of the manner in which changes in surface orientation, altitude,
inclination, and solar activity affect total accumulated fluence.

Fluence as a function of altitude for various solar activities and surface orientations is shown in
Figure 2-1 (ref. 43). Atomic oxygen number densities used to compute fluence were obtained from
the MSIS-83 thermospheric model,* which predicts atmospheric constituent concentrations as
functions of input parameters such as altitude, time of year, latitude, longitude, local solar time, and
solar activity conditions. The solar flux index (Fy0.7 number) for each year the spacecraft is exposed
to the LEO environment was obtained by using Figure 2-2, which shows solar activity predictions
for solar cycle 22, the current cycle which began in 1988.* To provide conservative estimates of
accumulated fluence, 2c variations over the long-range statistical averages of the solar activity

indicators were used as inputs to the MSIS-83 model.*

 An E surface represents a body coordinate system fixed to the spacecraft that flies in a local vertical-local
horizontal (LVLH) flight mode; an I surface is a solar inertial coordinate system that rotates in two degrees of
freedom to maintain Sun-pointing attitudes; and a B surface is a space-viewing coordinate system that rotates in a
single degree of freedom to provide radiator attitudes for deep-space heat rejection.
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Figure 2-1 serves as a nomograph for calculating the amount of surface erosion in microns
(um; 10™* mm) for a material with R, = 3.0 x 10%* cm*/atom (e.g., Kapton) or for a less reactive
material with R, = 1.0 x 10%* cm’/atom (e.g., carbon/epoxy composite) for the given solar activity
conditions (the 10.7 cm solar flux index, F,,,; and the geomagnetic index, A;). During nominal
activity (F107=150; A,=15), the fluence on ram-oriented surfaces increased from 3. 1x10"® to
4.4x10” atoms/cm’ per year as the altitude is reduced from 900 to 150 km. As expected, the
fluence increases with increasing solar activity. For example, at a nominal altitude of 500 km
(Space Station), the yearly fluence on these surfaces increases from 4.6x1019 to 2.2x1021
atoms/cm? as solar activity increases from minimal (F,7=70; Ay=0) to maximum (F,7=230;

A,=35).

Fluence is also strongly influenced by surface orientation as shown in Figure 2-3 (ref. 45). For
example, the fluence for surface 1E (ram conditions) situated in a circular orbit of 500 km during
nominal solar activity is 7.4x10*' atoms/cm’ per year. In comparison, B surfaces subjected to
windward conditions at solar noon and I surfaces that are antisolar viewing undergo yearly fluences
of 3.3x10%° and 2.7x10%° atoms/cm’, respectively, or 45% and 36% of ram exposure. On the other
hand, solar-viewing I surfaces and leeward B surfaces accumulate less fluence, 1.5x10% and
1.4x10 atoms/cm’, respectively. This difference can be explained using Figure 2-3. Solar heating
effects produce a slight bulge in number density at approximately 40° east of solar noon. The
former surfaces fly through this bulge and the latter surfaces are protected from it because of wake
effects. During the night exposure, the relative orientations of these surfaces are protected from it
because of wake effects. During the night exposure, the relative orientations of these surfaces are
reversed, but since the nighttime number density is lower (4.2x10’ as compared to 1.4x10°
atoms/cm?), the reverse sides undergo less flux, or lower fluence.

The results of inclination changes are shown in Figure 2-4 (ref. 45). During spring and fall
equinoxes, the density bulge produced by solar heating lies along the Equator and decreases at high
latitudes. During the summer solstice (June 22), this bulge is 23.5° above the equatorial plane and
orbits near this location are characterized by higher fluences.
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Figure 2- 3. Surface Orientations Relative to Atomic Oxygen Density Variations at Solar
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Surface recession predictions as a function of atomic oxygen fluence can be determined from
the nomograph of Figure 2-1 by using the following procedures (ref. 45):

1. Estimate the solar flux index (F1( 7 number) for each year the spacecraft is exposed to
the LEO environment by using Figure 2-4, which shows solar activity predictions for
solar cycle 22, the current cycle which began in 1988.

2. Select spacecraft attitude and orbital altitude of the surface in question.

3. Using the above information, read from the lower nomograph scale the amount of
fluence per year for each year the spacecraft is in operation. To obtain an estimate of
the amount of surface recession on a per year basis for the material under
consideration, multiply these fluence values by the material reactivity values shown in
Tables 2-2 to Table 2-6. These calculations yield the amount of surface recession (in
centimeters) for each year the spacecraft is exposed to orbital conditions.

NOTE: If the material is highly reactive, such as Kapton (R, = 3.0 x 10-24
cm3/atom), an estimate of surface erosion on a per year basis may be obtained directly
from the upper horizontal scale of the nomograph.

4. Sum the values of (1) fluence per year, and (2) surface recession per year calculated in
Step 3 over the lifetime of the spacecraft. These quantities represent a good estimate
for the total fluence and total surface recession that each surface in question will
experience during the lifetime of the mission.

2.1.2.3 Example

Assume a spacecraft is designed to operate at an altitude of 500 km and is launched into an
orbit with an inclination of 28.5°. Also assume the spacecraft is gravity-gradient stabilized, is
delivered to orbit during 1990, and has an intended operational lifetime of one year. The amount of
surface recession on ram-oriented Kapton surface is determined from the nomograph as follows:

1. From Figure 2-4, a launch date of 1990 represents maximum solar activity conditions
(F10.7 = 230).

2. From the nomograph of Figure 2-1, curve "1EMAX" represents ram exposure for
these altitude conditions. Reading across the altitude scale of 500 km, the fluence and
surface recession are 2 x 1021 atoms/cm?2 year and 60 pm/year, respectively. Thus, a
highly reactive material such as Kapton with a thickness of 127 um (5.0 mil) will lose
60 pm (AX = F x Re: 2x10% atoms/cm” x 3.0x10* cm*/atom = 6.0x10™ cm), or
47 percent, of its thickness during the time the spacecraft is in operation. Using the
data in Tables 2-2 to 2-6, if the material is a fluoropolymer, such as Teflon (R, <
0.05x10”2* cm*/atom), the thickness loss will be 1.0 pm (0.4 mil), or 1/60th the
amount predicted for Kapton. From LDEF the predicted R, for Teflon is 3.64x10%
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cm’/atom (see page 10-129) in which case the thickness loss would be 7.3 um (AX =
Fr x Re: 2x10* atoms/cm” x 3.64x10% cm®/atom = 7.28x10™* cm).

3. If the surface in question is solar inertial, such as solar array panel, curve "1IMAX" on
the nomograph represents one side exposure for solar inertial surfaces during the time
this spacecraft is intended to operate. Under these conditions, the fluence and surface
erosion would be 3 x 10%° atoms/cm® year and 10 pm/year, respectively. For two-
sided exposure, this would represent a thickness loss of 20 pm and if the solar array
substrate is 127 um in thickness, 16 percent of the Kapton material would be eroded
away during the operational period of the spacecraft. Coating the Kapton with SiOx or
ITO would reduce this erosion rate by a factor of 300 (see Table 2-1) and would result
in a thickness loss of only "0.06 pm. Thus, materials unsuited for these applications
can be protected from the LEO environment by coating them with materials having low
reactivity rates.

Figure 2-5 shows the surface erosion or thickness loss in mils per year of spacecraft operation
for Kapton as well as for other materials with different reaction efficiency values.*’

ALTITUDE (km)
102120 150 175 200 250 300 350 400 450 500 550 600 650 700 750 800 840 900 100
10
1‘
1 ~
102 I
103 1 =O= KAPTON (3.0)
104 == TEFLON
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107 -0~ ITO
108 T T 7 _
O1M 94.013.043
THCIKNESS NOTE: STD ATM, ORBITAL VELOCITY = 8km/s
LOSS (mils)

Note: Multiply by 25.4 to obtain thickness loss in pm.

Figure 2- 5. Nomogram for Atomic Oxygen-Induced Surface Erosion for Solar Inertial
Facing Surfaces
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2.1.2.4 Screening Techniques

Materials considered for spacecraft construction need to be evaluated by spacecraft designers
for susceptibility to atomic oxygen interactions. The above mentioned techniques can be used to
predict the amount of surface erosion that would be experienced by surfaces in question during an
intended mission. If the amount of surface degradation is considered unacceptable, sensitive
materials can be coated with low atomic oxygen reactivity materials, such as silicone oxide,
aluminum oxide, RTV silicone, etc. (See Chapter 8 - Protective Coatings), or they can be
substituted for materials with similar properties, but which are less reactive in an atomic oxygen
environment. Table 2-7 summarizes the atomic oxygen effects on materials.

Table 2- 7. Atomic Oxygen Effects on Materials

Material Atomic Oxygen Effects

Composites Erosion from carbon fiber composites can be predicted from carbon reactivity.

Glass fiber composites become self protecting.

Paints Diffuse paints erode non-linearly.
Polymers Unfilled polymers react linearly with atomic oxygen.
Metals Reaction is non-linear and strongly dependent on temperature, stress and

microstructure; accommodation on the order of less than 10 atoms per 104 incident.

Glassy Ceramics Densification accompanied by a decrease of less than a few hundred angstroms
results from space exposure.

2.1.3 Atomic Oxygen Effects on Optical Properties

All materials which form volatile oxides upon atomic oxygen bombardment have been found to
develop a microscopic surface texture composed of left-standing fibrils or cones. This texture
tends to have an influence on the optical properties of materials, causing a significant increase in
diffuse reflectance. Table 2-8 delineates the changes in solar absorptance and thermal emittance of
materials exposed to low-Earth orbital atomic oxygen.
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Table 2- 8. Effect of LEO Atomic Oxygen on Optical Properties of Materials

Material Change in Optical Properties Due to
Atomic Oxygen Reference
Solar Emittance | Reflectance
Absorptance

Ag/FEP 0.006 0.0 — 48
Al/AL0, -.006 0.0 -—- 52
AlMgF, - — 0.0 41
Al,0,/Al (He) 00 |- 0.0 33
AlL,0,/Al (Le) -.005 0.0 — 52
Aluminized FEP Teflon, second -.006 0.0 — 52

surface mirror (0.025 mm thick) .05 -.19 -— 49
Al Kapton
Al Kapton .048 .018 — 39
Aluminized Kapton, second surface 1 -.062 -.007 —— 39

mirror, uncoated (0.052 mm thick) -.23 -.59 ————- 53
Aluminum (150A) 0.0 0.0 0.0 41
Aluminum (chromic acid oxidized) 0.0 0.0 0.0 33
Black, carbon-filled PTEE -.16 -.05 — 53

impregnated fiberglass (0.127 mm thick)
Black Cr on Cr on Mo — —— .20 50
Black Ir on Mo - —— -75 54
Black Rh on Mo (matte) — |- -.25 54
Black Rh on Mo (specular — - -.50 54
Bostic 463-14 .01 0.0 — 55
Chemglaze A276 (w/modifiers) .006 to .016 | .02 ————e 42
Chemglaze A276 (white) .005 .03 -.039 41,33
Chemglaze Z004 .01 0.0 — 55
Chemglaze Z302 (glossy, black) .011 - -.01 37
Chromium (123A) 0.0 0.0 0.0 33
FEP Teflon with silver undercoat .006 0.0 - ————
GE-PD-224 0.0 0.0 -— 51,55
GSFC (green) -.002 — — 40
Indium tin oxide coated .006 .004 - 39

Kapton H with aluminized backing ————-
ITO ring .006 .004 -— 39
ITO (S) Sheldahl, black/Kapton (sputtered) .01 0.0 55
ITO (VD) Sheldahl, black/Kapton (vacuum 0.0 0.0. — 55
deposited)
Ir foil on Al ———- -—--- 0.0 54
KSAT glass — — *..051t0.01 |54
Kapton with aluminized backing .048 .018 — 39
Kapton H (aluminized) .041 -—— -.051 54
Mo (polished) - - 0.0 52
Nickel .005 0.0 — 52
Ni/Si0, , -.004 0.0 - 52
Polyurethane A-276 .023 - .01 40
Polyurethane A276 glossy white .002 —— 2 40
Polyurethane A276 with 0.5 mil 01650 .002 - -3 40

overcoat
RhfoilonAl ] e e 0.0 54

*More reflective as a result of the exposed Mo substrate.

*Low absolute reflectance (-0.5 to 1 percent).
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Table 2- 8. Effect of LEO Atomic Oxygen on Optical Properties of Materials (Continued)

Material Change in Optical Properties Due to
Atomic Oxygen Reference
Solar Emittance | Reflectance
Absorptance

S13-GLO -.005 0.0 —— 52
Si0, (650 A on Kapton H) 0.0 0.0 0.0 33
Si0, .039 -.002 — 39
Silicate MS-74 0.01 0.0 — 52 ,42
Silicone (black, 0.0 -.005 — 42

Conductive)
Silicone RTV-602/Z302 .004 ———— e —
Silicone RTV-650+Ti0, .001 -.01 —— 42
Silicone RTV-670 -.004 — .001 41
Silicone S1023 -.022 -.02 — 53
Siloxane coating, RTV 602/on 0.0 0.0 ———— 53

aluminized Kapton

second surface mirror substrate
(0.008 mm thick coating) (0.052mm

thick Kapton)
Ti/"tiodized” alloy -——-- —— .25 54
Ti/"tiodized” CP —_— |- .40 54
Urethane (black, conductive) .042 .55 e 42
Urethane inhib A-276 0.0 .01 — 42
YB-71 .004 0.0 —— 52
7302 glossy black .043 - -4.3 40
7302 with MN41-1104-0 overcoat -.002 ———— —— 54
7302 with OI 651 overcoat 0.0 -—--- —— 58
Z302 with OI 650 overcoat -.001 — .1 40
Z302 with RTV-602 -.004 —— ———-- 40
Z302 with RTV-670 -.004 B — 4 40
7306 .022 0.0 52
Z306 (flat black) .028 -——-- — 40
7853, glossy yellow with .011 ———— ———— 58

MN41-1104-0 overcoat
7853, yellow -.034 - ——— 40
401 - C10 flat black .005 - — 40

“Contrast in different spectra between STS-8 and control. Possible aging effects on controls.
4Aging effects similar in STS-8 and control. No exposure effect.
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2.2 ULTRAVIOLET (UV) RADIATION/SOLAR EXPOSURE EFFECTS

2.2.1 Introduction

The Sun's extreme ultraviolet (EUV) and UV output varies in a pattern similar to sunspot
number (SSN), and this variability translates into a variation of energy available to the
thermosphere. The resulting variation of exospheric temperature, in turn, produces a solar cycle
variation of atmospheric density. Since little EUV radiation reaches the ground, direct EUV flux
observations have been made only rarely. However, one can infer the value based on solar radio
flux measurements at 2800 MHz because EUV and 2800-MHz fluxes have shown a fairly good
correlation. The 2800-MHZz flux is better known as the 10.7-cm flux (or Fy07). Although the
correlation is not exact (and varies from one sunspot cycle to the next), the patterns are similar
enough to be useful.

The wavelength range of solar ultraviolet radiation present in LEO is between approximately
0.1 and 0.4 pum, which is a small portion of the solar irradiance curve shown in Figure 2-6.*° The
total energy provided by radiation in this wavelength range is approximately 8% of the solar
constant, where the solar constant is defined as the total energy provided by the Sun over all
wavelengths up 1000 pm and is equal to 136.7 mW/cm2.
0.25m

Tl

0.20

WATTS/ 15
cm< X pm

0.10

0.05

PPy gy gy gy o

o
o
wn

1.0 15 20 25 3.0
WAVELENGTH, pm

O1IM 94.013.123

Figure 2- 6. Solar Spectrum At Air Mass Zero

The UV spectrum is divided into three parts - the vacuum or extreme UV below 200 nm (0.2
pm), the far UV from 200 nm to 300 nm, and the near UV from 300 nm to 400 nm. This UV
radiation is energetic enough to cause the breaking of organic bonds as shown in Figure 2-7 (ref.
55). Although the solar radiation below 0.2 um represents less than 0.001% of the solar constant,
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its presence may promote breakage of important organic structural bonds, such as C=C and C=0
and functional groups.

10 /CJ X
| [ —Si-O-
8 |- C=0
Cc=C
/
BOND O _CFyF .
ENERGY, .
eV 4+ .
2
0 l L[

0.10 0.18 0.26 0.34 0.42 0.50
WAVELENGTH, pm

OIM 94.013.124
Figure 2- 7. Wavelength Requirement to Break Various Polymeric Material Bonds.
Because atomic oxygen is present in LEO, it is expected that the reaction intermediates from
the photon absorption will react with reaction intermediates from the oxidation process. This
photo-oxidation can lead to discoloration and reduced iransparency of some polymers. Chemical
changes in the molecule as a result of these reactions may also lead to the formation of polar groups
which may affect electrical properties.*®

2.2.2 Optical Properties Changes

Most of the major research emphasis has been on changes in optical properties of polymer
films. LDEF revealed a larger increase in the o, of SI3G/LO white compared to Teflon film. This
is attributed to the radiation vulnerability of the silicone binder of the S13G/LO white paint. The
silicone is a hydrocarbon organic, and its chemical bonds are known to have lower binding energies
than those of the fluorocarbon bonds of Teflon (see Figure 2-7). Thus, it is probably reasonable to
ascribe the difference between the A, of the S13G/LO white paint and that of Teflon to radiation
damage. Laboratory experiments have been performed to determine the effects of UV radiation on
the optical properties of various types of polyimides.”” In terms of ultraviolet radiation degradation
mechanism, the most stable polyimide materials were those which contained both oxygen and -
C(CFs), bonds, and the poorest performers were those which contained sulfur atoms within the
polymer molecular structure.

Comparative flight and laboratory data on solar absorptance, Aa,, changes as a function of
equivalent solar hours for a zinc oxide-potassium silicate coating Z-93 are shown in Figure 2-8 (ref.
55).
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Figure 2- 8. Comparison of Flight and Laboratory Data on Z-93 Coating

The combined UV and solar wind plasma experienced on Lunar Orbiter V was under-simulated in
the laboratory. The UV degradation experience by OSO-III and Pegasus was over-simulated in the
laboratory test. Laboratory Aa, was generated using a short arc xenon UV source and a 3 keV
solar wind proton source with thermal electrons for charge neutralization.”

b Comparison of the spectral irradiance of a xenon short-arc lamp with a quartz envelope to the solar irradiance at air ma:
zero clearly shows that xenon has a good UV solar match from approximately 0.2 to 0.7 micrometers, but is much mo
intense in the infrared region. This IR radiation leads to over heating of test specimens when accelerated exposure

attempted. Acceleration factors of only 3X are possible without substantially overheating the test specimens.
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Figure 2-9 illustrates the change in spectral reflectance due to UV exposure in vacuum for a
zinc-oxide, pigmented silicone paint S-13 (ref. 55). The figure also illustrates that upon
introduction of air (oxygen) into the vacuum system, bleaching occurs which eliminates the UV
degradation to this coating. More or less complete recovery of degradations caused by irradiation
in a vacuum were noted when several white paints were returned to the air.
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Figure 2- 9. Structural Reflectance of Zinc Oxide-Silicone
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Figure 2-10 shows the in-air recovery of the white paints PSB and SG11FD after combined
irradiation with UV and particles in vacuum.”® This bleaching of white paints has led to the need
for in situ testing of spacecraft coatings.
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(A) in air, before irradiation,

(B) in vacuum, before irradiation,

(C) in vacuum, after combined irradiation with UV (6250 esh), electrons (2.5x10" electrons cm™ s™ of
400 keV) and protons (5x10* protons cm” s of 45 keV, 5x10™ protons cm” 5™ of 240 keV),

(D) after 5 days in air, post-irradiation.

Figure 2- 10. In Air Recovery of the White Paints PSB and SG11 FD After Combined
Irradiation with UV and Particles in Vacuum.
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A high value of solar transmittance (a.<0.09; see page 10-130) in the wavelength range
between 0.3 and 0.6 um is necessary for polymer used as second surface reflectors (e.g., metallic-
coated Teflon tapes). UV radiation degradation of this transmittance may result in decreased
efficiency of the thermal control surface. The thermal control performance of Ag/FEP in the LEO
environment has generally been stable unless erosion of the Teflon on the leading edge by AO
erosion occurs, which can obviously result in emissivitv changes. As was observed on LDEF, 80 to
90 percent of the 127 pm (5-mil) silver Teflon surfaces showed minimal degradation compared to
typical values of 0.05 to 0.07 for unflown silver Teflon.”® In the remaining area, the o had
increased to values ranging from 0.28 to 0.4, but in these regions, the silver Teflon either had been
visibly contaminated or had exposure on both sides of the film, resulting in severe degradation of
the Inconel and silver metallization layers.

Comparison of the space environment effects on silver Teflon blankets with other flight
experience of different altitudes and mission duration is summarized in Table 2-9 (ref. 59). The
Solar Max repair mission, conducted on STS-41-C after the deployment of LDEF in 1984, returned
127 pm silver Teflon surfaces that had been in orbit from February 1980 until April 1984 at
altitudes that decreased from 574 to 491 km. Post-flight measurements of solar absorptance were
made in many areas with values of 0.06 to 0.11 representing 80 to 90 percent of the area.*’

Among other spacecraft flown at altitudes less than 1,000 km, specimens on both OSO-H* and
ML-101% experiments showed rapid changes of about 0.02-in absorptance during the first month
in orbit, followed by very slow, small changes over the following months and years. A likely cause
of the early changes was contamination due to rapid outgassing and initial venting of the spacecraft.
The more recent shuttle flights were too short in duration to cause large changes in silver Teflon.*®

Table 2- 9. Flight Experience with Metalized Teflon

Altitude (Inclination) Spacecraft Thermal Property Changes
235,639 x 201,599 km (17°) IMP-H Ao, 20.07 over 12,000 esh
237,056 x 370 - 1600 km (29°) | IMP-1 Large Ac., over time
43,288 x 27,578 km (7.9°) P78-2 (SCATHA) Ao, > 0.2 over 10 years (727,800 esh)
778 x 737 km (98°) ML-101 Ao, < 0.02 initial; then low Ac, over time
574 - 491 km (28.5°) Solar Max Ao, £0.04 typical; some areas 0.28 to 0.4 ("4 years)
560 x 327 km (33°) OSO-H Rapid Aa., /& 70.02, then constant (~8000 esh)
480 - 330 km (28.5°) LDEF Aa,, £0.01 typical: some areas >0.24 (5.8 years)
270 km (28.5°) STS-41G (EOIM-II) | Slight changes (< 100 esh)
220 km (28.5°) STS-8 (EOIM-]) Slight changes (< 100 esh)
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As shown by the LDEF results, the effects of sunlight (including UV) on all spacecraft will
require careful selection of exposed materials to avoid those materials that change their a.g/e ratios,
optical transparencies or reflectivities, and other properties that affect the thermal behavior of the
spacecraft. The abilities of optical transmitters or receivers (sensors) to function can be affected.

These material selections are considered to be design changes required by the environment (sunlight
in this case).
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2.2.3 Mechanical Properties Degradation

UV radiation has also been shown to degrade mechanical properties of polymeric materials as
is shown in the degradation in the tensile strength of Mylar. Figure 2-11 illustrates the effect of
ground-simulated UV radiation on the performance of protected and unprotected Mylar. Solar
ultraviolet irradiation can lead to crosslinking of polymer surfaces which may lead to embrittlement
and possibly to surface cracking.®*
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STRENGTH
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_— ALUMINIZED MYLAR
80
~—g
60
UNPROTECTED MYLAR
40
20 TOO BRITTLE
/ TO TEST
0 | | ! ! 1 l
0 25 50 75 100 125 150 175
HOURS IRRADIATION (BH-6 U.V. LAMP)
O1M 94.013.126

Figure 2- 11. Effect of Ground Simulated UV on the Tensile Strength of Mylar

Mechanical property changes that occurred in 127 um (5-mil) silver/Teflon on LDEF are
indicated by the property data summarized in Table 2-10 and Figure 2-12.°° Teflon on LDEF
trailing edge (i.e., rows 1 to 6; where AO fluence was low), was embrittled due to solar exposure,
decreasing the percent elongation to failure by about 20 percent and the ultimate tensile strength by
about one-third relative to controls (see also Figure 2-12). Teflon from the leading edge (i.e., rows
with high AO fluence), was still flexible with percent-elongation to failure values only slightly
decreased relative to controls. The implication is that for one group of blankets erosion of the UV-
affected surface layer by AO resulted in no degradation of the film strength (based on the remaining
cross-sectional area, after erosion), while for the other group (i.e., low AO fluence), the changes in
the chemical structure and embrittlement due to the effects of long-term solar ultraviolet radiation
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has occurred in the bulk of the FEP. The leading-edge mechanical properties are not significantly
different, although thinning of the Teflon would ultimately lead to reduced mechanical properties.

Table 2- 10. Mechanical Properties Changes of Teflon with Exposure on LDEF

Teflon from Blankets % Elongation to Failure Ultimate Tensile Strength,
(+40%) N/mm® (43 N/mm?)
Trailing Edge, Rows 1to 6
Exposed 230 14
Masked 300 21
Leading Edge, Rows 7 to 11
Exposed 290 19
Masked 310 20
TENSILE
STRENGTH
(MPa) (Ibs/in?)
25
|
o EXPOSED
® UNEXPOSED d °
. o
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Figure 2- 12. UV Effects on the Tensile Strength of Teflon Specimens from Rows 1-6.
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2.3 MICROMETEOROID AND DEBRIS IMPACT

2.3.1 Introduction

Hypervelocity impact features are produced by collisions between space debris particles or
dust and small meteoroids with spacecraft surfaces. A significant amount of work has been
performed by the LDEF Meteoroid and Debris Special Investigation Group and other LDEF
experimenters in documenting, analyzing, and modeling the vast number of hypervelocity impacts
that occurred on LDEF.® Impact damage is becoming importance because future satellites are
being designed for ever-longer mission times (e.g., 5 to 10 years), and the debris environment is
steadily worsening. This section introduce to the system designers and engineers an awareness of
the extent of damage which can be caused by impacts onto different types of spacecraft materials.
In addition, program managers should have a better understanding of the need to thoroughly assess
this damage. With increased awareness and improved understanding, spacecraft can be designed
which will have improved reliability, survivability, and performance, even during long missions.

2.2.2 Impact Fluence Models

The microparticle environment is described in terms of two separate models, one for the man-
made debris, and the second one for the naturally occurring micrometeoroids. The phenomenology
numerically computed models are provided by B.G. Cour-Palais®’ for micrometeoroids and by D.
Kessler® and R.C. Reynolds for space debris. These micrometeoroids and debris models are
outlined in NASA SP-8013 and in NASA-TM-100471, respectively. Recent 1990
micrometeoroids data are provided in a Phillips Laboratory briefing by Kessler. Cour-Palais et al.
provides a general model of the near-Earth micrometeoroid environment. Eberhard Grun's 1985
model® provides an update to the Cour-Palais model by including the beta meteoroid environment.
The Kessler debris model, developed in 1987, has been widely adopted and used by the U.S. '
Department of Defense, NASA, and the European Space Agency (ESA).

2.2.3 Comparison of Fluence Models to LDEF Results

The environment models continue to be updated with the addition of LDEF data. With these
updates, predictions have been done for the LDEF satellite using the most recent version of the
Kessler debris model. Some selected results are shown in Figures 2-13 and 2-14.° In general, the
existing models fit the experimental data within a factor of two to three of the actual data from
LDEF. Note that the true LDEF ram surface was accidentally set at 8° to the intended orientation
(toward the North).
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Figure 2- 13. Comparison of Crater Diameters to Number of Craters per Square Meter:
Comparison of LDEF Data to Model Predictions for 172° From Ram.
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Figure 2- 14. Comparison of Crater Diameters to Number of Craters per Square Meter:
Comparison of LDEF Data to Model Predictions for 8° From Ram.
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Comparison of the survey of the meteoroid and space debris impacts on the various LDEF
experiments to curves derived from the Kessler debris model and the Cour-Palais micrometeoroid
model indicates that these models over predict small impacts (<100 micron) and may under predict
large impacts (>1000 micron) while having fair to good agreement for the intermediate impacts.”
The impact LDEF data are based primarily on crater counts, especially in the aluminum structure of
LDEF (longerons and intercostals). It is observed that for the smallest particles the crater count
asymptotes, whereas the Kessler debris model predicts a steady increase with decreasing particle
size. This effect may be due to the anodized coating on the aluminum. This alumina coating is
both tougher and of higher density than the metal. Consequently, the craters will be smaller than in
the metal and may artificially cause the roll-off. Other data, available from the Interplanetary Dust
Experiment (IDE) on LDEF, also provide information for the smaller particles. These data indicate
a higher flux than the aluminum crater count. It should also be noted that the IDE data are for
mean flux rates, whereas the actual time dependent IDE data show dynamic variations in flux rates
ranging from 0 to 1000 times the mean flux rate. The IDE data also indicate that the many orbital
particles are in elliptical orbits (again not predicted in the models) and that these particles are in
clouds, thus causing the dynamic flux rate variations.

Using the Kessler model, the predicted number of penetrations, Nh/fnz, and the actually
observed number of holes in the thermal blankets covering the Ultra High Cosmic Rays (UHCR)
experiment AO178 on LDEF were compared to model predictions, and the results are shown in
Table 2-11.7

Table 2- 11. Comparison of Predicted and Observed Number of Holes on LDEF Thermal

Blankets.

Row Predicted, Np,/m2 Observed, Np/m?
1 93.4 85
2 33.3 32.5
4 18.7 29
5 48.2 31.3
6 125 70
7 203 195.5
8 264 232
10 280 350.7
11 247 237
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2.3.4 LDEF-Derived Model for Predicting Micrometeoroid/Debris Impacts

The micrometeoroid/debris observed on the LDEF was transformed into a nomogram format
useful for estimating the total number of hits that could be expected on a space structure as a
function of time in orbit, angular location relative to ram and exposed surface area. The nomogram
can then be applied to determine the total cumulative damage that could be expected over a 30-year
lifetime in space for an exposed structure.

From the individual LDEF experiment trays, counts of micrometeoroid/debris crater impacts
were compiled utilizing the data from T. See et al.” Humes has shown the significant dependence
of meteoroid/orbital debris flux vs. angle from velocity vector as derived from model calculations
and from the LDEF experiment S0001 data.”* A summary of the crater impact data of diameter >
0.1 mm reported for each type of surface in each row is provided in Table 2-12.” The count
column lists the total number of craters. Area column lists the area (square meters) used to
calculate flux values. Flux column provides the reduced counts of impact craters per square meter
per year, for each type of surface. The angle “Beta” is the angle from the velocity vector (or ram)
to the normal to each row. Note that Beta increases with increasing row number in a positive value
up to 180 degrees. Negative values mean the direction is decreasing with row number up to a -180
degrees. As an example, row 9 is a minus 8 degrees.”

Directional dependence of meteoroid/debris impacts as a function of the angle from the
velocity vector can be seen from the count and flux data. Apparent flux variations occurred within
the same row for different materials. Flux values derived from impacts on experiment surfaces are
normally lower than those from the structure or thermal panels. Each experiment was composed of
a variety of different materials. Impacts on some surfaces exhibited excellent contrast making
identification for counting fairly easy, while other materials, such as composites, exhibited very
poor contrast making it much more difficult to identify impacts. The LDEF structure and thermal
panels had smaller exposed areas than the experiment surfaces, but each consisted of the same type
material and coating resulting in a more reliable and consistent count.
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Table 2- 12. Crater Impact Data

Row Experiments & Trays LDEF Structure Thermal Panels
No.
Count | Aream’ Flux Count | Aream’ | Flux Count | Aream’ | Flux Angle
Beta
1 622 6.58 16.43 112 1.22 15.95 46 0.316 25.33 +122°
2 126 6.58 3.33 68 1.22 9.68 36 0.316 19.83 +142°
3 399 6.58 10.54 74 1.22 10.54 10 0.316 5.49 +172°
4 311 6.58 8.22 96 1.22 13.67 15 0.316 8.26 +158°
5 846 6.58 22.36 184 1.22 26.20 29 0.316 15.97 +128°
6 915 6.58 24.15 442 1.22 62.94 12 0.316 6.60 -98°
7 2108 6.58 55.71 572 1.22 81.46 170 0.316 93.62 -68°
- 8 3289 6.58 86.92 939 1.22 133.72 175 0.316 96.37 -38°
9 3077 6.58 81.40 924 1.22 131.59 246 0.316 117.53 -8°
10 3118 6.58 82.40 652 1.22 92.85 204 0.316 112.34 +22° -
11 2435 6.58 64.35 493 1.22 70.21 168 0.316 92.52 +52°
12 1620 6.58 42.81 321 1.22 45.71 132 0.316 72.56 | +82°
Space 112 5.966 3.26 79 -—_ —_ 165 4.65 6.16 ~90°
| Eu
Earth 1095 5.966 31.92 649 — - 1200 4.65 44.82 “90°
End

All of the flux data listed in Table 2-12, is plotted graphically in Figure 2-15.”7 The data was
summarized for each longitudinal panel to yield an angular () distribution of total impacts around
LDEF after 5.75 years in low Earth orbit. Figure 2-15 presents two distributions based on the
“total” reported hits that were recorded by unaided visual observation, and those hits which were
> 0.5 mm in size. It should be noted that the data shown are strictly valid only at 8 = O°, +30°,
+60°, 90°, +120°, +150°, 180°, and the curves cannot be integrated to give a total number of
impacts. This curve has not been corrected for the 8° yaw angle of LDEF.

Based on the number distribution presented in Figure 2-15, it is possible to construct a general
purpose nomogram which permits a user to estimate the total number of impacts on a satellite or
component (at the LDEF nominal altitude and inclination) for any value of time in orbit, angular
location around the satellite or space structure (constrained by 6, = n x 30° where n=0,1,2 ...12,
corresponding to a 12-sided polygon model of the satellite or component), and exposed area. For
example, Figure 2-16 presents the nomogram for LDEF based on a longitudinal panel area of ~10
m?, assuming a nominal impact fluence of 300 impacts/m (ref. Tennyson and Manuelpillai, 1993).
The example panel shown in Figure 2-16 corresponds to 6=30°. Thus the intersection of 6-30° and
the LDEF time in orbit axis (~5.75 years) yields an impact fluence of ~300 impacts/m’. Following
up along this constant fluence curve until one intersects the desired panel area (10 m?), one can
then translate horizontally across the graph to the “Number of Impacts” ordinate. For this
example, one obtains N = 3100 which agrees with the number plotted in Figure 2-15.
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Figure 2- 15. Circumferential Distribution of Micrometeoroid/Debris Impacts on LDEF
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Figure 2- 16. LDEF Micrometeoroid/Debris Nomogram

Using the LDEF data from Figure 2-15, knowing panel areas and total time in orbit, one can
construct a general purpose nomogram for varying areas of exposure and impact fluence levels as
shown in Figure 2-17 (ref. Tennyson and Manuelpillai, 1993). Once again it must be stressed that
these curves can only be used to estimate the total number of impacts at discrete angles defined by
0,=nx30°,n=0, 1,2, .., 12, and are strictly valid for an LDEF average altitude of ~463 km and
inclination of 28.5°. Later it will be shown how to correct these numbers for different altitudes and
orbital inclinations.
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Figure 2- 17. Nomogram for Estimating Total Number of Micrometeoroid/Debris Impacts
for Arbitrary Exposed Surface Areas as a Function of Angle Off Ram, and Time in Orbit.
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As an example on how to use the nomogram and the 12-sided polygon model to calculate the
number of impacts on a structure, consider the case of a circular cylinder, 0.5 m in diameter, 10 m
long, after 30 years in low Earth orbit. The following results were obtained on the total number of
hits on each panel (Nn) forn=1, 2, ..., 12 together with the average impact separation distance
(Dn), assuming a uniform distribution.

() Panel Area (A)

¢ =2Rsin¢
For the 12-sided polygon ¢ = 15°
therefore, c = 0.13 mand A = 1.3 m?

(ii) Nn distribution from Figure 2-15 (30 years)
0°n N (est.) Dy’ (ems)
0 2070 2.5
30 2070 2.5
60 1680 2.8
90 1100 3.4
120 450 5.4
150 325 6.3
180 290 6.7
-30 2260 2.4
-60 1680 2.8
90 615 4.6
-120 550 4.9
-150 225 7.6

* = average impact feature separation distance on panel, assuming uniform distribution.

Although the particle flux LDEF was not strictly uniform in time, averaging over long periods
of time (of the order of many months) is a reasonable approximation.
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2.2.5 Micrometeoroid and Debris Impacts on the Solar Max Mission Satellite

Thermal blankets and louvers, exposed to space environment for 50 months in low-Earth orbit,
were retrieved by Shuttle astronauts during Solar Max repair mission STS-41C. These louvers and
blankets have been inspected by means of scanning electron microscopy in order to determine
fluxes and origins of the impacting projectiles. The aluminum louvers were penetrated by 64
impacts, which made holes ranging from 180 micrometers to 820 micrometers in diameter. Most of
these holes were made by micrometeorites as identified by chemical analysis of projectile residue
associated with each hole. Seven holes were made by small particles of orbital debris.

Figure 2-187 shows the overall flux of holes and craters on the aluminum louvers over the
size range from 10 micrometers to 1 millimeter. For the size region dominated by holes, the
micrometeorite curve is clearly higher than the orbital debris curve. The transition region between
holes and craters is clearly shown in the region around 200 micrometers. While not shown on this
figure, chemical data indicate that a high proportion of the smaller craters are formed by debris
projectiles rather than micrometeorites. Therefore, the flux curves must cross over, probably in the
crater region between 50 and 100 micrometers. Hence, small projectiles (approximately those
which make less than SO micrometers crater diameters on aluminum) are dominated by orbital
debris (mainly paint pigments with lessor aluminum oxide solid rocket exhaust), and the narrow
region between projectiles making holes or craters in aluminum from about 0.1 mm (100 um) to
possibly 1 cm is dominated by natural meteoroids.
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Figure 2- 18. Size Distribution of Craters and Holes on the Solar Max Mission Aluminum
Louver

Orbital debris holes clearly are a minority of the population in the 200 micrometers to 1
millimeter region. However, that is somewhat misleading. Orbital debris particles have a mean
velocity relative to a satellite in low-Earth orbit of about 10 km/sec, but micrometeorites have a
mean velocity of about 20 km/sec relative to the satellite. Therefore, debris particles of equal mass
and density as micrometeorites are likely to make smaller holes or even craters rather than holes.
Consequently, the difference between the abundance of mcirometeorite holes and orbital debris
holes does not accurately reflect the difference in flux between these two populations; the fluxes are
more nearly equal than is indicated by the hole data.
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2.2.6 Deficiencies of the Microparticle Models

Many deficiencies should be applied to the existing models which define the microparticle
space flux environment. The Kessler model (ref. 68) has several major downfalls.

1. It does not currently account for particles in elliptical orbits, which may total 20-30
times the amount currently trackable by USSPACECOM, and which pose a substantial
threat to satellites at much higher altitudes than 1000 km. The present assumption that
all debris orbits are purely circular automatically forbids any collision on either the
Space-end or the Earth-end. In reality, many orbits must be slightly elliptical (due to
random collisions and explosions). LDEF data demonstrates that such orbits exist
since several impacts of debris have been unambiguously identified on the Trail surface
(at least 15 percent of the total crater count).

Efforts are underway to update the Kessler model for debris to allow for inclusion of
noncircular debris orbits. The purpose is to allow assessment of the effects of elliptical
debris orbits on any other satellite orbit, since the present Kessler analysis does not
allow such facts to be determined. Results for a satellite in a different orbit, namely an
altitude of 1600 km and inclination of 60° reveal larger impact velocities of up to 8.5
km/s compare to impact velocities of 5.0 km/s for LDEF. Thus, high-inclination,
high-altitude orbits are most susceptible to debris.”

2. It cannot account for the highly dynamic nature of the debris environment which was
detected by the IDE (Interplanetary Dust Experiment) on LDEF. An alternate model
which will handle both the dynamics of the environment as well as the elliptical orbits
is in development at the Jet Propulsion Laboratory by Dr. Neal Divine.*

With regard to the natural environment of micrometeoroids, the biggest downfall concerns the
assumption that the particles are apparently geocentric. In reality, this will only be approximately
true for long lived missions; particularly those that include a large number of satellite orbits
together with a large number of precessions of the spacecraft orbital plane. Furthermore, it should
be noted that in attempting to correlate the observations on LDEF versus the model predictions for
the environment, the answers are sensitive to assumptions with regard to crater sizes versus particle
sizes.

Examination of the LDEF data reveals an interesting bias in the impact flux:*' the peak flux is
not symmetrically distributed about the ram direction in the plane parallel to the Earth's surface
(i.e., the two sides are not equal as expected). This effect cannot be readily explained for man-
made debris since the interception of a circular spacecraft orbit with a circular debris orbit must
‘necessarily involve two collisions per orbit (except for the rare condition of "kissing" orbits at
apogee or perigee). These two states symmetry about the ram axis, thereby causing the ram
direction to experience the greatest number of hits.
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One probable explanation lies with the micrometeoroids. In reality each interception of a
micrometeoroid orbit "tube" with the Earth always results in the flux being "one-sided" with respect
to the Earth's orbit. Either the flux is "inward bound" towards the Sun, or it is "outward bound"
from the Sun. Further, the flux appears to be monodirectional at the instant of interception. Thus,
the true "Earth-shielding" is really simple ecliptic geometric shadowing for LEO (i.e., not the
subtended solid angle of the Earth seen by the spacecraft). Thus, a spacecraft in LEO could be
shielded from the particles for almost a complete half orbit if the plane of its orbit is close to that of
the orbit of the mcirometeoroids. The result can be a bias such that one half of the spacecraft
experiences the impacts while the other half sees none. The half will include surfaces ranging from
the ram through space round to the trail, with one side receiving more impacts than the
corresponding other side, and the exact surfaces involved will depend on the local plane of the
spacecraft orbit relative to that of the mcirometeoroids. Note that the LDEF inclination of 28.5°
together with the Earth's axial tilt of 23.5° meant that, with orbital precession, the plane of LDEF's
orbit oscillated between 5° and 52° relative to the ecliptic. There were about 38 complete orbital
precessions during LDEF's lifetime (precession rate of about 6.5° per day) and about 32,000
complete orbits.

One of the main disagreements within the models, which is still being defined today using the
LDEF data and analysis, is the percentage of the environment which is cometary as compared to
asteroidal. This affects both the velocity distribution and the expected impact phenomena (i.e.,
cratering depth or penetration diameter) for the meteoroids.*> Another discrepancy within the
models is their assumption of the meteoroid environment's isotropic distribution. The LDEF
analysis was the first evidence that the total environment is non-isotropic and highly dynamic.
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2.3.7 Micrometeoroid and Debris Impact Damage Behavior
2.3.7.1 Penetration and Crater Formation

When a hypervelocity particle impacts a surface it either creates a crater or perforates the
surface (also referred to as the target). For targets that are thick relative to impactor sizes, craters
will be formed that generally have lips resulting from plastic flow to molten spatter. However, for
very thin targets, such as foils, which are much smaller than the impactor diameter, perforations
occur resulting in a hole only slightly larger than the impactor diameter. Secondary or collateral
damage can occur from the impactor remnants and the punched-out section. For high-velocity
impacts, both the target foil and the impactor are vaporized. However, for lower velocities, the
impactor and foil can remain molten or solid, and collateral damage is possible.

Large particles can penetrate through protective wall surfaces. With a relative impact velocity
of 10 km/s, a piece of aluminum debris which is ~0.7 mm in diameter can penetrate through a
typical 2.5 mm (1000 mil) thick aluminum satellite wall. During its 5.75 year exposure, LDEF saw
1 impact of this size per 7 m® of area exposed in the ram direction. In addition to this, LDEF
experienced ~1 impact/m’, on the ram-exposed surfaces, which could have penetrated a typical 1.5
mm (60 mil) thick aluminum electronics box wall.¥ While these impacts can be extremely
damaging to internal components, electronics, batteries, motors and mechanism, they are relatively
rare.

While particles greater than 1 mm can penetrate typical satellite skins and cause catastrophic
damage, the more common smaller particles mostly cause a gradual degradation of a satellite
surfaces, including thermal control paints, thermal blankets, coatings to provide protection against
atomic oxygen (AO) or ultraviolet light (UV), solar cells and optics. Many satellite surfaces
employ coatings which range from sub-micron (e.g., optics) to mils (e.g., thermal control, AO and
UV protection, and solar cell covers). At impact speeds of 5 - 20 km/s particles can penetrate
materials (either punching holes or causing craters with associated radial (star) cracks for brittle
materials), and can cause damage regions which are considerably larger than the incoming particle.
Consequently, the thermal paint coatings can be locally disrupted even by particles as small as 1 to
100 um, and the areal number density (hits per square meter) can easily exceed 1000/m? for a
multi-year mission. Hence, tens of thousands to even millions of these impacts may occur per
square meter of typical surfaces which are exposed throughout the mission lifetime of the satellite.
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2.2.7.2 Spallation

In addition to crater formation, surrounding areas can experience spallation, undercutting,
cracking or delamination of an attached layer. These damage effects can lead to reduced structural
strength, thermal and optical property degradation and erosion of underlying materials. Brittle
materials, such as glasses or ceramics, often have chonchoidal surface spalls and cracks, and may
have star cracks propagating radially from the crater. Layered targets, such as coated substrates,
often exhibit delamination around or near the crater. Averaging over all impacts, the ratio of crater
size to impactor size is about 5. For local spall regions, the spall radius to impactor radius ratio is
about 20. Star cracks, when formed, can extend outward over 100 times the impactor diameter.

For coatings, the shock waves from the impact can cause coatings to spall. The amount of
coating removed during impact is dependent upon the bond strength and type of coating. Impact
crater spall data are very limited, even on LDEF samples after almost 6 years in orbit. Since, most
flight samples were about 1 inch in diameter, a flux rate of 140 impact craters per year results in
only 0.07 impacts per year on a one inch disc. This explains why very few impacts occurred on the
experiment sample coatings. Of course large areas of LDEF such as silver Teflon, provided a large
database for determining spall or effective damage area. To obtain better spall data for the paint
coatings, including Z-93 (white ceramic binder type paint) and S13G/LO (white silicone binder type
paint), a series of hypervelocity impacts were performed by Auburn University.*

Typical spall to crater ratios for thermal control coatings derived from flight and ground tests
are summarized in Table 2-13. In general, spall-to-crater diameter ratio was greater for the LDEF
exposed sample material. Ground simulation impact spall for a S13G/LO coating comparéd
favorably to an impact on LDEF experiment M0003. In comparison, impacts on conversion
coatings such as chromic acid anodize (CAA) did not produce any apparent spall. An example is
the CAA sample from LDEF experiment S0069.

Table 2- 13. Spall Diameter to Crater Diameter Ratio

Coating Material Ratio of Spall to Crater Diameter
LDEF Flight Samples Ground Test Samples
S13G/LO 3 1.5t03.0
YB-71 4108 5t08
Z-93 na 55t08
Ag/FEP 2t06 na
CAA 1 1
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2.2.7.3 Penetration Analysis

To calculate the number of penetrating holes that a satellite surface can expect to experience
during a mission a design or damage equation is used that gives the ballistic limit for given target
thickness and impact parameters. The number of holes (punctures) is calculated by using the
following equation which was derived for single metal plates (thin plate formula):®*

t = 0.57m0-35250.167,,0.875 M
where t = threshold thickness for penetration (cm)
m = mass of projectile (g)
p=  density of projectile (g/cm3)
v = impact velocity of projectile (km/sec)

A puncture occurs whenever the threshold thickness for an impacting particle with given mass,
density and velocity exceeds the shielding thickness of the surface under consideration.

The ability of micrometeoroids to puncture single sheets of hard aluminum or stainless steel is
indicated in Figure 2-19.% The thicknesses are large (> 1 cm) for meteoroids of mass > 10-2 g
However, these total thicknesses can be reduced by up to a factor of 5 by using the bumper
concept. A single sheet of thickness >t/30 located a distance > 5t in front of a sheet of thickness >
/6 will stop the same particle that a single sheet of thickness t can. This concept requires that the
incident particle have a velocity of at least 3 km/sec, preferably > 5 km/sec. (Meteoroids have an
average velocity of ~20 km/sec near the Earth.)
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Figure 2- 19. Single Sheet Thicknesses of Al and SS Necessary to Stop Meteoroids
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The probability of sustaining a puncture by a micrometeoroid increases linearly with the
product of area and time. Figure 2-20 shows the probability of a single sheet of hard aluminum
being punctured in 10 years as functions of total project area and aluminum thickness (ref. Haffner
et al., 1989). To a first approximation, these curves are independent of altitude. Of course, the
puncture probabilities remain unchanged if the single sheet of aluminum (thickness t) is replaced by
two sheets of t/30 and t/6 (the bumper concept) provided the separation distance is at least 5t.
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Figure 2- 20. Aluminum Thickness to Limit Meteoroid Punctures
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The situation for debris objects is similar to that for micrometeoroids except for the altitude
dependence. The single-sheet thicknesses necessary to stop debris objects are comparable to those
to stop micrometeoroids of the same mass as shown in Figure 2-21 (ref. Haffner et al., 1989).
However, the meteoroid threat is present at all altitudes; the debris object threat is primarily located
at altitudes < 2000 km (with a small secondary threat near GEO).
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Figure 2- 21. Single Sheet Thicknesses to Stop Debris Objects
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Use of equation (I) for thermal blankets implies several approximations and uncertainties. This
equation was derived for normal impact directions. Impacts from both meteoroids and space debris
particles, however, will generally not occur under normal direction. In that case the velocity
entering into the equation can either be taken as the total impact velocity, assuming that over a
wide range of angles the penetration capability is independent of the impact angle, or the normal
component of the velocity can be used. The given equation is strictly valid only for aluminum.
Different procedures have been suggested to modify the equation or to derive an equivalent
thickness for materials other than metals and for compounds.®” The McDonnell equation for
perforation predictions, at least for symmetric Al/Al conditions is:

T =1.023dp"*(pp/pp) (o Ao ** 0" (I

where

T is the wall thickness (cm)

dp is the particle diameter (cm)

densities (p) refer to particle or target (g/cm’)

o values are the yield strengths of Al or the target (MPa), and
v is the normal impact speed (km/sec)
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2.3.8 Micrometeoroid and Debris Effects on Materials

Impact damage can degrade the performance of exposed spacecraft materials and, in some
cases, destroy a satellite's ability to perform or complete its mission. Large particles can penetrate
through protective wall surfaces. For example, with a relative impact velocity of 10 km/s, a piece
of aluminum debris which is ~0.7 mm in diameter can penetrate through a typical 2.5 mm (100 mil)
thick aluminum satellite wall. During its 5.75 year exposure, LDEF saw 1 impact of this size per 7
m? of area exposed in the ram direction. In addition to this, LDEF experienced ~1 impact/m’ on
the ram-exposed surfaces which could have penetrated a typical 1.5 mm (60 mil) thick aluminum
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